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FOREWORD

1 118 Symposium was primarily concerned with the fluid dynamic aspects of predicting
evod:aamic loads on aircraft and their external stores, and in particular those loads that
reswesent difficult design and operating problems. Emphasis was on theoretical and semi-
‘5,pirical methods for determining the level and distribution of the expected loading. and on
assessing and evaluating the accuracy of the predicted values through comparison with avail-
able experiinental data from windtunnels or from flight tests.

Four sessions were conducted. Experimental and Semi-Emplirical; External Stores and
Vortex Interactions; Calculation; Quasi-Steady Loads; and Transient or Fluctusting Loads.
Following the last session, a Round Table Discussion was conduct2d, led by session Chairmen,
in which all participants werc invited to comment. This is reported here, -

The Fluid Dynamics Panel expresses its appreciation to-the United States National

Jielegates to AGARD, who were the hosts for this Meeting, and aré grateful for the provision
of the facilities required to ensure a successful Mecting,
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EXAMPLES OF LOAD~-PREDICTION DIFFICULTIES
Ce Lo Bore
Hawker Siddeley Aviation Ltc., Kingston, Surrey, England.
SUMMARY

This paper discusses some aspects of load-prediction techniquea which still need improvement, in an
attempt to ocounter-balance the success stories that are ususlly the main subject of symposia.

INTRODUCTION

It is human nature to be proud of one's positive achievements, and this pride has often spurred people
to accomplishments far beyond their nominal duties. We will hear of some such feats in this symposium,
in relation to load prediction. 8o it happens that we become accustomed to hear parades of triumphe,
which may leave some of us wondering if there is any scope left to devise one more triumph (even a little
one?) before the field is completely worked out. Perhaps this paper may bring some solace in this respect!

However, although vanity is a tremendous incentive to worthy achievements (and consequently it is a
substantial virtue) the engineers in charge of industrial enterprises should not regard glamorous challenges
as the "raison d'@ire" of industry. Some glamorous challenges may not be worthwhile, and some worthwhile
challenges may not he glamorous. So it can be useful, occasionally, to consider afresh the "aim of the
game' and list the more prominent difficulties hindering econvuicsl achievement of the aims, so that we may
devise ways round or thrcugh those difficulties. That is the main aim of this paper. With typical modesty,
I will claim no responsibility for the troublaes discussed.

LOAD PREDICTION
Reasons

There are basic Ly three ressons for predicting the loads on airoraft.

1. Performance :

To design so that the airoraft will carry its required pay load over the specified range in given time.
Few loads in this category csuse much trouble, and in any case drag and 1ift are topics best dealt with
in their own right.

2 n!ig g&litt.‘ 14

To ensure that the manoeuvrability shali be satisfactory at all relevant conditions. In this category
the loads arising from undesanded manceuvres (such as wing rocking, nose slice and other departures)
are difficult to predict, and fin loads can be particularly troublesome.

3. Structural Integrity

To ensure that the structure of the airframe will stay intact until the scheduled servicing. In this
category trouble arises froa problems of predicting the distribution of pressure, and the magnitude and
frequancy of repeated or fluctuating loads.

Underlying all these technical objectives is the fundamental economic aim of producinyg an adequate
airoraft at the least cost. Because modifications rapidly rocket in expense as the menufacturing programme
proceeds, it generally follows that the best astage to predict loads i{s the earliest.

DIFFICULT CASES

Ae nl!u g&iti'!

Most of the problems in this category arise from either post-buffet manoeuv:as, ifocal boundary-layer
separations, from transient manoeuvres, or from the difficulties of predicting in loads.

1. Post-buffet manceuvres

Buffeting is usually associated with fluctuating separation of the wing bcundary layer, over a
substantial area. The pressure fluctuates snd consequently fluctuating forcus are experienced, super-
imposed on the time-average load, and thereby posing fatigue problems. If the forces are not aymmetrical,
then wing rocking motions or yawing motions may develop, which can generate w.tisymmetrical tailplane lozds
and fin loads vhich, in some cases, are not predictable even with knowledge of the uction and the quasi-~
steady aerodynamic coefficients.

}

It seens likely that the unsteady boundary-laysr separations generate unsteady wake flow fields which
substantially affect the tail (as well as the wing). It is know. that in some cases (e.g. refs. 1,
2, 3) the conditions under which rocking ocourred, and the magnitude of the motion in flight, correlated
with the fluctuating rolling moments measured {at constant Mach number and incidence) on a wind-tunnel
model of normal stiffness (see figs. 1, 2). Thus it is clear that such rolling moments are not a
consequence 0f the motion of the airoraft, but must be regarded as fluctuating forces that cause the

smotions Such cases have been experienced in what would otheruise be the light-buffet to medium-buffet
band.

BRI B o S
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On the other hand, when the wing flow is largely separated at high incidence, it is possible for
coupled rolling and yawing motions (Dutch roll) to build up, which are explainable in terms of the
stability coefficients. More ressarch is needed on the former type of undemanded manoeuvre.

In some places on the wing, the pressure fluctuations due to flow separation can cause¢ major
fluctuations in the loads on such components as flaps and ailerons with their actuator rods, and even
outer wing panels and rear spar reaction lugs. The flap loads are less easily predicted in ‘8‘3
familiar circumstances, such as intermediate positions ( on civil aircraft) or when lowered 10° or 15°
for high-speed manoeuvring (on fighters). The fatiguc damage is usually associated with large numbers
of moderate loads (which may cccur typically at frequencies from 10 to 50 Hertz).

Manoeurres not readily predicted in number or magnitude

The number and magnitude of loads can be specified plausibly by estimating the proportions of
various types of sortie expected ~ but the differences of fatigue load spectrum thus predicted can be
quite substantial (fig. 3). Even if the spectrum of sorties and manceuvres is predicted correctly,

some of the uncertainties discusseu previously still remain t fluctuating loads during buffet, fluctuat.ag
centre of pressure and so on.

‘g’ Reached or Exceeded

relative fin
9 I I fatigue damage/hour * 6

= Sl |Awrcraft U (GA]
7 — \Yk ; - *
6 \/\. ~. ' L&l:craft A (G.A.) ,
Aircraft H (TS AN 4
5 IR 4
4 S
Aircraft G (TY RN 4
3 y
2 \\\
NN
1 - e
¢ ) ~ —/"’;ﬁé : a 6 Training
—, . - - < <
S — p -
vy .
i 0 C‘o'unt Per H;ur 1 100 Fig. 4.  Rolative fatigue damage to fin
according to formation duty

and two trainers.

Hewever, there sre furthor problems, even for specified manceuvres. In rapid pull-ups, for example,
the transient tailplane load is not well-defined, and in rapid pull-ups into buffet, it is auspected that
the maximn time-average load may exceed the value given by the downward-curving lift-curve (which
correaponds, of course, with the established time-average load).

Fin loads can be very uncertain for various reasons. Since my firm first started developing and
fitting fatigue-life gauges (4, 5 ) it has been shown that different aircraft of given type on ths
same squadron cen suffer very different fatigue loading.  On the famous "Red Arrows" formation team
of Gnats, for example, it waas found-that the aircraft "in the box'" of the formation suffered much more
fatigue loading of the fin (fig. 4}. - In another case. it was found that fatigue failure of a fin was
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accurately explained by the heavy-footed rudder control of a particular pilot ! But it is one matter
to explain a failure sfter it has happened, and quite a different matter to predict the whole spectrum
of loads at the drawing-board stage ! Nevertheless, systematic measuring of leads in flight should
be part of a programme to achieve a better capability of prediction.

The difficulties of predicting fin loads do not end there, for if themodel fuselage is distorted
to accommodate a sting mounting, the flow over the rear fuselage can be so distorted that the measured
fin effectiveneas bears little resemblance to flight values, and rudders are rarely tested in the tunnel.
Furthermore, boundary layer separations arising from the fuselage or fuselage-mounted sir intakes may
not be representative, and any jet-efflux effects may not be represented properly on the wind-tunnel
modsl. Moreover, it was remarked earlier that in some undemanded wing-rook msnoeuvres, even full
knowledge of the motion of the aircraft and the quasi-steady derivatives did not afford an adequate
link between caloulation and flight test.

Structural Integrity

Store Loads

We will hear later on about some fine and painstaking work on how to predict the loads on external
stores, but in the U.K. at present the feeling is that any large store of unusual shape needs specinl
high-speed wind-tunnel tests. Remarkably large differences of load have occurred for given stores carried
on apparently rather similar aircraft (fig. S5). How much of these differences are due to fundamental
differences and how much due to details and tunnel techniques is open to speculation.

Cy
Cn m

Harrier \ .

« Bucceneer

Buccaneer
Al g

Harrier

\

\Phantom

(A) . \ {c

7
Fig 6.  Store loads for one guided weapon with respect: @ nnderwing pylon, \
on different swept-wing aircraft. M = 0.956 \

Similarly, in arrays of closely-spaced stores, the loads ariaing on stores at different positions
can be substantislly affscted by interferences (fig: 6).

Sometimes the supercritical flow that develops at the back of large stores under wings has induced
strong shock-waves and boundary~layer separations on the lower surface of the wing, that have caused
skin cracking on the ailerons. The concave undersurfaces now contemplated for wings with substantial
rear loading may ro-awaken this prodlem.

In one case, the nose of a twin-store carrier bent in high-speed flight, partly because it deflected
under load and thus became even more heavily loaded.
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Proximity of Jets

Jet effluxes passing close to tailplanes can cause both stability changes and large unsteady forces,
and similarly fins on stores can be affected. If the efflux passes very close to fuselage or other
skin panels it is possible to get cracking of the skins under the intense pressure fluctuations.

Panel or Bay Venting

In & number of circumstances, the effective structural pressure losding depends on the level of
pressure that pertains to the "back" of the panel skin. Often, that pressure arises as an intermediate
pressure consequent upon all the various leakage flows into and out of the bay concerned, and clearly this
may be transient with a substantial time constant. It is possible to provide a vent deliberately placed
to minimise the loading, but the problem of transient conditions remains. Next, a major problem
involving bay volume venting and internal flow aerodynamics will be described.

Air Intake Surge Loading (Concorde Example).

Engine surge causes strong pressure waves to travel up the air intake ducts, which act to slam any
suxiliary intake doors forcefully, and which can impose major transient loads on the main structure of
the duct and on such components as variable - angle inlet ramps. Indeed, in the case of Concorde it
was the surge loadings which dictated the design of the auxiliary inlets as single thick vanes with
dampers, rather than the more efficient multiple-vane design.

The case described (ref. 6) preoccupied the Concorde asrodynamics/structures departments over the
decade 1963-73, and involved highly instrumented flight testing of prototype and preproduction aircraft
and the flying engine testbed, in addition to full scale ground tests and various small scale mcdel
tests. No pre-existing methods were able to predict the severity of the transient loads eventually
measured in flight.

The air intake structure for Concorde (fig. 7) had to be defined well in advance of reliable engine
surge data for the correct engine, and at that stage it was necessary to rely on a little data produced
by overfueling an earlier Olympus engine, on the Vulcan Ilying test-bed. The scarcity of data and
inadequate understanding at that time led to a significant underestimate of the surge pressure pulse,
which was remedied when full scale engine tests in the NGTE Cell 4 and flight test data became available.

Fig. 7. Twin air intakes of Concorde,

showing front ramps,
and auxilary inlet doors (6).
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Fig. 8.  Instrumentation in Concorde intakes, for surge Inading investigation.

An smpirical relationship was eventually derived for the flight engines which may be useful for
other straight jets but which, it is felt, may not be appropriate for bypass engines (fig. 9). Perhaps
some pooling of information from various sources would contribute to a wider solution of the tasic problem.

The first attempt to underatand the propagation of the surge pulse used a one-tenth scale model with
a cyclic valve. This valve matched the engine surge pulse in terms of waveform and frequency, but it
was incapable of producing more than 100% flow stcppage - whereas a surging engine produces substantial
reversal of the flow. Consequently the results from these tests needed interpretation to full-scale,
and the predictions were sometimes optimistic. About two years later, the results of full-scale eangine
tests, in Cell 4b, became available (only a year before prototype flying) and even these did not reveal
the whole story that was subsequently found by prototype flight testing.

During flight 122 of the prototype, the No. 4 engine lost its forward intake ramp as a result of a
high-power interactive surge st Mach 2.0. The immediate cause of this surge was understood : it was
asgociated with a transient overspeeding of the No. 3 engine when reheat was cancelled, causing this
engine to surge - and the merodynamic interaction in turn caused No. 4 engine to surge.

Careful examination of the damage and the flight recordings of pressure, strain and ramp position
revealed the precise sequence of failure. There was nothing new about the initial surge : the new
and hitherto unsuspected factor was the possibility that interaction effects could lead to differential
pressures on the front ramps significantly higher than had been measured on tests of isolated intakes.
The conssquence of that experience was an intensive series of flight tests during which surges were
deliberately irnduced at high Mach number and power, while the intake loads were measured in great detail
(fig. 8). In retroaspect, it is possible to isolate the interactive effect for Concorde, but it remains
unclear how such effects could be predicted at an early stage for other aircraft.
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Figp 8. Correlation of pesk praseure in surge against campretser prasture ratie, for Olympus engine (Ref. ).

Simple theoretical solutions were used as part of the design process, but they were found to be
unreliable in predicting the peak pressure loadings in at east three key areas : the pressure acting
in the ramp void, which largely determines the link loadsj the transient loads imposed on the ramps,
and thue loads tending to slam the auxiliary inlet doors during low-speed surges. With current knowledge
it is believed possible to obtain useful solutions asing time-iependent finite-volume methods, and such
methods are under development at Filton.
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CONCLUDING REMARKS

This interactive engine surge example of a load-prediction difficulty serves to illustrate how a novel
design feature may cause major new load-prediction problems, and entail a great deal of expense if the
methods available at the drawing-board astage prove to be inadequate.

Of the problems discussed earlier, many involve transient loadings and many repetitions of loading.
Loads due to pressure fluctuations under separated boundary-layer conditions are difficult, and so are the
loads arisirg from uncommanded manoeuvres. Other cases which are difficult to predict include those where
the control actions of pilots dominate the fatigue load spectrum, and various aspects of fin loads.

It is homed that these discussions will help to reassure aerodynamic. researchers that there is still
work to be dune in this field, deapite all the triumphs we shall hear about in the next few days.

I wish -~ thank my colleagues in the U.K. aircraft industry for their helpful suggestions, notably
T. W. Prown (of B.A.C. Filton) for the Concorde surge problem, - and also S. F. Stapleton, E. J. Dalley,

A. Peacock, and J. W. H. Thomas {of three different H.S.A. design teams); and Mike Salisbury of B.A.C.
Weybridge.
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SECTIONAL LOADS TECHNIQUE
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SUMMARY

During the development of the VSTOL Fighter VAK 191 B wind tunnel measurements were carried out on some different forward
fuselage configurations.

o oa g

In comparison with the wing alone charactenistic the configuration presented a very favorable wing-body interference effect. Most
of this effect was lost with a shorter forward fuselage.

e
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These results finally led to the invention of the Sectioral Load Medei Technique described in part 1 of this paper, since the
well known technique of pressure distribution measurement technmique was too expensive for tests on various configurations. With
this technique the aerodynamic loads of nearlyarbitrarily split sections of the model are measured separately by means of strain gage
balances.

This technique proved very effective in several test programs because the loads on several exchangeable parts could be measured
directly together with the total aerodynamic forces on the model in the wind tunnel.

The following configurations have been tested:

®  Original VAK 191 B configuration

B SERAAR Y TR X s Sy

e  Derivatives of VAK 191 B forward fuselage configuration

g%

~  forward fuselage of less width

— short forward fuselage

ARSI

® VAK 191 B fuselage with a larger wing in three different longitudinal positions and additional small forward fuselage strakes

’

®  Schematic model of fighter configuration with large wing and strake

Ve WA

In all cases the Sectional Load Model Technique allowed the evaluation of load distribution along the fuselage and detailed
information on the wing body interference.

In the case of the original VAK 191 B configuration it was found that the wing induces a strong additional lift on the fuselage. It
mainly acts on its central part and is insensitive to the configuration of the forward fuselage.

A much larger additional lift is induced by the fuselage cn the wing and this lift is very sensitive to the forward fuselage length and
3 width. The non-linearity of the fuselage-alone lift indicates the existence of fuselage generated vortices which are responsible
for the favorable fuselage-wing interference.

it is well known that the advantageous lift characteristics of strake confi;:r~> _..~ {'ike the YF 16 2.g.) are the results of strong
A vortices generated by the strake leading edge. A sectional load test was carried out on such a model. Heretn the strake was mounted
on a separate internal balance, making an exceptionally detailed analysis of the body-strake-wing load interference possible.

It is shown that the interference mechanism of the strake configuration is not unsimilar to the behavior of the VAK 191 8
configuration generated by its forward fuselage with intakes at the fuselage sides and that in this sense the VAK cenfiguration is a
forerunner of the modaern strake configuration

* Dipl.-Ing., Aerodynamics Department
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NOTATION
Symbols: Subscripts
A m? area L free stream conditions
b m span i internal
E kg/mm2 module of elasticity B body
f mm bending of a balance beam w wing
p kg/m? static pressure (B) in presence of the bodv
q kg/m? dynamic pressure (W) in presence of the wing
D kg drag 81,82...85 body sections
L kg lift St strake
1] kg m pitching moment
N kg normal force
T kg axial force
@ ° angle of attack
Coefficie its:
Cp.cp drag coefficient (total, sectional) CLgy Clga(w) - sectional loads
CL.cL lift coefficient My Mgy * - - { {model parts)
CM. M pitching moment coefficient

A CLB(W) e {  overall interferences
CN. CN normal force coefficient {

A CMW(B) een (total model}
Cr.er axial force coefficient

A CLgaw) - sectional interferences
CL. CLB(W) e overall loads

A Mwig) - {model parts)
CM. CMyg) - - {total model} '

Part 1: TEST TECHNIQUE

1.1 INTRODUCTION

In the early sixties the VAK 191 B was designed as a part of the VTOL/VSTOL activities in Europe (FIG 1). The VAK 191 Bisa
transonic fighter of the lift-lift/cruise category (2 lift engines and 1 lift/cruise engine), fitted with a high-wing of small aspect ratio,
thin profile section, targe sweep and large wing load.

It is commonly known that for this wing arrangement the profile does not play a significant part; in this case the flow is for the most
determined by the planform. The influence of the slender wing planform does, however, include the influence of the fuselage on
maximum lift, This influence increases the smaller the wing span is in comparison to fuselage width and the larger the fuselage is in
comparison to the wing chord. The addition of the lift on the wing alone and the lift on the fuselage nowhere nearly yields the lift
actually measured for the wing-fuselage combination with large angels of attack. This means that strong lift interference forces must
still be active.

The conventional method used for an analysis of the interference influences of the individual aircraft components is the pressure
distribution measuring technique. The obvious advantage of this method is that the pressure at each point is known. The high costs
for the model, the small variation potential, the necessary density of the measuring points and the extremely large accumulation of
test data are on the other hand negative aspects. Furthermore, the pressure data must be reduced and integrated for valuation of the
final test result,

A new experimental technique which we call the “Sectional Loads Technique” was introduced to reduce the extent of these
disadvantages (FIG 2).

The basic principle of this method is that individual sections are assembled to form that structural member which is to be examined,
e.g. the fuselage. These sections are independently supported on a central beam via internal strain gage balances. Therefore the
aerodynamic loads on these sections can be measured separately. The overall loads are synchronously measured by the external wind
tunnel balance via the central beam to which e.g. the wing and tail planes can also be connected. (FIG 3}
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The particular advantage of this test method s the direct measurement of integral loads on easily exchangeable, preselected parts.

One disadvantage of the Sectional Loads Technique right be that minute gaps are required between the components so as not to
disturb the contour and air flow course, although more flexible balances would be of vaiue to have more sensitive balances.

Unfortunately, a higher flexibility effects larger gaps between the parts. Furthermore, an air {low separation, in particular at the tail
section, can cause the associated part to oscillate. These oscillations have to be damped, separately. Finally, the pressure which is
actir g in the interior of the model due to the gaps must be measured and used for corrections.

The procedure of the Sectional Loads Technique as described above, has in the meantime been successfuily apphied 1n various stages
of extension on various model configurations. The initial breakdown of the basic fuselage of the VAK into five sectiuns with five
strain gage balances, each containing the three components. normal force, pitching moment and axial force, has in the course of time
been extended and altered as follows: four fuselage sections on four balances each with five components. norma: force, pitching

moment, axial force, side force and yawing moment — as well as a separate pair of strakes on a special four component strain gage
balance (without axial force).

fhe largely universal design of the model skeleton and of the strain gage balance ensure that this test technique can be easily applied.
The contour shells of the selected structural members of the model can be relatively easily manufactured, modified and measured.

There 1s also enough space for the ducting lines of boundary layer control, span-wise blowing, engine realization etc. 1n the hollow
interior of the model fuselage.

1.2 CONCEPT

Extremely large interferences were szen to occur between the fuselage and the wing of the VAK 191 B, and this gave rise to the wish
for a more detailed analysss of the flow mechanism. Modifications on the forward fuselage section were to serve as geometrical aids in
changing the length/width ratio of the forward fuselage; the slender wing, however, staying the same. An :nvestigation of the
aerodynamic loads on these exchangeable fuselage segments seemed to be an obvious way. The concept led to the following model
design: A model skeleton is connected to the external wind tunnel balance by means of a conventional wire suspension 1n wing tips
and fuselage nose. The skeleton consists of a wing spar and a rigid fuselage longeron. The almost arbitrarily split components — such

as the fuselage “slices”, wing sections, strakes, fail surfaces and external loads — are then individually connected to the skeleton via
separate strain gage baiances.

The model set-up as described hei > and the measuring equipment with internal and external balances are used to establish the
interference pattern taking the wing-.-dy lift coefficients as an example (FIG 4). For other forces and moments and for configura-
tions with tails, strakes and external lo. ‘= the interference pattern would be similar, of course.

The three most important interferences:

ACL =CLywg ~ CLy * CLg!
ACLgw) =CLgw) ~CLp
ACLyp) = CLwie) ~ CLw

are pictured as they are obtained, taking the differences of the test results. The same procedure applied for determination of the total
loads at the fuselage can also be applied for individual fuselage sections, as the foliowing discussion of the test resuits will show.

1.3 REALIZATION

We started the application of the SECTIONAL LOADS TECHNIQUE on a 1/10 scale model of the VAK 181 B, designed for the
VFW-Fokker low speed wind tunnel (max. velocity 70 m/sec, test section 2.1 m x 2.1 m). The fuselage of the model was divided into
five sections and the exchangeable wing attachad directly to the model skeleton. (FIG 5)

With consideration for the proposed modifications, the breakdown of the fuselage was such that the fuselage could ve shortened by
removing section B2 from the basic configuration and tha fuselage width reduced in the region of the LCE inlet ducts by exchanging
the fuselage shells B1, B2 and B3. Thus the wing-body combination was realized by varying width and length of the forward fuselage
but leaving the wing unchanged, for the first test phase. In a subsequent test prcgram a second wing with smaller loading and

sweepback was mounted to the basic model fuselage and tested in three longitudinal positions. A comparison of the geumetricai
mode! wing data is given in the table below.

Wing ] 1]

LE sweep 450 300
span 0.636 m 0.794 m
area 0.125 m2 0.179 m2
aspect ratio 23 35

taper ratio 0.346 0.342
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In both these test phases the installed strain gage balances (FIG 6) were manufactured from a steel alloy. They comprise & balance
untt for the normal force N and the pitching moment M and anather urut for the axsal force T. Single-beam balances are used for the
N/M system within the limits

Nrmax = 5kg

Mmax = 0.125kgm.

Oniy the fuselage tail section B5 is provided with a double-heam N/M unit vhich is less sensitive to torsional osciflations. This balaice
systemn s dimensioned for

Npax = 10 kg
Mmax = 0.25kgm
The axiai force balance units are all of the double-beam type with

Tmax = 2kg

The surface of cut between two adjoining fuselage .ections must be provided with gaps to prevent contact. The size of the gaps
must, however, no: be iarger than required for the static deflection of the loaded strain gage batances. Preceding investigations
have shown that these gaps range between ! and 2 mm. The comparison of the cverall force measurement with the sum of the
partial loads gives a rehiable possibility to check the gap influence. It was found out that no noticeable measuring errors occur at
a horizontal gap width up to 2 mm and a vertical step gap up to nearly 1 mm for the model size discussed here. (The vertical step
between adjoining sections is the resuit of the flexibility of the balances loaded with 2 homugenous pitching moment.) If, however,
the vartical step excecds approximately 1 mm it wili no longer be within the local boundary layer thickness, a disturbance flow
develops which tr-es to counter rotate the associated sections and thus leads to a non-correctable fault. The gap between adjoining
sections has another effect apart from the possible geometrical disturbance of the outer flow: a pressure py 1s formed in the hoilow
interior of the model which can differ from the arnbient pressure p_,. Depending on the shape of the individual sections, additional
forces act on the fuselage sections. in particular on nose and cear secdons. These additional forces are also measured by means of the
associated baiances. The halance output signal therefore h- < 1o be corrected by subtraction of the pressure load Ap; x AA. The
interior prassure p, 1s determined by prassure holes 1n several small pipes inside of the mode!. [f these measuring points indicate
different pressures it (s obvious that an ar flow exists in the hollow mode! fuselage. This especially arises when the gaps between the
sections are too big or the local pressures at the yaps differ very much. In this untfavorable case the included error in measurement can
not be corvected, and therefore one has to try to avord this "air passage’’ by means of labyrinth seals at the yaps or something else.

It has been mentioned that the optimum gap width must account for the static deflection of the loaded balances, only. Dynamic
defiections, as they occaswonally occur when measurements of this kind are made, must be avoided, generally. We encountered
just these difficulties at the fuselage ta:l section of the VAK model during the first application of the sectional loads technique.
The excitation caused by the periodicity of the separating boundary layer at the fuseiage ta:dl section as welt as the
natural trequencies of the mass spring system adjacent to the excitation frequency resuited in a strong vibration, which at first was
limited only by the impact of the tai sectron against tie neighboring part. This vibration tendency then was totally eliminated
by installing a simple mechanicat oif damper at the largest possible lever arm. After that all four and five-component balances
were equipped with oil dempers. Only the nose section balance was not provided with an 0if damper since tests have shown that
there is no excitatton whick might cauce vibrations here.

The model shown in FI1G 7 has a symmetrica! fuselage, because this makes comparative analyticar calculations easter and a useful
experimental variation of wing high position possible. The orincipal data ot the wing Il are.

L.E sweep 320
aspect ratio 3.20
taper ratio 0.3

This wing can also be provided with a pair of strekes, which is individually mounted on a {our-component strain gage balance.

These new four- and five-component balances are manufactured from a copper-beryllium alloy “Cu Be 2. A comparison of the most
important characteristics

®  moduius of elasticity

®  mechining properties

®  weldabiiity (electron beam welding}
¢ heat treatment

®  hysteresis and

®  recistance to corrosion

proved this spring material most suitable.




iy

p—

2-5

The tower modutus of elasticaty of "Cu Be 2" in comparison with steei 1s tavorable iiv this case. 1f the cross-section of o cantiever

beam s not limited by & maximum balance diameter requirement, under the assumptien of fixed toad, fength and sensitivity the
stiffest batance will be the balance whose material has the smailest modulus of elasticity:

t = const.x £1/3

Of course, the batance with the highest modulus of elasticity then will be the stiffest batance when the cross-sections are fred

f = const, x £~1
The modulus E of "Cu Be 2” s anly approximately 65 % of that of steel alloys and therefure in the case of selectable cross-sectiens
the deflection of the "Cu Be 2" is only about 86 % 0f the steel balance deflection, that means the material “'Cu Be 2' 15 more

favorable with respect to the gaps between the sections which cannot be awsided, Aithough the modulus of elasticity of

aluminium or titanium alloys would be gven mote favorable, sorne ¢t the other charactesistics, such as weldab:ity and hyste-
rests are comparatively poor.

7.4 CONCLUSIONS

Apptlication of the Seciional Loads Technigue to wind tunnel models provides both the overall asrodynammc (oads acting on the
mode! and the integral partial loads on those structural componeots of the airplane which are of particulas interest. These compo-

nents can be exchanged with relative ease, The design of an aircraft and its components can he optismzed by this method and through
’ proper layout of the sections.

Tests conducted up to now have shown that

copper beryilium alloy is the most suitabls material for the strain gage balances

all the balances should be of the six-compsonent type, so that the partial fouds can be totally transformed m the aerodynamic
system of coordinates

- simple hydraulic dampers are quite sutficient to avoid vibrations

the gap width between sections can be 1 to 2 mm without disturbing the air flow and the results

LT AR, SR

~ the step height of the gap under load must not exceed about 1 mm for the size of mode!

pressure measurements in the interior modei are required for watching the air flow passage and for correcting the partial loads
depending on pressure.

Capmtet

After the initial difticu!ties were overcome the Sectional Loads Technique hag all in ali proved t yield a very good efficiercy due to
the expenditure of cost.
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Part 2 TEST RESULTS
2 1 VAK 191 B CONFIGURATION

The VAK 191 8 5 a VTOL Ground Attack Fighter, of which three protutypas have been buslt 106 ibght tested taue FIG 1) 1 haso
smatl tow aspect ratio wing with 45 degrees leadiiig edge sweep

The aeradynanmuic charactenstics of this configuration witt ts ariginal fuseiage configu. 2t Huselage contour "A" 1 are shewn i
FIG8 Compared w'th the clesn wing lift {Cyy the wing bady Lombination doveteps inuch mote bt above 167 angle of attack At
"irge angles oi attack the bft increment s larger than the | ft of the bady alure (L} gl 5o there must be o pusibive wing body it inter.
terence

The it curve of the body alone shows a nontinear increase beginung ot 1.2¢ incidence comt neg with ¢ reductun of the ynstabie
moment The reason for this behavior may be a vortey separation at the fusclage sdes At the same gngle of atteck the hinear hit
curve slope of the wing body suddenly decreases The influence of the bodv vortiwes o the beheviar oF thy wing-body comtznat:on s
thus cbvious

In subsequent investigations of VAK derivatives with shorter and smatier forward fuseiges tne tavurab.e wing bogy bft it clerence
was lost and this finslly gave rise 1o the development of the test technmique described in part 1 of thys papar

The results of this test technique for the onginal VAK 191 B contiguration are shown i FIG 8. This f.gure sh ws the Itft increments
induced cn the body and the wing due to the presence of the wing ang the body respectively The wing-budy interference
AN CLB(W)- increment on body !ift due to presence of the wing) shows an almast unear increase with angle of attack. The hody-wing
interference shows a steep decrease with angle of 1ttack Above 122 angle of attack the sivpe changes ang becomes positive, abuve
279 angle of attack there s a positve body wing i-terference. The sum of both interference eifects A C|_ has 2 negative slope at low
angies of attack. The interference becomes pusitive at 220 and reaches large positive vatues at hgh sngies of attack,

FIG 10 shows the local i:ft on five parts of the fuseirye The measurement was carried out with the fuseiage sione and with the
fuselage in presence of the wing. The difference berweeo the two curves is therefore the influence of the wing on tna fuseiage parts

Without the wing the main Iift acts on the front gart of the fuselage. The nonlinear behavior 6f the fuselaye totar ift Isee FIG &)
above 12 degrees 15 obviously produced by the third and the fourth section. At this location the vortea separates at the fuselage
fianks.

The main lift increment due to presence of the wing cccurs at the wing location, €.9. at the fourth sect:on anc at the sections in front
of and behind the wing,

2.2 FORWARD FUSELAGE VARIATIONS

As already mentioned above, the favorable Iift behavior of the wing-body combination was lost, when shorier and more slender
forward fusetages were tested during VAK-derivative studies. FIG 11 shows a comparison of the interference behavior of three
different forwerd fuselage combinations.

At angles of astock below 740 the fuselage has ro nfluence on the lift curve. At mgh apgles of atiack tne lift of the slender
fuselage cori‘iguration s shightly fower than the basic configuration hift. The lift of tie sharter configuration is much iower, there
15 almost no poutive interference effect. d

The bottom diagram v FIG 11 shows the interference effects, The wing-body interference 1s not affected by the different fuselage
configurations. The bodv-wing interference is largely affected at angles of attack larger than 20 degrees.

The large infiuence of the forward fuselage contour on the body-wing interference indicaies the imporiance of the vortex geveiop
ment at the fuselage flanks for the lift increment on the wing. Obwiousty the large fuselage side-mounted intakes of the basic
VAK 191 B configuration promote the vortex development. On the other hand the forward fuselage must have a certain length for
this vortex development as shown by the poor resuit of the short fuselage.

2.3 WING PLANFORM VARIATIONS

During further VAK 191 B derivative development configurations with larger wings were nvestigated. FIG 5 shows such a configura-
tion, designated configuration 1l in thic paper Fuseiage and fuselage variations A, B and C are the same as in the origina! VAK
configuraticn 1,

The influence of the forward fuselage tength on lift and lift interference 1s shown in FIG 12. By comparisen with #IG 111t 1s abvious
that the effects are simlar to the effects of the sriall wing, but the total interference as well as the wing-body and body-wing
interferences are much smaller. The large wing more or less suppresses the interference effects. This becomes even more evident by a
direct comparison of the large and the small wing both with fuselage A”". FIG 13 shows that:

~  The small wing has -~ due to its farger e sdirig edge sweep and its lower aspect ratio — a higher C_max and a higher ¢Cy max.
-~ The totat 1ft intei ference of the small wing-body configuration is much larger at angles of attack larger than 24 degrees.
- Even in terms of absolute force the intzrference effect of the body on the wing 1s much smaller in the case of the larger wing.

This 15 demonstrated in the bottom diacram of FIG 13 by a recalculation of the bady-wing interference ACLyyg; for the large
ving with the small wing reference area, see dotted line.
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24 STRAKE CONFIGURATION

The fo-mer partial load tests with VAK derivatives described above cigarly showed the possibility of mcreasing the 1t of small aspect
ratic swept wings by vortex ssparation at the fuselage flanks. Extreriely stable voriices are produced at the leading edges of highly
swept wings This e to the deveicpment of the “strake’’-configuraticn witich is realized e.g. 1n the F 16

To obtain a deeper understanding of the interferencs mechanism «nd the optimisation possibitities of thiz configuration, a partisi
load wind tunnel modsi was tested The dimensions are given in FIC 7 {n this model the fuselage wds cut into four paris as indicated
i FIG 15, and tha strake was mounted on a separdte strain gage talange, The necessary cut between wing and strake was sealed as
good as possible.

The overali interference effects of this configuration are shown i FIG 14, The wnterference effect of the wing body contiguration
is onlv moderate as was 10 be cxpected with the size of the wing ang the fuselage cross section. The behavior 1s very simtlar to
that of the lsrgs wing-VAK fuselage cominination, ses FIG 13 The addition of the strake largely increases the overall ift at angles
ot attack farger than 129, At 4 = 240 the increase i jift due k. the strake s AC = 0,37,

Approvimately 8 % of this increase are wduced by the sirake on tha fuselage. The mawn contribution, about 54 % 1s induced on the
wing. Abnut 38 % of the Gt incremient ect directly on the exnosed strake arga

The VAX 101 8 fuselsge with Its cund flank intakes needs greater angles of :ncidence for the development Of vortices at the
fuselage sides than the sharp leading edge of a strake. St the posttivé strake-wing interference becomes evident at o = 12 - 14¢
alresdy. while the VAK 187 B fussiage needs more than 74 degrees of ncidence to develop its fuli interference effect on the wing.
This difterence can be seen by comparison of the botiom diagrams in FiG 13 and FIG 14,

The distridution of iift on the four fuselage segments and on the exposed strake area is shewn in FiG 15 In the diagram partiai iifts
and moments are plotted for fuselage alone, fuselage 10 presence of wing and fuselage 1n presence of wing and strake. The behavior of
the fusslage 8lons 15 not unsimilar to that of the VAK 197 B fuselage. The interference effect of the wing on the fuselage aiso
concentrates on the wing intersection part of the fu.elage and to a smatler extent on the fusefage part in front of the wing.

The pasitive interferenca effect of the strake o, the fuselage concentrates on tne strake intersect:on part of the fuselage. A further
small sdditional {ift is induced on the front fuseiage,

QO the wing intersection part of the fuselsge the strake induces a Iift decrement, which in its trend corresponds exactly to the hift
incremant on the wing due 10 the straka (see Fig. 14, difference between the cyrves ACL (g) and ACLy (g St))‘ This leads to the
conclusion thet i paratlel to the hft increass due 10 the strake the bift distnbution is shifted towards the outboard part of the wing
pan,

The far right dagram in FIG 18 dhaws the 1ift {orce on the exposad strake area, which contributes about 38 % to the total strake

effect Thas exposed strake area s heaviiy loaded, which 15 demonstrated by a recalculation of the hift coefficient with the exposed

ftrake ares as o reference area {see the scule CL‘S‘ on the right side of this dragram!). The maxamum fif: coefficient reaches 1,95 at
50

o =287,

A generai 1mpression of the strahe infivence is given in FIG 16, in which the rolative hft 1s plotted against angle of attack The
reference hift is the fift of the clean wing and s et to unity for all angles of attack “All the values correspond very wsall wath the
stenger bedy theory below a = 87, if the fuseiage width iz used as fuselage diameter for +his theory.

The hatched areas epresent the strake influenice on the body and the wing respectively, Together with the direct strake hit they give
the totai strake wiiuence.
2.5 CONCLUSIONS

The retulis of the examples for the VFW Folkker Sectional Loads Techmque demensirate the mechanism of wing-body interference
and the infiuence of fuselage side or strake generated vortices on this interference.

The resuits further demonstrate the possibiiities this test technique provides for a betrer understanding ot such phenomena and the
adventages for further optimisation work. Changes in straks planform, for nstance, are simple; they result in cheap changes on the
mode! described above snd allow very useful wind tunne! work.
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Wing Dimensions: Area 125 m?
Aspect Ratio . 2,3
Taper Ratio 0,346
L.E. Sweep 450
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Fig t VAK 1918 CONFIGURATION WiTH FORWARD FUSELAGE VARIATIONS
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Wing Dimensions :

Wing : | I
Area : 125 17.9m2

Aspect Ratio 23 35
Taper Ratio 0,386 0,342
L.E.Sweep : 450 300

Fig.5 VAK 191 B DERIVATIVE WITH LARGER WING AND FORWARD FUSELAGE VARIATIONS
Configurations 1{A, 118, 1IC

Fig.6 INTERNAL STRAIN GAGE BALANCE
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Dimensions {m]

Wing Il Strake
Span 8.3 2,74
Area 215 5,83

Aspect Ratio 3,2 1,29
Taper Ratio 0,3 0
L.E.Sweep 320 750
M.A.C. 2,844

Fuselage Cross Section

- 9,16 »
Fip.7 STRAKE CONFIGURATION 11l
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Fig. 12 INFLUENCE OF FORWARD FUSELAGE CONFIGURATION ON LIFT INTERFERENCE

Reference {4}
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Reference Area 21,5 m?
O CLB Reference Length 2,844 m
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Fig. 15 FUSELAGE AND STRAKE PARTIAL LIFTS AND MOMENTS, CONFIGURATION Il
Reference {5}
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PREDICTION OF AERODYNAMIC LOADINGS ON
THE LEADING~EDGE SLATS OF THE FOKKER F 28 AIRLINER

by
P. de Poer
Aerodynamics dept.
Fokker~VFW BV.
POB 7600
Schiphol Oast
The Netherlands.

SUMMARY

Prediction of aercdynamic loadings on leading~edge slats of mndern airliners is a very
complicated process. For passive components , the isolated critical load cases on the
boundaries of the field of flight conditions as dictated by airworthiness requirements
are readily recognizable and their loadings need oniy to be specified for these conditions.
For 1lift carrying components , however , matters are much more complicated and a load case
anelysis covering *he complete field of flight conditions must be conducted.

Component load data must he specified for this , which are based on wind tunnel data ;
test conditions thereof cover only a part of the complete field. This discrepancy is
bridged by data extrapolation , but this procedure may well result in off-design component
loadings which are no longer physically sound , in particular in case of shock effects.

Determination at the relevant conditions of more realistic loadings is then an elahorate
second phase of the prediction process.

The whole procedure is illustrated for the slats , introduced on later versions of the
F 28 airliner , with some discussion on problems for that particular case.

LIST OF SYMBOLS

aircraft or section angle of incidence , °

section chord

aircraft 1ift coefficient . related to wing area S

section 1ift coefficient , related to section chord c

section moment coefficient , reiated to 25 % section chord
pressure coefficient

slat normal force coefficient , related to airfoil section chord
slat tangential force coefficient , related to airfoil section chord
slat moment coefficient , related to airfoil section chord

flap de‘lection , g

slat deflection ,

Mach number

aircraft acceleration factor

dynamic pressure

Reynolds' number

wing area

aircraft speed , kts. EAS

1.58 v

awnNnnNONNOCOR

e A Y- B X N Rk
n unn

v speed ; at which aircraft reaches stall in 66' per sec. EAS gust encounter
VS diving speed ( 399 kts. EAS )
Vs stalling speed with slats and flaps rstracted
+ Cm with subscript 0 or 25 to indicate reference point at 0 or 25 % slat chord
s

1. INTRODUCTION

Prediction of aerodynamic.loadings on leading-edge slats of a modern airliner is a very
complicated process. For passive components , the isolated critical load cases on the
boundaries of the field of flight conditions as dictated by airwcrthiness requirements

are readily recognizable and their loadings need only to be specified for these conditions.
For lift carrying components , the lift distribution over the component and the weight and

c.g. position of the aircraft are co-determining factors , usually yielding different

critical flight load cases at different stations ; in particular for slats , matters are

even more complicated because the deformation relative to the wing greatly affects the
support loads.

In such cases , the load case analysis must cover the complete field of flight
conditions. Component load data must be specified , as functions of M and 0 , which are
based on wind tunnel data. The field of conditions thexeof is restricted
. with respect to 0 because of scale effects ,

. with respeet to M because it is impragtical to conduct investigations at all values of
M which may finally be of interest.

These restrictions may be overcome by data extra~ and inter- pclations on some
analytical basis , but this procedure may well result in off-design component load
predictions which are no longer physically sound , in particular due to occurence of
shock waves , and may adversely affect the conclusions to be drawn.

Reconsideration - rather construction - of physically sound component loadings ot such
conditions is then an elaborate second phase of the prediction process.

This will be illustrated for the slats , introduced on later versions of the F 28.
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Phyecical aspects of the general load data will be discussed. For deflected slats at low
speeds problems , specific Lo the eircraft or the prediction method applied , will also
be considered. An 1n~flight verification 0f the load predictions was possihkle and yielded
a satisfactory coriciation.

for retracted slats at high speeds , the main lines of the loading consiructicn
process at off-design conditions will be indicated.

2. THE AIRCRAFT

The Fokker F 28 twin jet short haul airliner 1s available in six versions indicated
1n tabel 1. The increased aspect ratio of the later versions was obtained by addition
of larger wing tips to the original design. The F 28 family 1s shown in fig. 1.

Some remarks are desirable with respect to the wing , which reaturesa distinct kink
in the leading edge at some 40 % of half span. The wing section at this station is thus
relatively heavily loaded ; 1t furthermore features a lowecr l:ft divergence Mach number
than the other sections defining the wing shape ard a precisely deterriined amount of
inverse camber. By these measures it proved possible to prcvide the aircraft with flaght
characteristics eliminating the need for Mach trim compensation ai gpeeds in excess of

the maximum operating Mach number ( MMO = .755 ).

This subject 1s brought up here because

. a section close to the kink is discussed in chapter 5 to clarify a peculiar asvect of
retracted slat loads at transonic speeds , 1a casu at M = .77 jusi over MMO ’

. 1n view of its generally satisfactory behaviour , 1t was decided to maintain the shape
of the clean wing when slats were introduced . As a result , high-speed wind tunnel
testing for the Mks. 5/6,000 could be restricted to a barve minimum ; consequences of
this fact are commented upon in chapter §.

Next to the clean wing shape , the front spar position of the original design was
maintained for obvious reasons. This advances from 16 % chord outhoard of the kink tc
12% % chord at the root , where , consegquently , the slat chord became small and the
siot behind the deflected slat pronounced obligue. A part of the wind tunnel efforts
towards slat development was devoted to this deviating situation at the root.

3. THE WIND TUNNEL MODELS
Two wind tunnel models provided the load data to be discussed.

Tests in che 1.6 by 2 m. NLR high speed wind tunnel on a 1 : 20 scalc pressure madel
of the F 28 Mk. 1.000 vielded nroccure distraibutions over the clean wing , for the full
arrcraft M-range of .19 to .83 and the(-range as far as realizable at the relevant Re-
numbers. Within these limits , fairly accurate spanwise lift distributions were thus
obtained as well as leading-edge pressure distributions for the retracted slal lecad data
required later on. The (I~range at M = .19 could be substantially extended , because the
relevant wind tunnel can be operated at that speed with a 4 atm. stagnation pressure.

The lift distributions thus obtained were supplemented by results of lifting line
theory ( Weissinger/de Young ) to account for effects of span extension and , at M = .19 ,
of flap deflection.

The other model 1s the section model shown in fig. 2 , originally applied to develop
optimunlt type , shape and positions for the trailing-edge flaps. It was tested in the NLR
2 by 3 m. low speed tunnel. The test section was provided with wall blowing to suppress
otherwise large wall interference effects at larger angles of incidence.

Two test slat/fixed leading-edge combinatlons are of interest here ; one - the "normal”

is characteristic for a section at about 55 % half span of the F 28 wing , the other - the
“shortened" - mcre or less representative for the root section commented upon in chapter 2.

Pressure recordings in the tunnel center plane over the several wodel components - slaot
main section , vane and flap - were integrated to yield the forces on these compounents as
functions of Q ( or CL } and section configuration.

4. AIR LOADS ON DEFLECYTED SLATS
Prediction method.

Predictions of aerodynemic loadings on deflected slats were based on the probaply
familiar assumption , that the relatior of any slat load coefficient at a given wing

station to the local C, is the same as to the CL of the section model with the same slat
and flap deflections.

This assumption is subject ¢tuv somewhat less obvious restrictions.

In the section tests , variations in C_ are caused by variations in either ¢ or Q..
On the aircraft , other causes are possib&e for local variations in C, , in particulgr
interference of the fuselage-mounted nacelles and of discontinuities {h a{ at flap ends.

The different character of the lattexr should be accounted for , a sukject to be discussed
later.

The slot flow might affect slat section lcad data. On the section model , a locked
vortex originates in the slat excavation . On the aircraft ( model ) this takes the shape
of a core flow , spiralling outboard with a pitch , about proportional to ( local ) sweep
back. For the F 28 , the attendant lateral speed is too small to lower the excavation
pressures significantly , but on aircraft with larger sweep its effect may become of
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Interest.

The flow rattern in the slot is indicated ip £ig. 3. Tig. 4a. shows a day-~glo
visualizatior of the core flow , {ig. 4h. one of the disturbance traces over the wing
slightly outhoard behind the slat suspens.on brackets ; these originate by the invter-
action of the core flow with these brackets and indicate some ,largely inevitable ,
parasite drag of the glat suspension.

General load data.

Seils of deflected slat loed data for three flap deflections on the "normal" section
model are snowrn i» fig. 3. They ore shifted Lo {eacure «ffective (I rather than <, as a
prrameter and as such are virtually identical , in representing the characterist¥es of
the slat section as an air foil in an upusually deformed tlow field , varying mainly with
incirdence. This fact s convenient when data are needeé for a section configuration not
covered by wind tunnel tests ; it facilitateu the corscruction of such data.

The data for the "normal” model section were opplied on the F 28 wing ovtboard of the
kink , those of the "shortened” saccion at the .00t , witn linear sntervolaticn between.
The difference between the twn sets was , otherwise , small.

The slope of all curves increase with ( and this tendency 1s svch chat , for constant
1if* ( C, .q.S 1+ , the heaviest upward loads on the slats ( C,,.q9.8 evc. ; invariably occur
1nw&diatk1y before the stall. In view of the selative identi%y of the data for different
flap deflections , the largest slat loads wrll occur fmnediately before tne stall with
the highest speed , i. e. with retracted fiaprs. The shape of the curves 1s also such ,
that the situstion with the lowest Cr t¢ be considered will yield the other iimitation to
the slac loads. !

airworthiness reguirements dictate consideration of flight conditions with deflected
high~lift devices up ton = 2 and down to n = 0. Hence the stall just mentioned is the

2 g stall with 3, = ¢ and the other limitation is related to ¢, = 0 at a relevant placard
speed , elither {or slat deflection ( 220 kts. EAS ), for flap éeflcction up t0 3, = 259
{ 200 xts. ) or for lending flaps ( 160 kts. }; it was not difficul: to trace thé& second one

ae craitical.

211 this may be done wjthouta real 1nad case analysis , but then it concerns only the
slats as such. Por the suspension , matters are less simple gince the deformation of the
slats with respect to the wing is an important parameter In the structurai analysis ; this
latter is so difficult to oversee that a comprehensive siat load data specification is still
indispensible. Thus , the subject of iocal CL—variaLion due te downstream influences now
enters into the discussion.

interference effects.

The naceile i1nterference effect on the flow field is most evident at the wing root
trailing edge and gqradually damps off upstream and in svenwise direction., Sectironwise , it
causes a lift drop by inducing a virtually constant small overpregsure at the upper surface.
birect applicatior of the decreased Cp's found on the pressure modei with nacelles , in
combrnation witir section data from the other model ( i.e. attributing the decrease to &
change in (I , which is essentially in peak suction ) would yield a too low local sla%t load.
Thys difficulty mav be overcome by neglecting the nacelle interference effecr , wnich 1s
slightly conservative ; cn the F 28 this was also logical since the effect is different
cen the Mk. 3,000 and 5,000.

Slat load predictions were thus based on the wing 1ift Jastriburions established on the

Incidentally , this effect tends to shift further outboard the lift resultant on each
half wing the closexr the racelles stand L0 the wing. Insertion of a fuselage plug
between the wing traxling edge and the nacelles on a stretched version thus brings with
it some wing lLoad alleviation. This fact kept the atructural modifications ., resulting
from the span extension and reguived for the heavsier Mk. 6,000 , tc a minaimum.

The 1lift carry-over effect at the flap ends 1s also most evident at the adjacent t.e.
region , bkut not neglectanle at the l.e. region upstream. As in the case of the nacelles ,
the interference effec: cannot be considered in terms of local C, in the sense of section
C.. Here , one iz led to consideration of the change in incidencé of the section { 4. ) .,
rgquired to yield the same change in leading-edge suction peak as is caused by the flgp
deflection in 1ts lift carry-over effect.

On the "normai” model section , it was found that - independent of af and as as well as

PP oo P 4o

CL and within remarkably narrow tolerances ( & 1.5 % } -
AQD=-40AQL

where A0, is the change in section incidence equivalent to the change in local C,. On the
aircraft = pressure model , which featured deflectable ailerons , the aileron 115 carry-
over effect could Fe studied , albeit on a wing without slats. Since the aileron-to-wing
chord ratio here was about the same as the i1lap~to-chord ratio of the section mcdel with all
high-1l1ft devices deflected , it nevertheless yielded a worthwile contribution. It confirmed

the .40 ratio for the three~dimensional case.

Fig. 7 shows one of tns cases analyzed from section model results , fig. 8 one from
aircraft pressurec model results.

Consequently , 40 § of the theoretically derived flap lift carry-over effect was taken
into account in the CL—distxibuL1ons applied for slat load derivation { see fig. 9 ). This

ot s
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simple correction eliminated the need for far more complex and expensive analyses of the
s ibject problem.

It was difficult to fovesee the impact of the adjusiments discussed in the structural
analvzes., Since slat deformation - and thus primarily bending moment - is an important
rarameter , they would most probably affect the support forces of the slat tracks closest
to the wing root { nacelle interference ) and the stations where the flisps end ( flap lift
carry-over effects }.

Reyrolds' effecrs.

On the F 26 scction madel , some research was conducted at reduced tunnel speeds. This
mainly indicated sowme Re-effect on pitching moments , a finding of interest with respect
to the 1 @ 12 scale force nudel , figuring in £igs. 4.

No zffects on the isad _specifications were established for Re > 2.4 x 106 and since the
acrmal value was 2.8 x 10Y , no particular problems arose here. In view of the increase in
slope of all slat load curves with Cp , the prediction method could be somewhat vulnerable
to underestamation cf local Cy immediately befure the stalis , but for the F 28 , the
high-pressurc low speed tests on the pressure model ( see ch.3 ) practically eliminated
this as a problem.

In the section tests at very low Re evidence was found of interference 31n the lifc
duvelopment due *o occurence of a laminar separation bubble beshind the upper surface
discontinuity innerent to slat deflectaorn ; fig. 10 shows an example of relevant data.
This effect must play a rcle when use is made of a low-speed aircraft pressure model
provided wits deflected high-l:ft devices. Such ¢ model , when not very large and then
very expeansive to buirld and to test , will featu.e lower Reynolds' numbers tnan those in
fig. 1€ over a substantiael part of the wing. 4. test results must then be difficult to

Load predictions for deflected slats have been checked against resulis of in-flight
strawn-gauge measucemenls on suspension components and spigote of the slats. Summation
of the internal ferces thus measured to provide external loads on the slats yielded a
very good igreement with the predictions , as shown zin fig., 11. Note , that the scsle
for the mcments 1s very large to make correlation points better distinguizhable.

The reievant agreement was considerably better than that between calculated and
measured structural stresses., Of counrse , the stress calculations were kept on the
congervative side.

The correlation of the slat load predictions is not really good at very low loads and
thus nct witbh respect Lo specifications for the deflection/retraction cycle. This is
probakly @ common problem, though one of relatively low order.

%. ATR LOADS ON RETRACTYD SLAYS
Predicticn methed and_general joad data.

Load predjctions on retracted slats were obtained by & rect integration of the appio-
rriate wind tunnel data from the airc raft pressure model , a relatively simple process ,
though elaborate in view of the amount of input data. Furihermore , chordwise CP-plOLS
were {ound to be necessary for data checking and extrapof%tlon purposes.

The major feature of these load data is connected to leading-edje suction peaks and
coherent forward shock waves.

At high Mach numbers , peak sucticns increase linearily with Cp »nly as ‘ong as local
M remairs below some 1.25 , at least for the "peaky" sections on th: F 28. Any furtner
increase in lift goes together with widening of the peak with limited further growth of
‘Pm'n . This obviously causes a quite sudden increase in the rate of change ¢f C and in
pak%téular Cme. with C, at a specific wing station ; hoth coefficient; increaso sggrply
untill the shfck wave , by now terminating the suction peak downstrezm , reacles the local
slat traiiing edge.

With further increase in C, it crosses over to the wing. The consecuent sudden drop in
pressure in the narrow gap be%ween the retracted slat and the wing causes a shagsp decrease
in both coefficients mentioned. This course of events is illustrated for the F 28 pressure
model section nr. 3 in figs. 12 and 13 , at 1 = .77 distinctly over-critical for this
section { see ch. 2 ;.

Occuring only locally at a specific moment , this phenomenon does not cause sudden
changes in over-zll siat loads , but merely a somewhat unexpected relation with O . At the
wing coot , fuselage interference ties the forward shceck wave to the leacding edge ; there
the load variations noted above 4o not occur , but the development of the shock wave can
be seen in tne load-versus-{ curves for test section 1 { close to the root ), which show
up discontinuities at its beginning. Thig can be seen in fig. 14 , which aiso shows
idealized shock wave pattern on the wing at three characteristic d 's.

At sufficjently hlgh M , the described phenomenon occurs witnin the test (0 -range. Then
determination of the condition at which it occurs ( per section ) is arbitrary only within
narsrow limits. Pizm data are obtained on the relation between M and the C_ at which the
guction peak starts widening and on the slope of C_ with C. with further Encrease in Q .
These may well be extrapolated to lower Mach numbers on thEoretical basis.
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As wiil be discussed next , the main problems arise when the phenomenca occurs
peyond the wind cunnel tesat 4 -range.

The lcad case analysis scans the n~V-fields for manceuvring and gusts described in the
ajrworthiness reguirements. The case , imitially predicted tc be most critical for the

slats was M= .50, = 8°

which ocgurs when the aircraft , after take-off at maximum weight , flies at 18,000'
altituds with a sgpeed V., and i& hit by an upward 1limit gust { 66' per se.. EAS ), which
brings it to the point gf stalling. The adjacent wind tunnel test limits were

M= 45 , &= 7.5° { shock-free )

I
M= .85 , a= 3,29

In thas case , the M-margain was very wide , since the intermediate range was of minor
interest for the original design ; as was mentioned in chapter 2 , no further tests on the
aircraft pressure medel werce conducted on behalf of the slat development. However , the
real problem lies not in interpolation with respesct to M , but in extrapolation with
respect to O .

The construction of the slat loads at off-test conditions of the sort is well possible.
Sources of information available for construction of the relevant C ~distributions over
the wing leading-edge are s

. high-speed airfoil section data ;, collected during the criginal F 28 development ,

. gereral wind tunnel data of the aircraft pressure mcdel , from which the characteristic
variation of the suction peak shape at any Mach number can be derived ,

. the 1lift distribution , predicted by the load case analysis , which should be in harmony
with thre CP-distributicn to be constructed.

In the subject V_~-case , where shock waves were found to be mainly behind the slat
trailing-edge , sla% ioads were substancially lower then prsdicted beforehand over most of
the span. Then , two "next critical" conditions emerged from the load case analysis , i.e.

. vD ., n= 2.5 al sea level ( M = .590 , O = 2.60° ) f
. Vp o noT 2.5 at 20,000° altitude ( M = .504 , o = 7.95° ).

Both were found to be indeed critical over part of the gpan. Similar analyses were
conducted for load cases with downward limit gusts and with gust encounters at Myo -

Notes_on_the_high-speed_load_constructior_processes,
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1. Slat load extrapolation should be in harmony with extrapolation of Cp test data , to
account for

. stagnation pclint travel with 4 ; in the over-pressure region the CP-a-relation is far
from linear ,

. hysteresis effects on the C_'s close to the slat trailing-edge in transi=nt conditions ;
these may well result in substantially lower slat lozds than for static conditions.

2. On the F 28 - slat construction limitations togethexr with anti-icing hot air discharge
requirements - the siot seal position is at some 35 % slat chord , well aft of the optimum
for minimum loads on the retracted slats. However , for the cagse of failed ( removed )
seal , the same level of critical slat loads was found as for the case with affective
seal. This will be coincidental for the F 28.

3. Contacts between slats and wing due to different bending of the two arevents checking

of retracted slat load predictions against in-flight strain-gauge measurements as was done
for deflected slats.,

4. Comparison ketween the general prediction methods discussed in chapters 4 and 5 was
possible for the "common“ case of retractad slats at M = .19 , a subject also covered in
the section tests to survey the deflection/retraction cycle. Given the sober character of
the method ~ based on data for only two sections — used in chapter 4 , the agreement , as
shown in fig. 15 ,can be considered as very satisfactory.

6. CONCLUDING REMARKS

The prediction process described may be used when a restricted amount of wind tunnel
test data is available. The models requared to collecc these data are usuallv planned for
development purposes and not specifically needed for load prediction.

There appear to be no elements , essentially restricting the process to small angles of
sweep , provided that for the case of deflected slats the influence of the core flow 1in
the slot is accounted for.

Notes,
P-4

1. An adjustment process as described for the flap 1ift carry-over effect in chapter 4 can
also be derived for the tip alleviation effect. In this case a slightly higher loading
is found for the far outer part of the slats.

2. A minor , but intriguing problem is connected with Cn which is found as the sum
/cpxax+ /c,z dz.
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It 1s in a plane in flight direction , whercas the gtructural analysis works with planes
perpendicular to the elastic axis of the slats. With an angle of sweep B of this axis ,
the local torsion moment coefficient around 1t becomes

/ Cp x dx cos § + /'CP z dz

and not the smaller Cp_ cosf . The apparent contradiction in this st.*--ent disappears
at the tips of each s13t segment.,

Mark seating certified wing l.e t.e
nr. ! { pass. ) in aspect ratio slets | flaps
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PREDICTION OF AERODYNAMIC EFFECTS OF SPOILERS ON WINGS
by

G.V. Parkinson* and F. Tanm Bon+
Department of Mechanical Engineering
The University of British Columbia
Yancouver, B.C. V6T 1WS Canada

SUMMARY

In work from the authors' labeoratory reported at an AGARD Conference on VSTCL Aerodynramics in 1974,
three theoretical methods were described for the prediction of aerodynamic loading on *wo-dimensional air-
foils with spoilers. Two were thick-airfoll theories for steady-state pressure distribution, one analytic
and the other numerical, and the third was a thin-airfoil theory for steady and transient 1ift. In the
present paper, the above work is extended to an experimental study of effects of base venting un two-
dimengional spoiler pertorrmance, and to a theoretical and experimental study of effects of finite span of
spoilers and wings. The effects of realistic amourts of base venting on 1ift and pressure digtribution
proved small, so that unve~nted-spoiler theory can be used with acceptable accuracy. Lifting-line theory,
requiring the sectional values of lift-curve slope and zero-1lift angle as inputs, was used for the finite-
span study, and the theoretical predictions were compared with experimental data from reflection-plane
wind turnel tests. Results are presented for 1lift and rolling moment, and agreement is good. The overall
result is that the performance of finite-span, base-vented spoilers on finite~span wings can be predicted
with acceptable accuracy, with only the spoiler base pressure as an empirical input.

SOMMAIRE

Dans un travail du laboratoire des auteurs présenté a une conférence de 1'AGARD sur 1'aérodynamique
des avions & décollage et A atterrissage court ou vertical (V/STOL), trois méthodes théoriques ont été
décrites concernant 1'évaluation de la charge aérodynamique sur les profilés d'aile bidimensionnels muais
d'aérofreins, Deux de celles-ci, 1'une analytique et 1’autre numérique, reldvent de la théorie des pro-
filés épais pour un état permanent de la répartition des pressions tandis que la troisiéme s'inspire de
la théorie des profilés minces pour déterminer la portance en régime permanent et transitoire.

Dans la présente communicatior ces travaux ont été étendus i une étude expériment=le bidimension-
nelle de l'effet d'une fente & la base de 1'aérofrein sur les performances du profil d'aile de méme
qu'a l'etude théorique 2t expérimentale des effets dus aux aérofreins sur une aile d'envergure finie. Les
effets sur la portance et la répartition des pressions se sont avérés minimes de sorte que la théorie
développée pour les aérofreins sans fente peut &tre utilisée avec un degré de précision acceptable. La
théorie de Prandtl sur 1'aile d'envergure finie a servi de tremplin a 1'étude tridimensionnelle. Cette
approche requiert comme paramétres d'entrée 1l'incidence de portance nulle ainsi que la pente de la
courbe de portance pour les différentes sections constituant 1'aile, Les prédictions de cette théorie
ont &té comparés avec les résultats expérimentaux obtenus au moyen d'une maquette utilisant les propriétés
de reflexion du mur du tunnel 3 vent.

Cette communication inclut une présentation des résultgts concernant la portance et le moment de
roullis. L'accord entre 1'essai et le calcul semble bon. A titre de conclusion, la performance des ailes
d'envergure finie munies d'aérofreins avec fente 3 la base peut &tre prédite avec une précision acceptable
avec comme seule donnée empirique requise la pression de base derriere u'aérofrein.
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NOTATION
¢ airfoil section chord p  alr density
b wing semi-span free-stream velocity
S planform area for half wing I' airfoil section circulation
bs spoiler span L' sectional lift
h  spoiler height L half-wing total lift
E  chordwise spoiler position R half-wing roiling moment
§ spoiler erection angle Cg sectional 1ift coefficient
a airfoil geometric angle of attack CL half-wing 11ft coefficient
aLO airfoll zero-lift angle CR half-wing rolling moment coefficient
aa = - aLO' absolute angle of attack CP pressure coefficient
x
chordwise distance from leading edge o sectional 1ift curve slope
Y spanwise distance from mid-span °
-1 A Fourier coefficient
6 = cos = y/b, spanwise variable n
( )S values for spoilered sections

*
Professor of Mechanical Engineering.

fGraduate Student, Department of Mechanical Engineering.
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1. INTRODUCTION

In the prediction of aerodynamic loading on aircraft surfaces, the occurrence of separated flow
creates great difficulties, because of the inadequacles of aerodynamic theory in dealing with such flows.
As a result, design information on the aerndynamic efferts of spoilers on wings has been obtained entirely
from ad hoc testing, and prediction of loading has oniy been possible approximately, on the basis of
experience with similar configurations. Tet spoilers are curtently of great importance as cuntrol
devices, whether deployed symmetrically for 14ft and drag control, or asymmetricaliy for roll control, and
the development of prediction methods would clearly be beneficial,

For the past eight years, there has been a research program in the Mechanical Enginecering Department
at The University of British Columbia on the aerodynamics ot spoilers. 1Im the first phase of this pro-
gram, three new theoretical two-dimensinnal potential flow methods were develoved for the prediction of
sectional characteristics of airfoils with spoilers, and wind tunnel expetiments were conducted to corre-~
late with the theoretical predictions. The results of these studies were reported at an earlier AGARD
Symposium on V/STOL Aerodynamics [1]. Two of the above three theoretical methods were for the prediction
of pressure distribution. One was an analytic method involving a ¢cmbination c¢i Theodorsen's [2] con-
formal mapping of an arbitrary profile with Parkinson's {3] wake source model. It coul! be used for any
single-element airfoil with a normal spoiler, and a typilcal comparison of predicted and measured pressure
distribution is shown in Tigure 1.

O Expecriment
—— Theory

0-5¢

FIGURE 1. Pressure Distribution on Clark Y Airfoil with Spoiler.

The airfoil is a 14% thick Clark Y with an 8.4% normal spoiler at 70% chord. Angle of attack a = 10.1%°,
and the experimental Reynolds number was 5.3 (10)”. The experimental 'data were corrected for tunnel wall
effects, and the resulting agreement with the theoretical curve 18 seen to be excellent, except for the
usual disagreement jurt upstream of the spoiler. Here the theory predicts a stagnation point, whereas
the actual flow geparates and forms a constant-pressure bubble. The second method replaced the conformal
mapping by the surface source distribution methoda of A.M.0. Smith and his colleagues [4), and as a result
could be applied to multi-element airfoils with inclined spoilers.

The third method used linearized free-streamline theory, and was for the prediction of lift and
moment on an arbitrary single-element airfoil with spoiler. under either steady-state or transient condi-
tions following spoiler actuation. A typical compariscn of predicted and measured steady-state lift as a
function of angle of attack is shown in Figure 2. The airfoll 1s again a 14X tulck Clark Y, in this 5
example with a 10% spoiler inclined at 60° and located at 70Z chord. The test Reynolds number was (10)”.
Agreement of the theoretical curve with the experimental data is seen to be good. The nonl)inear increase
of the experimental 1lift at high o is & result of the growth of the separation bubble seen in Flgure 1.
In the above theories, the only empirical input needed is the spoiler base pressure coefficient.

However, in these theories the spoilers are impervious, and the flows are cwe -dimensional, whereas
in aircraft practice spoilers are vented at the base and cover only part of the finite span of wings.
The current phase of the research program is therefore invcstigacing the effects of base venting and
finite span of spoilers.

2. BASE VENTING EXPERIMENTS

Two~dimensional flow conditions were retained for experimental ifuvestigations of spoiler base
venting, so that direct comparisons could be msde with the two-dimensional theories, and with previous
sectional measurements for unvented spoilers [1). The experiments were performed in a iow-speed, low-
turbulence wind tunnel with a test section 915 mm wide and 687 mm high, The test airfoil was a Joukowsky
gection 11X thick with 2.4% camber, of 307 mm chord. It was constructed mainly of wood, with an aluminum
section at mid-span containing 37 pressure taps, of which 24 were distributed on the upper surtuce, It
was built with end plates on which spanwise metal spoilers could be mounted. The spoilers were normal to
the airfoil surface, and of 10Z airfoil chord in height above the surface. They were located at 50, 60,
70, or 80% chord. The spanwise base vent was 10, 20, 30 40, or 507 of the spoiler height.

The test airfoil gpanned the tunnel test section vertically, wich small cléarances at floor and




ceiling, and was mounted on the yaw turntable of

tite tunnel balance, loczted under the test section.

For each spoiler location and degree of base 1.6 <4

venting, lift, drag, and pitching-moment measure-

ments were made over ¢ full renge of angle of

%E attack, using the tunnel balance. For some angles

§§.“ of attack, pressure distributions were measured
using a multitube manometer, Tke te.t Reynolds
number was 4.4 (10)°. //

h.4 4

Yy

Flgutes 3 and 4 showv some of the results of // CCARK Y
these measurements for the tests with the apoiler

R iccated at 70% chord. Table 1 identifies the Ck //f) Bz 70

. symbols used in the Figures for the different ! 0{“

: bese vent depths expressed as percentages of the
spoiler height.

Figure 3 shows airfoil pressure distributlons
: at o = 8°, and Figure 4 gives the variation of
1ift coefficient Cj with a, for the various
degrees of spoiler base venting. The most signi- J.6+
: ficant result is that over the range of positive
| Cp» there is very little difference in airfoil o} THEORY =~ ———
S loading from that of the unvented configuration 0.44

O\

a7

for ventg of up to 20X of the spoiler height - EXPT. o
the range of practical interest, This is implied o)

by the clogse agreement of the Cp-distributions 0.2
for 10 and 20% vents in Figure 3 (the unvented Cp-
distribution was not measurcd at & = 8°), and con-

P L R AT

&1+ O

8 12 16 20

[

firmed by the Cp uata of Figure 4. As the size
of the vent is increased above 20%, the airfoil —+
upper-surface suction increases ahead of the -3

spoiler, and the iower-surface pressure becomes O
more positive, so that tbe 1lift slowly approaches —-0.2-

the value for the basic airfoil without spoilex. .

The base pressure behind the spuiler remains ///
fairly congtant for vents of 10 and 207%, but
shows the effect of flow througxh the ven! for 40 -~0.4
and 507 depths. O

FIGURE 2. Lift on Clark Y Airfoil with Spoiler.
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FL{GURE 3. Pressure Distributions on Joukowsky Airfoil with Base~vented Spoiler,
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FIGURE 4. Lift on Joukowsky Airfoil with Base-vented
Spoiler.

3. SPOILERS OF FINITE SPAN
3.1 Reflection-plane Experiments

For experimental investigation of effects of finite span of spoilérs and wings, it was decided to use
half models, as shown in Figure 5, in order to accommcdate a good range of wing aspect ratios (4 to 8)
with as large a chord and Reynolds number as possible. For such tests, the floor is properly a plane of
symmetry {or cases of symmetrical spoiler deployment, but not for the asymmetric deployment used in roll
control. The use of the reflection-plane data for prediction of rolling mcment 1is considered theoretically
later.

The wings were tested in the same wind tunnel and mounted on the same balance system as described in
2, They were machined from solid aluminum, in spanwise gections 51 and 13 mm long, and of 131 mm

chord, so that half-model wings of equivalent full aspect ratio 3.9, 4.8, 5.8, 6.8, and 7.7 could be
assembled. Wings spanuing the height of the test section could 1lso be assembled for two-dimensional
tests, The airfoil section was NACA (Q0l5, and the wings could be fitted with 10% unvented normal spoilers
located at 48, 58, 68, 77, or 87% chord. Spoiler spans were 20, 30, 40, or 50X of the span of each half
wing, with the spoiler inboard tip always at mid-span of the half wing. Test Reynolds unumber was 3(10)3.
Force and moment measurements were made for all configurations over a full range of angle of attack.

3.2 Lifting-line Theory -~ General Formulation

The lifting-line theory as formulated by Prandtl [5], is applicable to unswept wings of large aspect
ratfc. 1In this theory, the wing is replaced by a lifting line of bound vortex filaments at the one-
quarter-chord position, and a sheet of trailing vortices lies in the plane of the wing and the free-stream
velocit7. 1ke trailing vortices induce a downwash over the wing, which alters the direction of the flow
approaching the wing dounward by an induced angle of attack. The effective angle of attack and the corre-
sponding gsectional lift are thus reduced below their two-dimensional values, although the relaticnship
between them 1s unchanged. Also, the seciional 1Lift L' is still given in terms of local circulation T
by the Kutta-Joukowsky law,

L' o= Ul 3.1

go that the unknown spanwise distributions of downwash and circulation are related. An additional rela-
ticn between them is found by using the Biot-Savart law.

HNext, it is assumed, in the manner of Glauert [6], that the circulation is given by the infinite
Fourier series,
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SPOILER
T\

REFLECTION PLANE
WING MODEL

FIGURE 5. Wind Tunnel Test Configuration for Finite-span Spoilers.

o«
I'=4bU ] A siund (3.2)
n=l %
where U is the free-stream velocity, b the wing semispan, and 6 is defined in terms of spanwise coordinate
y by
y =b cos 8 (3.3)

Substitution of Equation (3.2) in the previous relations leads to the fundamental equation for the
unknown coefficients An:

.

m
} A sinn8 B sne+n|=a_stne (3.4)
wel w ¢ a

where ¢, m , and a_ are the sectional chord, lift-curve slope, and absolute angle of attack. Parameters
¢, Mg. and ay may vary along the span depending on whether or not the wing has section changes, taper or
twist. The equation must be satisfied for all points, 0 < 0 < 7.

Solution for the unknown A_'s is accomplished by considering a finite number of terms of the Fourler
series, say m terme. By choosing the number of values of span variable 6 equal to m, the number of terms
in the truncated Fourier series, and by substituting these m values of § into Equatiun (3.4), a system of
m equations in m unknowns is obtained, and hence a solution for the A,'s. Since only m terms of the
Fourier series are considered, Equation (3.4) is satisfied only at the n positions of 8.

Wieselsberger {7] has pointed out the necessity of including the wing tips in calculations for
flapped wings. Sinve Equation (3.4) is degenerate at the tips where 6 = 0 or w, L'HOpital's rule must be
applied to obtain the result

-]

n2 A
n

1 (3.5)
2 ntl
An(-l)

osa(O) =
n

(R

aa(ﬂ) - E n

The lift L and rolling moment R can be calculated once the Fourier coefficients are known. Since
dL = pUl'(y)dy
and
dR = ydL,

by integrating across the span, the 1ift and rolling moment for the wiag can be obtained. Since the
theoretical results were to be compared with symmetyic reflecticn-plane experimental results, the inte-
grations were made over the semi~span. Thus,
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b
S ouT(y) dy
o]

L
cC. = - . (3.6)
L 1 2 1 .2
7 pU”s 2 pU”S
and
b
J oU I(y)ydy
R o
C, = - 3.7
R 1 .2 1 .2
2 pU~Sh 3 pU”SH
where S 18 the planform area of the half wing. Upon integration, we get
2
2nb
. s~ A (3.8)
2 m i
c =2 -1 (3.9)

R™ S 121 M@ oHE D

In Equation (3.9), use is made of the fact that only the odd terms of the Fourier series contribute to a
symmetric loading distribution.

3.3 Application to Wing with Part-span Spoilers

Experimental and theoretical investigations of two~dimensional airfoils with spoilers [1] have shown
that the effect of a spoiler on section characteristics is to alter both the 1ift curve slope m, and
zero-1ift angle of attack arg. (The absolute angle of attack ay is related to the geometric angle of
attack o by aa = - aLo.) Let o and LR be the sectioral lift curve slope and absolute angle of

S S

attack of the spoilered sections. Then in applying the lifting-line Equation (3.4) to a wing with a
part-span spoiler,aa and m must replace oy and m  over that portion of the wing which is spoilered.

S S
This results in a discontinuity in the angle of attack and 1ift curve slope distributions across the
wing. For an infinite Fourier series, the position of this discontinuity may be exactly fixed, since
all values of the span variable 6 are covered by the series, For a Fourier series with a finite number
of terms, however, the values of 1ift curve slope and angle of attack will change from one value to
another between two adjacent values of 6. This represents a gradual change in sectional lift curve
slope and angle of attack over a finite range of the span variable 9, and is an approximation of the real
situation., The position of each discontinuity may then be arranged to lie midway between two consecutive
values of the span variable 8,

Either experimental or theoretical values of LI mo , aa, and aa may be used as inputs to
S s
Equation (3.4). In this paper, experimental data was used, since it was available. The two-dimensional
experimental data must first be linearised, as Equation (3.4) is linear. Straight line regressions were

made on the data and the resultant values of n and o are given {n Table 2. An example of the linear

approximation to the experimental sectional dats is shown in Figure 6, for the NACA 0015 section with 10%
normal spoiler at 48% chord.

.

Lift coefficient CL' rolling moment coefficient Cp, and spanwise tift distribution in the form
(T/4Ub) were calculated for symmzcric cases corresponding to the reflection-plane experiments. Calcula-
tions were also made for agymmetric cases of full wings with spoiler =rected on only cne half. A compari-
son of calculated spanwise lift distributions for unspoilered, asymmetrically spoilered, and symmetrically
gpoilered rectangvlar wings of aspect ratio 7.7 is shown in Figure 7. The airfoil section {s again
NACA 0015 and, for convenience, calculations were made for an angle of attack of 1 radian. Spoilers were
of length bs equal to 40% of the wing semispan b, and mounted between 50 and 90% semispan. The chord-
wise location E of the spoilers was at 48% chord c.

Examination of the curves shows that the symmetric lecadings differ by less than 2% from the asymmetric
loading at the wing roct, and the two spoilered cases are in progressively closer agreement away from the
root. This suggests that the reflection~plane tests can be used with small error to predict the charac-
teristics of an asymmetrically spoilered wing.

3.4 Comparison of Thecretical Predictions with Experimental Results

Theoretical values of half-wing Cp and CR were calculated for all wing-gpoiler configurations tested
in the wind tunnel. A typical comparison is shown in Figures 8 and 9 for the rectangular half-wing of
equivalent full aspect ratio 7.7. The airfoil section is NACA 0015 as before, and the spoiler parameters
are § = 90°, h/c = 0.10, E/c = 0.48, bg/b = 0.20, with the inboard spoiler tip at mid-span of the half-
wing.

The agreement of the predicted and measured values is seen to be quite good, both for Cp and Cg,
although the sectional input data for the NACA 0015 (both spollered as in Figure 6 and unspoilered), for
which a linear approximation is used in the theory, is more nonlinear with ¢ than usual. The same non-~
linearity appears in the experimental finite-span data of Figures 8 and 9, and accordingly limits the
degree of agreement with the linear theory.

Another comparison of interest is that of the variation of the predicted and measured effective
moment arm of the incremental rolling moment caused by spoiler erection. Such a comparison is presented
in Figure 10 In the form ACR/ACy as a function of relative spoiler span bg/b. Again the half-wi:g is
rectangvlar, of equivalent full aspect ratio 7.7, with NACA Q015 section and spoiler parameters & = 90°,
h/c = 0.10, E/c = 0.48. The spoiler inboard tip is again at mid-span of the half-wing for all cases.

The experimental points for each value of bg/b represeat an average ACR/ACI, over the range - 4° < & < 14°,
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TABLE 2. Values of Lift-curve Slope und Zero-lift
Angle from Linear Regressior of Data for

NACA 0015,
m_ orm I G, . OF Q.
[ o | L0 LoS
E/C per rad. | rad.
unspoilered 5.40 0
.48 4.45 0.182
.58 5.02 0.172
.68 5.70 0.160
7 6.15 0.159
B7 7.00 0.157
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FIGURE 6. Linear Appruximation to Lift Variation of
NACA 0015 Airfoil with Spoiler,
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FIGURE 8. Half-wing Lift for Wing of Aspect
Ratio 7.7.

The dashed line in the figure represents the
variation that would occur if the incremental
11ft acted at mid-span of the spoiler.

The agreement between predicted and measured
values 18 seen to be good, with the effective
center of incremental 1lift lying between 1/3 and
1/2 the distance from the spoiler mid-span to its
inboard tip.

4. DISCUSSION

Figures 8, 9, and Ju indicate that good pre-
diction of the 1ift and rolling moment character-
igtics of finite-span wings .ith spoilers can be
achieved using sectional input data in a lifting-
line theory. As usual with lifting-line theory,
the loading is somewhat over estimated, but the
agreement between predicted and measured values is
good, and would have been still better if an air-
foil section with a more linear basic Cy - a
variation than that of the NACA 0015 had been used.

Also, as Figure 2 indicates, the thin-
airfoil theory of Reference 1 would give at least
as good predictions of mos, aLOS as the linear

approximation to experimental sectional data

used here, This thin-airfoil theory of course
takes no account of the nonlinear effect of the
gseparation bubble upstream of the spoiler, and so
would produce better agreement for the lifting-
line theory at the lower sngles of attack. The
thin-airfoil theory wasn't used in this paper
because it hasn't been worked out yet for the
NACA 0015 section with spoiler.

Figure 4 shows that C, at a given 0 is only
g8lightly higher for an air%oil with spoiler con-
taining a 10 to 20% base vent than for the same
:onfiguration unvented. Since the value of Cy
predicted by the thin-airfoil theory, as in
Figure }, also tends to be slightly higher than
the experimental value for the unvented

FICURE 9.
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Half-wing Rnliing Moment for Wing of
Aspect Ratio 7.7.
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FIGURE 10, Effec:ive Moment Arm of Incremental

Rolling Moment from Spoiler.
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configuration, it appears that the sectional 1lift of actual vented configurations will be acrurately
predicted by the thin-airfoil theory. Figure 3 indicates that practical amounts of spoiler base ventiny
do not change the spoile: base pressure significantly.

The theoretical results of Figure 7 suggest that reflection~plane wing experiments will be satis-
factory for wind-tunnel investigations of asymmetric wing-spoiler configurations. It should be noted
that the half-wing rolling moment coefficient CR used here is not the rolling moment coefficient as
usually defined for a wing or complete aircraft. Figure 10 indicates that the effective center of the
incremental 1ift from the spoiler lies well inboard of the spoiler mid-span.

The overall result of the paper is that for a finite-span wing without slotted flaps, the effect of
bage-vented part-span spoilers on 1ift and rolling moment can be predicted accurately with only Lhe
spoiler base pressure coefficlent as a required empirical input. It sezems likely that an adequate
empirical recipe can be devised for predicting this base pressure coefficient as a function of wing
geometry and incidence, since it has a very limited range of values.

For the more interesting case of a wing with spoilers in the presence of slotted flaps, a sectional
thin-airfoil theory for predicting m and QL is not available. However, the numerical thick-airfoil

0
S S
theory of Reference 1, in its so-called 2-source model, can be used to calculate Cy as a function of
for an airfoil with spoiler and slotted flap, so that m and aLO can be determined, and the lifting-
S S

line theory can then be used as in this paper. This form of theory has still to be worked out and tested
against experimental data.
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A TECHNIQUE FOR PREDICTING EXTERNAL STORE
AERODYNAMIC LOADS

A. R. Rudnicki, Jr.
E. G. Waggoner, Jr.
R. D. Gallagher
Vought Corporation
Systems Division
Delias, Texas 75222

SUMMARY

A technique has been developed under U.S. Air Force sponsorship for predicting six-component airloads
on captive stores for single and multiple carriage configurations. The prediction method includes tech-
nigues for predicting the basic airload as well as the incremental airloads due to aircraft yaw and adjacent
store interference. The single carriage prediction technique is valid for the Mach number range 0.5 to 2.0
while the multiple carriage technique was developed for the Mach range 0.5 to 1.6.

The basic approach to the prediction technique was a. empirical correlation of a Targe experimental
data vase consisting of Titerature survey data and data obtained from a parametric wind tunnel test.

This paper summarizes the study program, presents the approach and major variables considered in the
technique development, and tiscusses the prediction results achieved. Comparisons between experimental
data and predictions for the s.. airload components are included for both subsonic and supersonic flight
conditions.

NOTATION
b Aircraft wing span, in, XB,YB.ZB Store body axis coordinate system
s SF
Cy Side force coefficient. ag;g; % Fraction of wing chord
d Store maximum diameter, in. Y4 Distance from lower surface of wing
to bottom of pylon at the mid-lug
K Generalized factur used to represent point, in.
an empirically derived correction.
Descriptive subscript will be a Angle of attack, deg.
associated with this factor.
a, Local angle of attack, deg.
Kesp Side force correlation factor
B,BS Store yaw angle, positive nose
KINTF Interference correction factor outboard, deg.
KL/C Correction factor based on store A Increment
length and aircraft wing local chord JBL
f n Frastion of wing semi-span, s, wheve
KNOSE Store nose 1ift efficiency factor YBL is tue distance from the aircraft
centerline to the centerline of the
KHING Store wing/fin 1ift efficiency factor pylon, measured in the wing plan view.
A Aircraft wing quarter-chord sweep
KZ Pylon height correction factor angle, deg.
Kn HWing spanwise correction factor o Sidewash angle, positive outboard, deg.
3 s ¥ Aircraft yaw angle, positive aircraft
KA] ngcxaft wing sweep correction factor, nose right, deg.
sin
Ko Partial derivative of sidewash with Subscripts
respect to a, 30 AC Aircraft
3o
L Store length, in. c Aircraft local wing chord
M Mach number INTF Interference
q Fiee-stream dynamic pressure, %%; 150L Isolated
PRED Predicted
SF Side force, 1bs
o Differentiation with respect to
SPA Side projected area, in.? angle of attack

2
SREF Store reference area, ﬂ%—, ft2. ¥ Differentiation with respect to yaw angle
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1.0 JinTRODUCTION

Determination of the aerodynamic forces and moments acting on individual components of an aircraft
is a part of the design process to assure that adequate load carrying structure is provided for all design
flight conditions. Accurate information on the aerodynamic loads is important to achieving aerodynamic
compatibility between the aircraft and stores. The flow environment in which external stores are immersed
is generally highly complex and affected by many variables; e.g., flight conditions and physical charac-
teristics of the circraft, store installation, and adjacent stores. Successful theoretical prediction
of quantitative data has proven to be difficult, although some techniques have been used successfully to
predict qualitative trends. The strong influence of viscous flow, particularly at transonic speeds with
multiple carriage store arrangements, has made current methods inadequate for many applications. The most
reliable method by which the engineer can provide store airloads continues to be through wind tunnel testing.
This latter process is normally complex and expensive and too often provides airloads data late in the
design effort, after many decisions influencing aircraft/store compatibility have already been made.

A study program was conducted by Vought Corporation, Systems Division under sponsorship of the Air
Force Armament Laboratory (DLJC), Eglin AFB, Florida to develop a generalized technique to predict aero-
dynamic loads acting on airborne external stores. As a consequence of the relatively low effectiveness
and inherent limitations of present theoretical methods, an experimental data correlation approach was
selected for developing the prediction technique. The major objective of this program was to provide a
prediction technique that is rapid and easy to use, versatile in application to various aircraft and store
configurations, applicable to maneuvering flight conditions at subsonic, transonic, and low supersonic
speeds, and sufficiently accurate for store/store installation design purposes.

Objectives of this program were accomplished in two phases. The initial phase involved the collection,
dncumentation, and correlation of existing a.rloads data upon which to initiate the technique development
and preparations for wind tunnel testing. The second phase of the program consisted of conducting the
wind tunnel test program to complete the required supporting data, performing detailed data correlations,
and developing the final prediction technique, '

This paper describes the work performed anﬁ the results obtained during all phases of the study
program. The various sections delineate specific tasks which were performed. Descriptions of both the
technical information survey and wind tunnel test planning and preparations are included. A discussion
of the agproach to the prediction technique including the dominant parameters is also presented. Finally,
the c?pa ilities and nominal accuracies of the method are assessed, including some comparisons with experi-
mental data.

2,0 TECHNICAL INFORMATION SURVEY

An extensive data survey was pecformed by Vought Corporation to lccate and acquire data and related
information on captive store and store instaliaticn airloads. Acquiring these date was necessary to de-
velop correlations essential to the prediction technique aevelopment and to provide guidelines in planning
the wind tunnel test program. Although data were known to exist on numercus store types and store
installations, problems in acquiring useful airloads data were apparent. These probiems included: the
inter-industry and inter-service dispersion of data, the diverse origin of airloads data, and the assoruied
approaches used in measuring airloads. The following paragraphs explain the general survey approach, the
type of data solicited and the broad survey results.

2.1 Survey Procedure

Early survey planning indicated three primary avenues by which the required technical data could be
identified. Selection of these avenues, which were chosen to encompass the majority of data sources, 2lso
provided a built-in cross-reference system which minimized the possibility of overlooking pertinent data.
Listed below are the primary approach avenues foilowed:

o Airframe and weapon contractors and government agencies
o Aircraft/weapon system program offices
o Technical literature surveys

Vought had compiled a comprehensive stores data bank through continuing in-house efforts and systematic
surveys under contract. Hence, data sought through the survey were the most recently generated data
available in the technical community. Although all the data identified through the survey were not ob-
tained, efforts to acquire those data deemed most relevant to the program were highly :zuccessful.

2.2 Nature of Data Solicited

Aerodynamic data and information as summarized in this section were requested to support the study.
The desired data involved stores, store installations, and parent aircraft. This information is classified
in three broad categories: experimental data, existing prediction methods and data correlations, and
related literature on the subject. A further breakdown of the experimental data includes aerodynamic
force and moment data, both wind tunnel and inflight, and flow field information. The aerodynamic force
and moment data include those obtained for individual stores, racks, pylons, or aircraft, such that air-
loads on individual installed stores can be definad. Free-stream store data were also sought to be used
as a base in isolating store-aircraft interference effects., Data for all types of store loading arrange-
ments were solicited, These included data for stores mounted singly or on MER or TER racks, single and
multiple ratl luanchers, conformal pallets, etc., on both wing and fuselage stations.

Techniques capable of predicting airload components for stores carried in the flow field of aircraft
were also solicited. In general, these prediction methods were found too limited to meet the objectives
for preliminary design. However, most techniques present an approach to the treatment of certain para-
meters which are considered primary independent variables influencing the store airloads. These include
such parameters as afrcraft attitude and flight condition, store geometry, location and installation, and
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adjacent interference. Hence, these correlation and prediction technioues were a useful aid in the
formulation of the general prediction method.
2.3 Survey Results

The data survey resulted in the acquisition of a considerable amount of data pertaining to stores and
store installations which was not 1n the originail Vought data bank. ‘duch of the experimental data acquired
provides total aircraft airioads due to the combined aircrift-store configuration. While useful in
determining general store effects, it is difficuit to isolate individual store or store installation
airloads from these data. Extensive indivudual store and store installation airloads data were made
availlable on the A-7, F-4, and F-111 aircraft., The majoiity of data on these aircraft consists of metric
store and metric pylon airloads where a balance mounted internal to the store or pylon 1instailation measures
the applied aerodynamic forces and moments. Other aircraft for which store airloads have been acquired
are the A-4, A-6, F-5, F-86, F-105, F-100 and various wing-fuselage combinations.

The following summary observations are made concerning the specific flight condition and geometry
variables encompassed by the survey data and the general nature of the data. The significance of tnese
observations is best vealized when 1t is understood that the developed prediction capability for a given
variable und the selected conditions/configurations for wind tunnel testing are a direct function of the
avatiable data quantity and qualit,.

Data coverage for the desfred subsonic to supersonic Mach number range was generally acquired with
lesser quantities being available for the supersonic region. lhe majority of acquired data detines airloads
in the subsonic flight regime. In the supersonic flight regime date are generally limited to single store
carriage installations; however, substantial multinle store instaliaiion data were obtained well into the
transonic region. F-4 and F-i1} store atrioads data comprise the majority of the supersomic data. The
avaflabie A-7 store airloads data are !imited to subsonic and transonic flight although considerable A-7
supersonic data were acquiregd ir wind tunnel tests conducted as part of this study.

Store and siore installation airliocads were acyuired for a variety of store types. However, there
has not been a great quantity of data ¢cquired for any one store type mounted on various aircrafi. These
data are necessary tc isolate the effects o certain variables, or at least to remove the variance in
store geometry as an independernt variable. Considerable free-stream store aerodynamic data were also
obtained which were useful tn i1solating aircraft/store interference effects. In regard to store installa-
tion type, the bulk of the data acquired were for single and multiple stores carried on wing pylons.
linited data are available on fuseiage mounted instaltations, including multiply and singly carried
stores, both tangent and pylon mounted. Sparse data exist for TER, wing tip mounted, fuselage semi-
submerged, wing tangent and semi-submeérged, and conformal stere :nstallations.

3.0 WIND TUNNEL TEST PROGRAM

tarly n the study 1t was recognized that sufficient airioads data did not exist for deveioping the -
prediction techniques from empirica! correiations. Aiso, 1t was impractical to expect that data accumulsted
from the varied sources would be thorough enough to establish predictible trends for all priority variables
whose contributions coilectively define captive store airloads. The practical solution seemed to be to
compile all availanie air!oads data, review these data to identify voids where cdditional data were
needed, and then perform a wind tunnei iast program to acquire complementary airioads data through
systematic variations in aircratt ana swure configurations, Vought possesses unique wind tunnel model
nstrumentation and hardware capable of acquiring extensive store airloads data in » singie run, Much
of the model nardware needed to test a wide variation of instrumented store arringements was already
avaliabie tor high speed testing. [t was decided to adapt this hardware to eristing -4 and A-7 wind
tunne! modeis for a test program which would technicaily and economicaliy sitisfy tre cisrent study needs.
The following sections describe the test program and include a description of test rardware, variables
encompasse2, and related test preparation.

3.7 Program Description and Test Capabilities

The wind tunnel test program consisted of instrumenting 0.05 scale models of both the A-7 and F-4
aircraft to measure individual store airloads for both single and multiple carriage storzs. In addition,
the A-7 parent aircraft model was instrumented to obtain six-component aircraft force and moment data
simultaneously with the instrumentd store data.

Five componeni balances (excludes axial force) were used on both F-4 and A-7 test programs to
obtain multiple carriage store airlcads data. The instrumented MER is designed to carry six of these
balances simultaneously, one on each of the six MER stations. Data were obtained at al! six MER stations
continuously during a run. The MI17 (MAU-103A/B fin) and BLU-27/8% {finned and unfinned} firebomb stores
were utilized in obtaining multiple carriage rack airloads. Instrumented multiple carriage racks were
capable of being tested on all right-hand wing store stations and on fuselage centerline store stations
on both the A-7 and F-4 aircraft models. A1} multiple carrfage store airloads data for the wind tunne)
test program were obtained using an instrumented MER since no instrumented TFR hardware was available.
Six component balances were used on both aircraft models to obtain individual store airloads for the single
carriage stores. The 300 gallon fuel tanx and the Walleye (AGM-62A) store models were used to obtain the
single carri'ge airlonds. Instrumented single carriage stores nad the capability of being mounted at any
wing store staticn on both the A-7 and F-4 models. The 11lustrations presented in Figure 1 provide a
surmary description of instrumented single and multiple store testing capabilities.

Another test capability, which is not oovious from Figure 1, permits F12 inch (full scale) longitudinal
shift relative to the pylon in the instrumeated F-4 single carriage store position for bcth inboard and
outboard wing pylon stations, It provided additional parametric type store airloads data for the 300
gallon tank and Walleye stores by providiag captive airloads data at several chordwise positions. These
data were of considerable value to the technique development.




et e e e o

veratn crter « v Ve

- AT £ 3.2 Test Variables

Any prediction technique
derived through an empirical

pusition; aircraft configuration
(win? sweep angle, high/low wing,
etc.}; atrcraft attitude; and
fiight conditions.

®

@ (LH) {RH) (LH) {RH} correfation of data requires an
g —~— adequate data base to be meaning-
< Q ful. The data base must span

< , the range of variables that

o \:EA':_(L)E':E MERO 1D AERO 1D dominate captive store airloads.
3 AERG 10 WALUEYE WALLEVE These dominant parameters include
| WALLEYE store contiguration; store span-
o wise, chordwise, and vertical

<
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Many of the variables
examined during the wind iunnel
test program concerned with
dircrafi/store confiouration
effaccs were included in the
discussion of test capabilities
above (atrcraft type, chordwise

NOTES Ve . ;
1. INSTRUMLNTED MER RACKS CAN BE CARRIED AT EACH OF THE PYLON position, spanwise position,etc).

STATIONS ON THE A.7 AND F-4 AS SHOWN ABOVE, BUT NOT AT MORE Remaining variables include the
range of flight conditions tested.

THAN ONE STATION SIMULTANEOUSLY :
The Mach number range for single

2. THE INSTRUMENTED SINGLE.CARRIAGE STORE CAN BE CARRIED AT carriage configurations varied
THREE A-7 OR TWO F4 PYLON STATIONS SIMULTANEQUSLY from 0.5 to 2.0 with data ob-

tained specifically at M=0.5,
0.7, 6.9, 1.05, 1.2, 1.6, and
2.0. The Mach number range

for multiple carriage contigura-
tions varied from 0.5 to 1.6
with data gbtained at the same Mach numbers as single carriage exciuding Mach 2.0. hifficulties were
encountered with model dynamics when testing multiple carriage configurations at Mach 2.0; therefore, this
higher Mach number was deleted from the test pregram. The angle of attack range for all test data varied
from -4 to +12 degrees while the yaw angle range varied from -8 to +8 degrees in four degree increments.

Figure 1. A-7 and F4 Instrumented Store Test Copability

4.0 PREDICTION TECHNIQUE

Development of the prediction technique was approached as an empirical correlation of all available
airloads data. The parametric type wind tunnel data obtained from tests conducted as part of this study
were used to complerent the existing data.

The question of how to correlate these data into a prediction method that is both simple and accurate
was answered by preliminary comparisons of captive and isolated store data. Aerodynamic characteristics
of the captive stores were observed to possess much the same linear nature as isolated stores. The isolated
characteristics are presented in Figure 2 far the same store whose captive side force characteristics are
shown in Figure 3. The 1{near approximation is indicated in each figure by a dashed line anu is an adequate
representation of the actual quasi-linear data.

6y “emmmmmmn EXPERIMENTAL DATA
o = = o= = LINEAR APPROXIMATION wemmmismenn EXPERIMENTAL DATA
201 = = — —= LINEAR APFROXIMATION

by

-2.04

Figure 3. Captive Store Side Force Characteristics

This linear characteristic found in most of the data
greatly simplifies the mathematical expressions
needed. Unfortunately, the quasi-linear retationship
displayed by the side force component does not extend
to all components for the angle of attack range
desired for the prediction technique (-4/12 degrees).
The captive yawing moment component ror the subject

, . store is presented in Figure 4 along with the linear
Figure I Typical Isolated Store Aerodynamic Characteristics approximation covering the largest portion of the
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EXPERIMENTAL DATA desired ange of attack range. As shown in the
o= an = = o= == LINEAR APPROXIMATION figure, significant errors will result using the
2) Jinear approximation above approximately 8 degrees

angle of attack. Even 5o, there is a linear region
to represent a significant part of the airplane's
flight enveiope, and the advantages of using the
Tinear approximation for each component far cutweigh
the disadvantage of some loss in accuracy in a
vortion of the desired angle of attack range. It
should be noied that if the isolated aerodynamic
characteristics of the store are non-linear in nature,
then this non-linearity should be expected in the
captive airloads. The advantages of linearizing the
data base are (1) a simplc representation of the
component airioad by a y=mx + b type equation and
(2) a major veriatle, aircraft angle of attack, 1s
built into the matiematrcai component airload
« - DEG representation. As a resuii, the data base was
linearized so that each airload cunanent could be
expressed as a slope (force or mom~nt as 2 function
10l of anqgle of attack)and an intercept at zero any'e of
’ attack. As a result of the linearized data base, ai’
predictions are accomplished in the form of a pre-
dicted slope and intercept for each of the airload
components. Because of increasing nor-linearity
at the larger aircraft angles of attack and yaw angles,
significant errors are likely vutside the range of applicability stated for these variables. A summary of
nominal method accuracy including some comparisons with experimental data is presented in Section 5.0.

Figure 4. Captive Store Yawing Moment Characteristics

4.1 Basic Approach

A theoretical method must rely on mathematical descriptions of the aircraft components, pylons, racks
and stores to implement pctential flow solutions of the store airloads. Any corrections for viscous effects
must be handled separately. An empirical method allows much simplification to that approach. The basic
dpproach used in this method applies the concept that captive airloads are the result of a free-stream flow
plus the interference effects. In this way, work that has bear previously accomplished for free-stream
aerodynamic predictions can be used as a base on which to relate captive airloads. This permits the
prediction procedure to be a summation process as indicated below.

Captive Store Airloads = Isolated Store Airloads + Interference Effects

Applying the summation approach to interterence increments depends first on airloads fcr some base
configuration. Corrections can then be added to these initial airloads to account for differences between
the base configuration and the desired configuration. Predicting these initial airloads is called the
initial prediction. It involves assuming the store is in the flow field of a base wing with 45° sweap
and installed at a specific spanwise, chordwise, and vertical location, The next step is tu obtain a
final prediction by applying empirically derived corrections to the initial prediction to compensate for
aircraft configuraticr differences and to account for the effects of the store being in the desired span-
wise, chordwise, and vertical location.

This approach was used in correlating the experimenta) data to develop the prediction method presented
here. Correlations toidentify airloads for the base configuration implement the initial prediction pro-
cedure and were basic to the entire developient process. These correlations were performed with M=0.5
data to avoid the increased complexity of compressible flow corrections and shock induced effects. This
is the lowest Mach number of the test data from the wind tunnel tests of this program. Because compressi-
bility effects are normally small at speeds below M=0.5, the method is considered valid for low subsonic
speeds without Mach number corrections.

Correlations of the data to identify corrections needed to account for Mach number and configuration
differences were much more d* “.icult than those for the base data. This greater difficulty results from
the many factors which contribute to the aerodynamic differences between the various store installation
configurations. Some of these factors are the reason rigorous mathematical soluticns are not yet practical
for prediction purposes or many installations, particularly for muitiple carriage racks. Fortunately,
experimental data indicat> that some of these differences are either small or compensating so that empiri-
cal expr:ssions are possible without inciuding terms which evaluate each contributing parameter. A method

ras heen developed by using the available data to establish predictable trends and these trengs are expressed
mathematically.

To apply the method, the initial prediction of captive airloads 1s always made first at M=0.5 by
assuming the store is inserted into the flow-field of the base wing (45° sweep). The initial prediction
is made for the basic airload case (i.e., the captive store airload generated by a zero-yaw pitch excursion
of the parent aircraft). The incremental captive airloads due to aircraft yaw and the effects of adjacent
store interference are predicted as increments to be added to the basic airload. The effects of Mach
number are treated as an increment to be added to the prediction at M=0.5. At a particular Mach number

the total captive ajrload experienced by a store can be obtained from the following generalized coefficient
expression:

Cx = Cx + ACXB + 8+ 4AC,
TOTAL BASIC INTF
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whure:
X - can be y, n, N, M, A, or ¢ representing side force, yawing moment, normal force,pitching
moment, axial force, and rolling moment, respectively.
Cx - Basic captive airload yenerated by a zero yaw pitch excursion of the parent aircraft.
SASIC
ACX - incremental airioad due to aircraft yaw per degree store yaw angle, 8,
8
8 - Store yaw angle equal to WA/C for a right wing store installation and 'WA/C for a left
wing store instailation,
ACX - Incremental airload due to the effect of adjacent store interference.
INTF

In summary, the total captive airload experienced by a store can be calculated by incrementing the
1s50lated store aerodynamic characteristics through the initial prediction summation procedure for the base
wing (45° sweep), applying empirical corrections tu arrive at the final prediction for the subject wing,
and using the generalized coef:.icient expression above to sum the major cont-ibutions to the installed

4.2 Prediction Equations

The variables used n
deriving the final prediction
equations for beth single and
multiple carriage configura-
tions were essentially the
same. These variables accounted
tu: store configyration charac.
teristics (both physical and
aerodynamic); store spanwise,
chordwise. and vertical location
in the aircraft flow-field; the
interference effect of the
aircraft fuselage ard adjacent
stores; parent aircraft attitude

airload.
1.6.[
g=0°
1.2
K =~ a_O
Ja
0.84
04+
A - L i i 1 i
~04 -0.2 0 0.2 04 0.6 0.8 1.0 1.2
X
[+
Figure 5. Variation of o with « for a 45° Swept Wing

AREA SEGMENTS

NOSE

2

woov [
winG

<

Figure 6. Area Segments for a Typical Store

(p1tch and yaw); and Mach number.

As a result of the simi-
larities in the equation forms,
only the single carriage M=0.5
side force slope prediction
equation is presented and dis-
cussed here. The intent 1s to
describe typical procedures used
in developing the prediction
method.

4.2.1 1Initial Airload Prediction

Initial prediction calculations
begin by assuming the store 1S 1nserted
into the flow field of the base wing
(45° sweep) at the mid-semispan (n=0.5)
position. Longitudinally the store 1s
placed at the true captive position
and the local wing chord is assumed
to be the same as the captive position
for the subject aircraft wing. The
sidewash characteristics of the base
wing are known from an analysis of
the flow field data presented in
Reference 1. This analysis yielded
the rate of change of sidewash angle,
o, with respect to angle of attack,a.
This term, 3g is known as a function

o
of x/c for the base wing, Figure 5.

Several definitions concerning
the store and aerodynamic character-
istics must also be made. The total
store planform area is divided into
nose area, body area, and wing area
as shown in Figure 6. The distinc-
tion in planform areas is required

since aerodynamically the nose and wing are more efficient producing 1ift {or side force in this case) than
the store body. Because of this efficiency distinction, factors have been defined using Reference 2 for
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for the store nose, Kygsps and wing(s), K e, to weight their respective planform areas 1n relation to
the store body ptanform area.

With a knowledge of the store geometric and isolated aerodynamic characteristics, a summation
procedure is performed along the store in the aircraft flow-field to obtain an initial prediction of side
force slope. The store is positioned in the airvcraft flow field as shown in Tigura 7. The planform area
of the store is projected into the Xg, Iy plane and is defined as side projected area, SPA. The store
is divided inio constant length segments from nose to tail, Figure 6,and the SPA is computed for each of
the segments with distinction made as to nose, body, or wing areas.

+o
SIDEWASH

-08 -06 -04 -02 ] 02 04 06 08 10 12 14

I 1 l 2 ] 3] a] s| 6|7 8]j o]0 l 1

o lx
W

Figure 7. Typical Store immersed in Aircraft Flow-Field

With the segmented side projected areas defined and the store inserted into flow field of the base
wing, the summation procedure is given by the following relationship.

m
ADJUSTED SPA = nzl K; Knose Kuing  SPA

n
n n
(TAIL)n
where:
m - Number of constant length area segments as computed from store nose to tail.
Ko - Rate of sidewash variation with angle of attack, %%, Figure 5.

KNOSE - Store nose lift effectiveness.

KHING - Store wing or tail 1ift effectiveness.
(TAIL)
SPA - Store side projected area, in?., Figure 6.
then:
K - ADJUSTED SPA
Cse  SPArgraL
where:

ADJUSTED SPA - Adjusted side projected zrea of the store as given by the summation equation ahove.

SPATOTAL - Total side projected area of the store. The sum ot nose, body, and wing side projected
areas.

The initial side force slope prediction 1s given by the following equation:

@ .8

INTIAL sk Ppso
PRED




5-8

where:
d!§F-) ft?
i - Isolated aerodynamic characteristics of the subject store. Equal to CL SREF’ JE—L
Y150 Computed from the method of Reference 2. 2150 9

It should be roted that 1f expermmental 1solated store characteristics are used in the above equation,
the user must stili perform most of the corputations of Reference 2 since many of the terms of the computa-
tion are used wn defining the store nose and wing weighting factors.

The discussion 1n ths section has been limited te the single carriage side force slope 1nrtial
predictions. Initial predictions of normal force, pitching moment, and yawing moment slopes for hoth
single and multiple carriage, are similar. An additional term is added to the summatior procedure for
the moment terms to account for the displacement of the area segment with respect to the moment reference
point. Inmitral predictions of axia! force and rolling moment are somewhat different witi. a complete
discussion included in Reference 3.

4,2.2 Aircraft/Store Interference Prediction

The single carriage side force slope prediction equation is presented below.

SF _ SF
(71_)0‘ g (q)w Kn Konre ¥ Kz
PRED 1S0 C
The imitial term, Kc (%;)? , in the above equation 1s the i1nitial prediction discussed in Section

4.2.1. The remaining factors are empirical corrections to the initial prediction to compunsate for the
effects of the parameters previously mentioned in this section.

The first empirical correction, term, Ky, is a factor to compensate for the spanwise position of the
subjzct store. This factor was derived from three independent data sources, ali of which were contained
in the data base consisting of the survey data and the wind tunnel test data. In order to derive a span-
wise correction factor, 1t is desiradle to have captive airiocags data for several store types on all wing
pylens for as many parent aircraft as possible. Two of the previously mentioned data sources came from
the survey. One source, Reference 4, contained the BULLPUP "A" missile on F-4 inboard and outboard wing
pylons. A second source, Reference 5, came from the test program in which the 300 gallon tank and Welleye
stores were tested on all wing pytons of both the A-7 and F-4 aircraft. The third and final data source
was a flow-field investigation of a wing-body combination at low subsonic speeds reported n Reference 1.
The flow-field investigation reported flow angularities both in the lateral and vertical planes for semi-
span stations n-0.25, .50, and .75 for a number of chordwise and vertical locations beneath the test
wing. Ratioing the sidewash flow angularities from the flow-field data, assuming the mid-semispan position,
n=0.5, as the base, the solid curve 1n Figure 8 was derived. Through a similar analysis the data points
represented by symbols were derived as also shown in Figure 8. Hence, from three independent data sources,
essentially the same spanwise trends were obtained for single carriage side force slope. The final
correlation curve presented for this term 1s the bes! fairing of the data presented in Figure 8.

The next empirically derived

1.0~ correction to the initial prediction
) 1s the factor KINTF. This term

+ accounts for the i1nterference effect

08} of the fuselage on the captive store

side force siope for high-wing air-
craft. The presence of the fuselage
06 near the installed store prevents the
full development of a sidewash Tlow-

Ky field and, therefore, modifies the
04l spanwise trends established eariver.
== FLOW ANGULARITY DATA
O WALLEVE The term KL/C is an empirical
02k [ 300.-GALLON TANK factor based on the length of the
QsuLLPuP A store divided by the local aircraft
wing chord. In addition to the chord-
0 1 =1 1 1 J wise location of the captive store,
0 0.z 0.4 0.6 08 1.0 this factor gives an indication of

the amount of the store contained 1n

FRACTION OF WING SEMISPAN — 7 t
the non-umi form wing flow-field.

FMWQ.DMWMnM$Mme&we%meCmmmm MenutmmuKLintMSNe

force slope equation is a factor to

account for pylon height variation.
Sidewash angularity beneath a swept wing is strongest near the wing surface and decays to zero at some
distance, on the order of a local wing chord length, beneath the wing. Experimental flow-field data
indicate that the decay is exponentially shaped. Other investigators (Reverence 6) have developed an
empirical pylon height correction factor for side force slope which is presented in Figure 9 as a function
of vertical distance beneath the wing surface to the store longitudinal axis. Tiyure 9 also presents the
pylon height correction factor for side force slope developed from the present study for comparative
purposes and is presented as a function of vertical displacement from the wing lower surface to the pylon
rack mid-lug point. The exponential variation with pylon height ts apparent in both cases.
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The final empirical factor, KA], is a
first order correction for aircraft wing
sweep angie. The factor is defined as
sin A/sin ABASE where 4 is the quarter chord
sweep of the subject aircraft wing. The base
sweep angle, ABASE, for this factor is 45°
since the initial prediction discussed in
2k Section 4.2.1 was made for a base wing with
45° sweep angle. This factor has been sug-
gested by several investigators including
K2/d those of Reference 6 and is adequate for wing
sweep angles that do not vary significantly
from the hase wing sweep (45°). For this
reason the range of sweep angles for which
the technique 1s recommended is limited to
quarter chord sweep angles between 30 and
60 degrees.

r A} REFERENCE 6

The discussion ir this section has been
° 1 1 1 N limited primarily to those empirical factors
0 1 2 3 4 pertaining to the single carriage side force
slope prediction for M=0.5. Presented in
= Reference 3 are the prediction equations for
¢ all applicable rack types, store carriage
locations, and aircraft speed regimes. In-
spection of these equations reveals a large
2 \\\ 8) PRESENT STUDY number of empirical correction factors which

have not been discussed here. However, the
development of those terms was similar to

those presented here, and detailed descriptions
of these terms are included 1n Reference 3.

K2 b 5.0 ASSESSMENT OF APPLICABILITY AND ACCURACY
OF THE PREDICTION METHOD

In undertaking this research program,
there was some question regarding the degree
of success that could be expected from a data

0 1 1 I } correlation approach to developing a store
Y 10 2 % 40 airloads prediction technique. Experience
Z -\ in developing other empirical methods yave

reasonable assurance that a method was
possible. However, the goal for this program
Figure 9. Comparison of Pylon Height Correction Factors was a method that was easy to use and would

provide sufficient accuracies to make the

predictions suitable for preiiminary design
purposes. The results reported in Reference 3 indicate that this goal was achieved. One of the important
factors influencing these results was the quantity and quality of data used in the correlation. Because
of the limited data obtained in the survey, the wind tunnel data produced as part of the program made
possible the versatility which was accomplished.

Simplicity was achieved in the sense that there are no complicated steps required to apply the method.
There are many factors to be evaluated, but the process is outlined in a systematic sequence of simple
steps. Because there are numerous calculations required for a compiete prediction of s51x comporent air-
loads f?r multiple store installations, computerization of the method for practical applications appears
aopropriate.

The method has a wide range of applications and capabilities. The method 15 capable of predicting
the captise airloads for single carriage and multipie carriage store configurations for a generalized
aircraft including the basic airlcad (that airload generated by a zero-yaw pitch excursion of the parent
aircraft) and the incremental airloads due to aircraft yaw and adjacent store interference. Establishing
absolute limits of applicability is difficult since this is often a function of the accuracy that is
acceptable. Recommended 1imits are submitted and sufficient data are presented to implement the method
for those limits. Applications beyond the stated limits will normally mean a decay in accuracy.

The single carriage method is valid over the Mach number range 0.5 to 2.0 while the multiple carriage
Mach range is from 0.5 to 1.6. Both single and multiple carriage prediction techniques are valid over the
angle of attack range of -4 to +12 degrees and the aircraft yaw angle range of -8 to +8 degrees although
best accuracy for the increments due to aircraft yaw are for the range -4 to +4 degrees. The aircraft wing
sweep angle {(quarter chord) range of validity is from 30 to 60 degrees although the method can be applied
to 2 wider sweep angle range {say 20 - 70 degrees) with decreased accuracy. The method is applicable to
all wing/pylon and fuselage centerline carriage configurations. It is not intended for fuselage configura-
tions off the centerline nor to semi-submerged or conformal carriage.

An assessment of the accuracy of the method has been conducted through comparisons with the data base
used in the technique development. The first accuracy check, and possibly the most meaningful, was a
comparison of predicted values of individual airload components with the linearized representation of the
data obtained from the test of that configuration in the wind tunnel. This check is meaningful because
accurate linearized representations, like those shown in Figures 2 and 3, are adequate for most engineering
applications. Wind tunnel tests for airloads data can often be avoided if this type prediction has
sufficlent accuracy. The accuracy comparisons with the 1inearized data base indicate that all components
for both single and muitiple carriage configurations are nominally within ¥10% of the base value.




Additional comparisons were made to check predicted values with specific data points. This check
does include the effects of scatter in the wind tunnel data which is not necessarily a true test of the
method. However, it does indicate something of the data non-linear effects on accuracy. Comparisons with
the experimental data base for two single and one multiple carriage configuration are presented in
Figures 10 through 15. These comparisons allow the reader to see the effects of data non-linearity on
accuracy in portions of the angle of attack range.

6.0 CONCLUSIONS AND RECOMMENDATIONS

With the conclusion of the program we are left with a few summary comments and observations which
are mentioned here.

o It is possible to take experimental captive store airloads data and correlate these data into
mathematical expressions for predicting store airloads for the generalized aircraft/store
configuration.

o Accuracy is sufficient for preliminary design.

o The number of steps required for a six component airloads solution suggests that computerization
of the method is desirable.

o Better accuracy is attained for the force components than the moment components due to the sensi-
tivity of the moment components to the factors affecting the local flow-field such as viscous
effects and adjacent store installations

o Further work should include parametric data obtained on a generalized wing/body aircraft model
utilizing generalized store shapes to generate larger ranges of data for the most influential
variables. An improvement in accuracy should naturally result.

o Additional work should consider using higher order curve fits of the data base for possible
accuracy improvements.
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PREDICTION OF EXTERNAL-STORES AND TIP-TANK LOADS ON WING-FTUSEIAGE 7CNPIGURATIUNS

$.R. Ahmed "
SUMMARY

An evaluation of a first order "panel" methud to predict the six-component aerodynamic forces and
moments on captive stores and tip-tanks mounted on a wing~fuselage configuration {s presented. The method
has been tested on two accounts: rrediction of surface pressure distribution, and estimation of the

resulting forces and moments.

In view of the large numver of parameters involved, the main investigation dealt with three geometric
parameters: store chordwise and spanwise location below the wing, and the wiug mid-chord sweep. Influence
of Mach numbe.  wis investigaten separately over a range of O to 0.9, 3tore/pylon;fin and wing/tip-tanh

interactions were stuaied on basis of calculated surface flow patterns.

The method was next applied to calculats the forces and moments acting on an extreme forward, central

and extreme rearward located tip-tark on the swept wing-fuselage configuration.

Comparisons between wind-tunnel data and rerults of inviscid flow analysis are inclvded for high

subsonic speeds.,

NOTATION
b wing span
c local wing ~hord
c_ local 1ift coefficient, based on store maximum frontal area FA
<a
a 1ift coefficient, based on store maximum frontal area FA
4 pitching moment / quAiA , nositive nose upwards, referred to store mid-point
Cx yawing noment / q F,2, , positive nose inwards, referred to store mid-point
c static pressure coefficient = (p - po)/qo
cv local side force / qoi‘A , positive towards fuselage
ey side force / qorA , positive towards fuselage
d store maximum diameter
A 74 2
FA store maximum frontal area = uA
lA’ lT store and tip~tank overall length
) pylon chord
Ma free stream Mach number
Ps Py local and freestream static pressure
9 freestream dynamic pressure
Ve freestream velocity
Ver vy, v, velocity components in x», y and z directions
xy? sz resultant velocity of Vs vy ana v, v, components
Xy ¥, 2 distance measured along horizontal, lateral and vertical axis of right-handed coordinate system
X, y 2 distance along store axis from nnse, lateral and vertical distance between fuselage centreline
A* Yar A "8
and store axis
Xp distance along pylon chord from pylon leading edge
Xg chordwise position of store mid-point from local leading edge, fraction of iocal wing chord,
positive aft
Yo spanwisu position of store mid-point from fuselage centreline, fraction of semispan
Xpg chordwise position of tip-tank mid-peint from leading edge, fraction of wing-tip chord,
positive aft
o angle of incidence (degrees), positive nuse up
fn wing mid~chord sweep

*Dr.-Ing., Research Scientist, Institut fir Aercdynamik der DFVLR, Braunschweig, Germany.
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1. INTRODUCTION

With the increasing demands made on the manoevrability and stcre carrying capacity of combat aircraft,
the aerodynamic forces and moments acting on individual components tend to be relatively large compared to
the aircraft size and inertia forces. To achieve uompatibility between aircraft and stores, as well as for
a safe structural design, a physical insight into the details of the flow field and accurate prediction of
comporant loads are needed at an early design stage. Information about carriage loads forms also the basis

for the initial conditions at the time of store release.

Most of the present day combat airplanes have stores or similar bodies mounted externally beneath the
aircraft wing and are thus placed in a non-uniform flow field of curved streamlines, varying velocity and
dynamic pressure. The highly complex interference phenomena between aircraft and store assembly components
induce sidewash, up- and downwash, and angular flow displacements., These in turn cause normal- and cide-
forces, and pitching, yawing and rolling moments on the components, The mutual sunerimposition of the
component pressure fields and that of the parent aircraft has a corresponding influence on the boundary

layer development, often enhancing the adverse effects leading to its separaticn.

The complexity of the problem, the strong influence of viscous effects particularly at transonic speeds
and by nultiple store arrangements, makes theoretical prediction of store loads in real flow extremely diffi-
cult. Earlier effort in this field has been mainly experimental in nature. A comprehensive review of both
experimental and theoretical work till 1962 was given by Marsden and Haines, Ref, 1, Based on this they
developed an empirical method to calculate aerodynamic loads, which was later substantiated by more meas..re-

ments, Ref. 2, and updated, Ref. 3.

Existing theoretical methods for estimating store/pylon and tip-tank loads use approximate analytical
techniques to allow for the interaction among configuration components. The flow field around the wing~
fuselage is most commonly determined by linear theory. fernandes (Ref. 4) computes the load along store
axis by applying the so determined local field conditions to the load distribution obtained in uniform flow.
His method is developed for subsonic compressible and supersonic flow. Grose and Bristow (Ref. 5) use singu-
larities to satisfy boundary conditions on store surface, Effects of pylon and fins is not included in the
reported results, Nielsen, Goodwin and Dillenius (Ref. 6) evaluate store loads from slender body theory and
fin loads from linear theory. Viscous crossflow effects are included, the results however seem to be sensi-
tive to the assumed location of separation point Chadwick (Ref. 7) uses non-planar lifting surface theory
to calculate pylon loads from wing/pylon analysis for incompressible flow. Interference carryover loads

between pylon and store are calculated assuming @ constant sidewash.

The present appreoach, the so called "panel" method, permits a detailed simulation of the aircraft and

store geometry, with the result that the whole can be considered from the outset as a complete entity.

Both the displacement effect of shape thickness and lift generation is accounted for within the frame-
work of potential theory. The mutual interference of all configuration components is simultaneously con-
sidered, and exact, not linearized, boundary conditions for attached flow are fulfilled on body surface.
The validity of the analysis is extended to the high subsonic flight regime by the application of Githert
rule. The method is discussed in detail in Ref. 8.

Output data of a calculation are flow quantities over the entire body surface. Integration of pressure

over the surface, part or whole, yields the forces and moments required,

2. BASIC CONCEPTS OF THE METHOD

The incompressible potential flow around an arbitrarily shaped three dimensional body is considered to
be formed by a linear superposition of a known unifeorm onset flow and an unknown perturbation flow, The per-
turbation flow represents the amount that the onset flow is ch;;ged by the presence of the body to produce
the actual flow field. The perturbation flow fulfils the condition of irrotationality and continuity; it can
therefore be expressed as gradient of a scalavr potential function. This potential function represents

a solution of the Laplace equation. *

In the flow field, perturbation effects vanish at distances far from body and on the body surface,

flow tangency is prevalent everywhere. These two boundary conditions are imposed on the solution sought.
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The solution of the Laplace equation is constructed by arranging a distribution of basic singularities
on the body and wake surfaces. Each of these singularities represents hy itself a solution of the Laplace
equation., Effect of this singularity distribution producing disturbance velocities at a point on body sur-
face is evaluated as an integral, employing Green's theorem. This integral expresses the induced velocity
at a body point in terms of the known body geometry and thc unknown perturbation singularity strength.
Satisfying condition of zero normal velocity (i.e. flow tangency) at a surface point yields & determining
equation for the singularity strength. The procedure has been developed originaliy by Hess and Smith, Ref, 9,
Rubbert and Saaris (Ref. 10) added the capability to handle problems with circulation and ;ift. Detailcd

description of the formulation and experience gained with the computing routine used in this paper are given
in Refs. 8 and 1l.

3. DESCRIPTION OF THE THEORETICAL MUDEL AND SOLUTION IMPLEMENTATION

Simulation of flow about lift generating bodies should include representation of trailing vorticity,
which for the present case consists of contributions from wing, fuselage, pylon, store, fin and tip-tank.
As the trailing surface is treated in the method in a similar manner as the body surface, its geometry needs
to be known in advance. The definition of a trailing surface, especially for bluff bodies, and its disposi-

tion with change of aerodynamic parameters is extremely difficult to describe quantitatively.

A simplified procedure, meeting practical purposes, is adopted to enable the computation. All trailing
surfaces are assumed to be planar, their relative position with body geometry remaining constant with change
of, for example, incidence. Wing, pylon, and fin trailing surfaces emanate from trailing edge and extend
planar, in direction of trailing edge bisector, downstream. Fuselage and store trailing surfaces start at
the bluff aft end, fuselage trailing surface coplanar with that of the wing, and store and pylon trailing
surfaces perpendicular to each other (see Figs. 1 and 2),

With these assumptions body and trailing surface is approximated by plane quadrilateral panels, each
carrying a constant singularity distribution over its surface. Solid surface is represented by a source panel
network. Lift and sideforce generation is accounted for by multihorseshoe vortex system on the camber sur-
face of wing, fuselage, pylon, store, fins and tip-tank. The trailing surface is represented by the trailing
vorticity of the multihorseshoe vortex system arranged inside the body, and emanating at the trailing edges.
The numerical model so developed is detailed in Figs. 1 and 2.

The integral equation for perturbation potential, mentioned in Section 2, reduces through the surface
discretisation described above, to a sum of integrals, each belonging to a panel. The integrals are essenti-
ally functions of panel singularity strepgth and its geometry. Fulfilment of boundary condition at a point
on body or wake surface yields a linear equation relatinz the unknown panel singularity strengths with the
known body and trailing surface geometry. Solution of the integral equation means therefore, the solution

of a large system of linear equations, the number of unknowns being equal to the number of points where
boundary conditions are satisfind.

Output data available after a computatioi. are flow quantities at a characteristic point of each panel,
six-component forces and moments of each panel obtainerd from integrated surface pressure, and finally flow
quantities and streamlines in flow field outside the body.

4, EXPLRIMENTAL INVESTIGATIONS

4.1 Pressure measurements

Ihe experimental pressure distributions fcr comparison with theory were obtained on wind-tunnel models
shown in upper half of Fig. 3. The straight and the 45° sweptback wing were alternatively mounted symmetri-
cally on a fuselage of fineness ratio 8. Both wings, of aspect ratio 6, were untapered, unwarped, and had a
9% thick RAE 101 Section profile. Unswept pylons with blunt leading and trailing edge were fixed vertically
without skew on the wing. Stores and tip-tanks had identical geometry.

Closely spaced static pressure orifices were provided on the wing, fuselage, pylon, store and tip-tank
surface. All test duta was obtained at a wing chord based Reynolds number of about 3,3-105. A fuller descrip-

tion of the experiments conductad at Deutsche Forschungs~ und Versuchsanstalt fiir Luft- und Raumfahrt e.V,
(DFVLR), in Germany, is given in Ref. 1l.
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4,2 Store/Pylon load measurements

Principal dimensicns of the wing-fuselage model used at Aerongutical Research Association (ARA) in
England, for store/pylon load measurements is shcwn in lower half of Fig, 3. The results, reported in Ref. 2,

have been uiilised in the present study to check the load predictions c¢f the theory.

The wing ©f aspect ratic 2.8, taper ratio of 0.33, a mid-chord sweep of 45° and a 6% thick RAE 102
section was mounted symmetrically on a fuselage of relatively large diameter. Wing planform and thickness/
chord ratic are typical of aircraft design for which store assembly loads are require’. Store used in the
tests was a simple streamlined body of revolution of fineness ratio 8.3, The swept forward pylon of counstant
chord could be placed at 0.3, 0.5 and 0.75 semispan locations beneath the winyg. Slots were machined at these
pos.tions on the wing underside allowing a chordwise displacement of store/pylon assembiy to positions with
X = G, .15 ana 0.5. tor all test locati~ns, the store centreline was 1.4 store diameters below the wing
clordal plane.

Side forces and yawing moments, for the store in the presence of pylon, and for the full store/pylon
assembly, were measurea at Mach numbers betuween 0.6 and 1.4, The store was tested with and without its

cruciform fins. No tests were conducted wich a tip-tank arrangement.

5. RESULTS OF THEORY AND COMPARISON WITH CXPLRIMENT

5.1 Surface Pressure Distribution

Fig. % and Fig. 5 show a representative result of the comparison between computed pressure distribution

any experimental data on the pylon, store and tip-tank of the straight wing and swept wing-fuselage configu-
rations. The case chosen is that of mid-semispan lccation of store under the wing, the tip-tank mounted flush

with wing tip, its axis lying in wing chordal plane and parallel to fuselage axis.

Netwithstanding the idealisation of flow in the theoret{cal modei used, thc overall agreement between
the measured and calcuidted pressure distribution is good. The decelaration of flow in sections 1 and 8 along
store meridians and the superimposition of wing pressure distribution on the distributions in sections
3 ana 4 along tip-tank meridians, is predicted very well. The pylon, store and tip-tank models used exhibited

regions of separated flow at the aft end so that discrepancies occur in this region.

5.2 Surface Flow Pattern on Store, Pylon and Tip-tank

Fig. 6 ard Fig., 7 show examples of the theoretical study that explored the detailed variation of flow

on the store and pylon surface with incidence and store chordwise position. fhe theoretical velncity vector
plot for the istoard side view in Fig. 5 depicts the strong influence of incidence on the fiow pattern of the
store and pylen. Results shown are for store on port wing. Except in the vicinity of the fins, the entire
surface flow i3 affectud by the incidence ¢f the frecstrean. With positive incide \ce the pylon leading edge
experiences a flow from the inboard tc outboard face as evident from the velocity distributior seen from top.
With pegative incidence this flow pattern is reverszd. Displacement of store along the wing chord induces
change of the sidewash below the wing, The resulting change in s»rface flow over sture and pylon is depicted

in Fig. 7. Starting with the store chordwise position of %; = 0, a rearward movement to x. ~ 0.15 brings the

S
store pylon iutersection apparently in a region of higher sidewash as seen in the top view. With a further
displacement to xg = 0.5, the flow over the main store body is "straightened", the siore nose experiencing

now the region of high sidewasn.

The cnordwise movement of a tip-tank relative to the wing-tip and the subsequent velocity pattern which
develops is represested ia the illustrations of Fig, 8. Shown are the inboard side view, *ip-tank on starboard

side, and topview, tip~-tank on port side, for the tip-tank chordwise locations x.. = 1, 0.5 and 0. The super-

15
imposition of wing flow field on the tip-tank flow pattern is clearly depicted in the sideview. In the top

view, the wing induced insard flcw over the tip-tank periphery can be seen.

5.3 Variation of Side force and Lift distribution with various pararcters

The influence of incidence a, store chordwise position Xg, Stove spanwise position g and wing mid-chord
sweep ¢ on side force and 1ift distribution alony store axis is investigated in Fig. 9. For the sake of
clarity only the distribution for store is considered with pylon and fins present.
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When the store is positioned beneath the wing, the induced side force on the store at n = 0° is already
of considerable magnitude and positive, Fig. 9a. A, was indicated in v locity pattern of Fig. 6, a slight nega-
tive sidewash is present at zero incidence which zauses this positive side force. The load is greatest in a
region corresponding to the store/pylon intersection. The store side force distriburion changes its sign
between a = 0° and a = 10%; the negative load at a = 10° is associated with the large positive sidewash
induced, as seen in the corresponding velocity plot of Fig. 6., host of the side force {u this example con-

sidered is induced near the store mid-point, so that the resultant store yawing moments would be smali.

The case with negative incidence is characterized by a reversal of -.ide force cver a sizable rear
portion of the store.

Store side force distributioy is sensitive to the store chordwise position, as demonstrated by the
curvez of Fig. 9b. The greatest load is experienced when the store mid-poirt lies below tre wing leading
edge (xs = 0). A drastic reduciien in side force is evident for the rearmost store locatica of Xg = 0.5.
This behavicur is confirmed by the experimental results summarized in Ref. 1.

The nature of variation of store side force with spanwise location is shown in Fig. Sc. The trend is for
the side force tc increase with distance out along the span, the greatest change being efiected cn the rear
half of the store. The curves shown are for the same chordwice store location of Xg ® 0, so that with store
moved out along the span, the trailing udge of the tapered wing cumes closer to the store aft end. This

behaviour of side force change with store spanwise location stands in quolitative agreement with the analysis
of experimental results of Ref. 1.

The variation of store side force distribution suggests that the store yawing moment may vary most with
spanwise position.

Variation of wing mid-chord sweep between the values of 0° and 45° appears to have minor influence on

the side force distribution of the store at the chosen chordwise and spanwise location, Fig. 9d.

The illustrations 9e to Sh depict the influence of the four investigated parameters on the 1ift
distribution aiong store axis. Also here the greatest changes are visible in the region of store/pylon
intersection. It is interesting to note that the store induces » flow accelaration on wing underside at
zero incidence, causing a negative lift on store nose and a positive lift on store aft portion, Fig. e,
This trend is maintained also for negative incidence. The major affect of a positive incidence is evident

on the store nose and aft regions which causes corresponding variations in the store pitching moment.

Effects of store chordwise and spanwise displacemert on lift distribution as seen in Figs. 9f and 9g
are similar to those on the side force distribution. As noted earlier for the yawing moment, the changes in
1ift distribution in Fig. Sf and 9g entail changes in the store pitching moment.

The 1lift distribution over a major part of the store rear varies with the wing sweep, changing its sign
as the sveep increases from 0° to 4s®, Fig. 9h. Although in this investigation the relative position of store
mid-point to local wing leading edge iz retained, the change in P decreases the wing leading edge and
trailing edge sweep, the latter becoming negative for " 0°. This drastic charge in wing plan geometry
overshadowing the store aft prart is responsible for the lift distribution change with @ A0 interesting
insight into the side load distribution over the pylon height is afforded by the parumeter study in Fig. 19.
As earlier in Fig. 9 the influence of the % parameters: a, Xgs Vs and @ is investigated. The side force
values are minimum near the pylon/store intersection (z/zA = -0,64) which for potential flow could be
sxplained by the “straightening" effect of the pylon/store intersection on the surface flow, The values of
pylon side force are invariably much smaller than the values for the store. The most pronounced change on
pyion side lcads is seen from Fig. 10 to be effected by incidence and spanwise location. Pylon side loads
which are precent even at zero incidence increase and change sign with u. Tne velative increass in ¢_ is
much stronger with negative incidence as for the positive values of 4, Ancther smportant parameter which
leads to a rapid Increase in pylon side loads is the spanwisn positions. lowever, the spanwise position
rffocts are of consequence for values of g above about 0,75, Chordwise displacrmont of stcra/pylon assembly
on tha wing or change of wing sweep have, as indicated jin Fig. 10, little influence over pylon side loads.

The force distribution on the tip~tank is sirongly influenced by wing psressure distribution as bhorne out
by the curves in Fig. 11 which show the effects for an extreme rearward, central and extiere forward placed

tip-tank. The tip-tank geometry chosen in the atudy is identical to that of thas ARA store without fins, which
has a slenderness ratio of 17%, compared <o wing thickness/rhord vatic of 5%,
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Highest values of side force and lift are obtained for the extreme forward location of the tank,
whereby the maximum is located near the tip-tank mid-point which for this case also lies in the vicinity of
wing leading edge. As the maxiwum is located near tip-tank mid-point, the corresponding yawing and pitching
moments can be expected to be small. Moving the tip-tank rearward to the central position shifts the location
of cy and c, maximum towards the tip-tank nose which is a direct consequence of the locetion cf wing leading
edge. As the maximumr stere diameter is shifted now aft of wing leading edge, the absoiate values of cy and
<, maxinrum also decreise. The curves for cy and a for the central tip-tank location are asymmetric so that
the yawing moment ard pitching morent values would be high. For the extreme rearward location of the tip-tank,
the side force over the whole tip-tank axis remains negative (nose outwards}) with a fairly constunt value

over the rear half,

5.4 Variation of forces and moments with various parameters

The force and movent distributions as discussed in Figs. S, 10 and 11 can be integrated to evaluate
the force and smoments acting on the store, pylon and fins. A comprehensiv. representation of the influence
of the four parareters a, %oy ¥g and P, o0 tire store, pylon and fin forces and moments is shown in Fig, 12.
The values plotted for a component include the induction effect of the other two components of the stoie/
py.on and fin assembly. The physical quantity most sensitive to a parameter change turns out for the store
to be the side force cy as inferred from Figs. 12a to d. The variation cf store cy with the parameters a
and Yg is non-linear, especially for the negative incidence range and for outboard locations exceeding
yg ° 0.7. Lift coefficient for the store remairs practicaily constant between the values of a = -3° to a°,
Moving the store rearwards along chord, outboard along span or decreasing the mid-chord wing sweep decreases
the store lift. The store pitching moment cy is essentially a function of a and to lesser extent of Xg and yo.
Except for a change of sigu for high Yg values, the yawing moment ey for store is relatively little influ-
enced by the parameters under study. Variation of the rolling moment ¢, for the store was negligible and

its absolute value very near zero, so that the result has been omitted in the Figs. 12a to d.

Sizable variation was observed in the case of the pylon for the side force, for the parameters a anu
g Figs. 12e to h. It is interesting to note the high value of pylon side force for negative incidence.
Pylon yawing moment (cN) behaviour seems to be of consequence for high values of Yyg where its valve changes

from negative to positive.

The last column in Fig. 12 shows the forces and moments acting on the four store fins. Except the
rolling moment €, whose value remains very small, the contribution of the fins to all o.aer forces and
moments is very high. Major part of the lift Sy pitching moment y and yawing moment N of the store/pylon/
fin assembly would, according to the result of Figs. 12i to i, be contribited by the fins.

Fig. 13 shows the variation of loads and moments on the tip-tank configuration studied earlier in
Fig. 11. As indicated before, the central tip-tank location results in lowest side force value but highest
values Of pitching and yawing moments. Low values of pitching and yawing moments are obtained for the forward

tip-tark iccation, with the side force attaining a high negative value for the rearward position.

5.5 Compar.son with experiment

The theoretical prediction method has been tested by comparing the chmputed forces and moments with
the resuits of a series of wind-tunneltests conducted at the ARA in England (Ref, 2). Fig. 14 shows a
representative example of the agreement obtained between the theory and experiment. The first set of results
are for three chordwise positions Xg = 0, 0.15 and 0.50, and the second set for the two spanwise positions
of vg = 0.5 and 0.75, In the first set, the spanwise store location was ¥g * 0.5 and in the second set the

chordwise store location xg = Q.

Except for the high incidence range and the rearmost store location, agreement between theory and
experiment is gooc. Ever though the values for the case of xg = 0.5 and negative incidence are overestimated,
the non-linear behaviour of experimental results is also exhibited by the tteory. A rather severe test for
the theorv is the comparison of yawing moment results. The basis of the calculation of forces and moments in
the prediction method is the assumption of constant »ressure over he parel surface and that the resultant
force ke acting at a characteristic central point o the panel surface. The approuximation of the continuous
surface by plane surface elements, the ~nzuing error due to misallignment of resultant force direction and the
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error caused by the assumption of the force acting concentrated at a point on the panel, lead to discrepan-

cies especially in the prediction of moments.

A typical result of the agreement between the predicted yawing moments for the store assembly compo-
nents and experiment is shown in Fig. 15. The results for store plus pylon and store alone are for the fins
off case, whereby the computation was done without fins in the theoretical model, to conform with the

experiments. Fin yawing moment was obtained as the difference between fins on and fins off cases,

Theoretical prediction of store plus pylon and store alone yawing moments is for not too high incidence

satisfactory. The non-linear trend of cN~variation is essentially reproduced by the theory.

The real flow over the sharp-edged finsbears little similarity with the attached potential flow. Side-
wash produces separation regions near the <harp fin liading edges, wnicn is one of the main causes of the

discrepancy between the experiment and predicted results.

Effect of cémpressibility in the subcritical Mach aumber range is allowed for in the method by the
Gothert rule. Although it is speculative to expect a reasonable prediction beyond a Mach number of say 0.6
by this method, a sample calculation was performed for a configuration at zero incidence between Mach numbers
of 0 and 0.9. The values of computed side force are compared with experimental data in Fig. 16. Agreement of
theory with experiment is quite satisfactory. Increase of side force with Mach number is, in its trend,
correctly predicted.

6. CONCLUSIONS

Six-component aerodynamic loads and moments have been calculated for a wing/fuselage/pylon/store/fin
and a wing/fuselape/tip-tank configuration with the help of "panel method for high subsonic Mach numbers.
Some results of prcssure distribution on a straight wing and swept wing-fuselage configuration with pylon,
store and tip-tank are also incluced.

Parameters considered are incidence, store chordwise and spanwise locations, tip-tank chordwise location,
and Mach number. The study reveals that pylon loads and moments are wmainly influenced by incidence, chordwise,
and spanwise location. For the store, the wing mid-chord sweep affects, in addition, the loads and moments.
Contribution of fins to value of total loads and moments is high and exceeds in most cases that of store and
pylon.

Comparison with experiment shows that for attached flow conditions the estimation of forces and moments
by this potential flow analysis yields adequate agreement. Accuracy of results obtained suffices for pre-

liminary design. Viscous effects present in the real flow cause a ron-linear behaviour.

The predicted force and moment results for store assembly components exhibit non-linear behaviour, so

that non-linearity observed in experimental data is not the result of viscous effects alcue.
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DFVLR Models for pressure measurements

Strarght_wing - fuselage. Swept wing - fuselage
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Fig 7 Variation of velocity distribution with store chordwise position
(Store on port wing)
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Fig.9 Variation of store side force and lift distribution
with various parameters
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Fig.11  Variation of tip-tank side force and lift distribution with chordwise position

Pylon

Fig.12 Variation of forces and moments with various parameters
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COMPARTSON OF PREDICTED AERODYNAMIC LUADIL® L Itlt PLIGLY

faBl URSULIS
by
Jan Kloos

SAAB-SCANIA AB

3 58188 Linkoping, Sweden

SUMMARY

Four load prediction problems of the more intricate kind are treated i1n trnis puper, In the tarst
three cases,

prediction of loaus on wing mounted external s¢ores during rolling pull-outs,

+« prediction of fin loads during {est rolling manoeuvreu,

effect of airframe elasticity on load disiribution,

it is shown how windtunnel dats, combined with fairly simplc computation procedurc., CélL pIuviue aut-
guate load predictions that are in good agreement with flignt test results,

In the fourth problem area,

loads due to encourter with ang-tip vortices frou aircraft at hignh loau factiors,

vesults from the first stage of a fl:ght test program that has been starteu, azre showunl.
INTRODUCTION

The 1mportance of having reliable load predictions uvu.lable in an early stage of tne cesign and of
avoiding subsequent flight testing, is obvious. The aum of this paper 1o Lo gLave un account of a number
of cages 'n which Saab-Scania's experience indicates that load piedrctions of adeguate reliability car
be obtained by windtunnel testing and to show examples of the agreement with flight test resulis.

LOADS ON EXTERNAL STORES

Mo g e

Comparison between windtunnel %“ests wnd flight tests

The aerodynamic load on the Rb 27 {Pelcon) missile, wing mounted on the Saab 3 Draken wircraft, ce
figures 1 and 2, was measured in the 1t x 1 n? transonic~-supersonic windtunnel at the FFA, Aeruvansutical
Research Institute of Sweden. The tests were done on a 1:18 scale model at lach numbers, .5 Lo 1.9,
using a five component strain gauge balance inside the missile, connected tou the pylon by means of a
vertical strut. The opposite wing statiorn was utilised for a simultaneous acasurement of the loading,

on wissile plus pylon by attaching the pyloan to the missiie and attaching the strut, through an opening
in the pylon, to the wing.

In a later stage of the program,
loads were measured in flight
tests with a special dummy mis-
size containing a six component
strein gauge balance. The varia-
tion of the air loads with angle
of attack, angle of sideslip and
Mach number showed good agree-
ment with the windtunnel test
results.
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The critical loading case for a
wing mounted pylon and its attach-
ment usually i3 a rolling pull-out.
The reasor fcr this is that on the
downward moving wing the most im-
portant loading components, saide
loads and rolling moments, due to
several factors all act in the

same divection. Louds due to
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Fig 1. SAAB 3% DRAKEN

R

+ angle of attack, inducing sidewash,

rolling velocity, inducing mass loads and a increase in local angle of attack

.

angle of sideslip, induced by aerodynamic and inertia coupling,

all add up to critical loads.




vty e

e Tt

@
°

Jho2e 20 1 LianbAdIe

it would be a distinct advantage 1f missile loads
during a rollin; pull-out could be preaicted ade-
quately from windtupnnel r.sults witnout recourse
to complicated computational methods. Therefore,
flight test meusured missile loads during rolling
pull-outs were compared with loadg, calculated
from winatunnel tests by using the flight test
values ot ach number and angle of sidesiip and
using as angle of attack the local angle of attack
at the nissile station
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An example of the result of {his comparison 1is
shown 1 figure 3 for a 360° rolling manoceuver at

a load factor ng = 2.5 for the missile on the down-
ward moving waing. Completely satisfactory agree-
ment was obtained consistentiy for the missile on
the downward rioving wing. The loads on the upwaru
moving wing oid not show quite such good agreenent.
During a part of the rolling manoeuvre better ajree-
ment is obtainea with a calculatior in waxch the
Yy, ¥ - contribution .0 K,yge31e 15 neglected, out -ClS
the reason for this 13 not clear. A5 the loads on (:l
the downward moving wing are mure critical than
those on the upward moving wing, this lesser vegree
of agreement is not of great importance.

o

A3 & consequence ol tne good prediction that was
obtained for missile Joads, even during complicated
manoeuvres, the amount of flight ioud testing of
ex*ernal stores at Saab-Scaniu has ceen arastically
reauced and replaced by wandtunne) tests which can
be done in an ea:liier design stage. A later check
of windtunnel-measured loads on the Rb 04 on the
Saab 37 Viggen, for which especially reliable losad-
ing data was considered desirable, confirmed the
agreement between windtunnel and flignt tes. re-
sults.,

Effect of gap between missile and pylon

It has been mentioned above that the strain gouge
balance in the Rb 27 windtunnel model was attached
to the pylon and not tc¢ a separate eting. Although
the torsional flexibility of such a strut has occa-
siopnally caused excessive deformetion in yaw of the
missile model, the strut-utiachment has the impor-
tant advantapge that accurate control of the gao be~-
tween mivsile uné pylon is possible. A scparate
ating almost 1inevitably .mplies a larger gap 1n or-
del to avoid contact between r..ssile and pylon anid ivs

T

5 time(sec)

0

F1g 3. MISS)Le LOADS LUAING & Lu0” ROLIiMG
conuiderable variation ot gup size due to {lexabi- MANCEUVRL AT M=.0L, t=t %n, 56.=d.5
lity under ihe varying losds during the winciunncl o Ty teme
terts,

Ihe i1mportance of the size of t.e gap tetween missile and pylon is 1liustratea by figure 4 which shows
missile rolling moment ns u function of gan size for the wing-mounted Rb 71 \Spurr0w§uon the Saab 37
Viggen vt different angles of attack. ligure Y shows missile rollin,; moment as & function of missile
forward travel for differen: gap sizun. Because of the gap size effect, the Sacb-Scania wandtunnel
teat programs that uwe sting mounted missile models for the measurement of aircrafti-missile inter-
ference for separation calcuiativns art sually complemented by measurements with the wissile model
strut-mounted in seversl fixec positicns to obtain accurate loading duta for siressing purpouses ag
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+ell as accurate interference data for the very first part of the missile path, where interference
effects are most impoirtant.

®I" LOADS

Jomparison between windiunnel tests and flight tests

'n slender delta wing corrigurations such as the Ssab 35 Draken and 37 Viggen, appreciable angles of
sideslyp occur during fast rolling manceuvres due to nertia and aerodynamic coupling. An important
cause of aerodynamic coupling on these aircraft 1s the side load on the fin whichk 1s caused by differ-
ent elevon angles on port and starboard elevon during a rolling manoeuvre,

«n the Saab 35 Dragen, fin loads vere measured on a 1:18 scale model at lacn n.mbers .5 to 1.5 in the
U¥4 1 X 1 m© transonic-supersonic windtiunnel by mounting the fan on a separate three-component strain
«&uf ¢ balance. Besice the usual parameters, angle of yaw, angle of attack and rudder angle, that de-

fine fir louuin., the effect of .lleron and elevator angsle (superimposed to elevon angles) on fin
loading was determined.

Min lnad measurements in flaght were executed in u mamner very similar to the windtunnel tests, the
normal fin uttachhents beins replaced by neasuring elements wita strain gauges. After some inataal
calabration dafficulties caused by tne fairings carrying more load than was expected, good agreement
ay obtuincy with tne windtunnel test results during steady sideslip and yawing oscillations.

‘ue mzan aws of the flight tost program was the measurement of fin loads during fast rolling manoeu-
vres as a check on fin design luudc. Subsequently, an attempt was made to calculate the fin loads dur-
1n, rucn roliing mandeuyres with the help of the windtunnel data, using the test flight conditions as
2 basis. fhe fin loads, side force, benuing moment and torsion moment, were determined from the wind-
tunnel aata for the flight test measured angle of sideslap at the corresponding lach number, angle of
attack and elevator angle. Corrections were then applied, for the effect of aileron angle and rudder

angle, determined frowm windtunnel duta, znd for the effect of roll rate, determined by a simple cal-
culation of +hne louad distribution.

An example of the reculting ccaparison is shown in figure 6 for fin tending moment during a ;60o roll
at = .93, k= 6.5 kmy, ny, = 3. A slight zero shift of the calculated value seems to be present, which
15 due to rudder angle. As thne cause of this shift could not be determine¢ 1t was preferred to use the

neagureu values us read from the flight testy without arbaitrary corrections, although these would im-
vrove the result.

're same degree of agreement that is shown in figure 6 was obtained in other caces. For cach rollang
nanocuvre for which fin loads were celculated, the naximum load for each manceuvre was compared with
the flighet test value. In figure 7 the cumulative probability distribution of calculated fin load ai-
viced by flaght test measured fin load has been plotted on normal distrioution paper. The distribution

iy seen to be normal with a mean value of .96 end a standard deviation of .075, which must be consid-
e¢red satisfactory.

Sidesl.p auring rollins; manoeuvres

Por both missile load and fin load calculations, flight test measured values of angle of atiack and
sideslip during the rolling menoeuvros have been used. It would of course be advantageous if the angle
of attack and sideslip variation during rolling manoeuvres could also be predicted. Our experience
shows, however, that these variations unly can be computeu when very accurate acrodynamic data arez

available. Tne degree of accuracy that is necessary has thus far not been achieved without the ex-
tencive use of flight test results,
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The fastest way to obtain the necessary data is
therefore often to measure angle of attack, side-~
slip ete during rolling manoeuvies in flight tests.
The fact that flight tests must be used does to some
degree decrease the advantage of being able to cal-
culate missile loads and fin loads, but the saving
of the time and expense involved in the flight test
measurenent of these loads is still considered to be
a worthwile advantage.

.eynolds number effects

The agreement between windtunnel and flight test
results indicate that no significant Reynolds num-
«2r . ffects are present on the missile and €in ar-
rahgenents that are considered here, even though
the Reynolds number, bused on uircraft m.a.c., 1s
below 5 x 106 in the windtunnel tests and around

65 x 108 in the flight tests. Missile configura-
tivuns like the b 27 are usually not very sensitive
to Reynolds number and delta wings like the Saab

35 Draken have been shown in ref 1 to exhibit good
agreement between aerodynamic data from flight tests
and from ilow Reynoldc number windtunnel test.

Possible Reynolds number sensitive has certainly

to be kept in mind, while on the other hand criti-
cal loading cases often occur at high speeds ana
low or medium altitudes, which entails moderatle
angles of attack and sideslip wnere Reynolds number
effects may be neglectable.

AERCELASYIC EFFECTS ON 1.2AD DISTRIBUTION

he effects of airframe elasticity on the aerody-
namics of the Saab 37 Viggen {figure 8) are appre-
ciable, see ref 2, which makes aeroelastic correc-
tions of the load distributions necessary.

The basis for the determination of all aerodynamic
loading distributions is a windtunnel pressure eas-
urement in approximately 280 points, distributed
over the entire aircraft model. The correction for
aeroelastic effeets wao computed, using a vortex
lattice method for subsonic speeds and a panel meth-
od for supersonic speed as described in ref 2, in
the following way.

Loac distribuiiuns were calculated on the rigid air-
craft for the required load factor, iach number,
altitude ete, includin; the neccssary (rzgid) con=
trol surface angles to trim the aircraft. Then the
same piocedure was repeated for ithe elastic cir-
craft; thus resulting in itne same load factor but
different angle of atiack and control surface ang-
les. The difference between these two i.ad disiri-
tutions, constituting a load distribution that, in-
tegrated, ylelds neither loads nor moments, was
eppiied as a correction to the dastribution derived
from windtunnel data.

Although reductions of up to nearly 70 5 in elevon
effectivencss compared to the rigic aireraft do
occur, the iload distr.pution corrections arec small
due to the opposing effect of elevon angle and angle
of attack. The smallness of the corrections causes
simplifications in the cosputatisn model to be of
less importance, thus rendering tne most acrurate
result for tne effort involved. An example of the
correction of the load distiribution on the main wing
in a sympetric pull up &t L = ,9, ¥ = 0 is shown in

tigure 4.

Winng and canard loadc weve checked in flight tests
by strain gnuge measurements. Zain wing dbending
rogent vs. loed factor eccoraing to the prediction
is compared in figure 10 with fiight test resules,
conZiming thai the wingtunnel pressure meuasurements
with the computed aecroclastic corrections predict
correct load distridutliona.
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LOADS DUL 0 ENCOUNTER WIWH WIIG WIP VORTICLS

An estimate of the vertical veloerty of the war between the wing tip vortices of an aircraft shows
that this velecity gives risc to a load tactor increment on a second arrcraft (same type at sane speed)
approximately equal to the preccding aircraft's load factor 1f tue encountcr rc relatively symmetrical.
during dog fights, resulting load
factors can thus be very high,
which 1s confirmed by overload

4 reporss from Saab 35F Draken ope-
i ration. Althou,h high load fac-
P v tors 4o occur, the probability
of their occurrence 1s suffici-
ently low. The probability of
exceeding ultamate load factor
due to vortex cncounter is well
below 10~6 per flight hour.

Anotrer sample analysis shows

that the sadewash of one tip
vortex may cause appreciable

. side load if the second aircrafi's

il qn i S ' fin t1p 1s near the vortex core
ny A i long enough for a yawing oscilla-
2 e 002 [ e tion to develop.
~ S =Ona
: x°[;u%;”fi::;*‘h“ = In order to check these calcula-
b4 Ny "\ | ‘ tions, a few test flignts were
H . i ! conducted in which the leading
Y - ; aircraft flew at load factors 1,
§ FlG 8. GAAB 37 VIGGEL \“\ : 2 and 3 while the _S‘:econd aircraft,
L N ] at the same gpeed i = .8 at H = 4
1 km nmade slow and fast, downward
% and upward symmetrical passages
i
2 \
¢ ---—RIGID WINDTUNNEL MODEL Mo 10~
& B
£ ——CORRECTED FOR ELASTICITY
é (kpﬂ\)
2
¥ 51
1 4 1
S
2
3 3 ] —— PREDICTION
4 X FLIGHT TESTS
2
- .
0 '
: 0 5 Nz
Fig 10. COMPARISON OF MAIN WING RBEEDING MOMENT,
PREDICTION AND FLIGHT TEST RESULYS, #=.8-.9,
H=.5 kn
of the tip vortices and also tried to put the fin
into one of the vortices.
\
\ / The test results are shown in figures 11 and 12,
\ [} The results show appreciable scatter because the
{
i

leading alircraft's vortices were not visualized by
smoke. The envelopes of the points for downward
passage and upward passage in figure 11 show that
the simple rule Ang ¥ g, jeading o/c 18 reasonably
zcorrect, although higher load faciors do occur. The
fast passages tend, naturally enough, to result in
the highest load factors. The occasional very high
load factor during a slow pussage is due to the pi-
lot keeping the aireraft in the vortex field until
it, according to hig report, was thrown out. The
effect of the autopilot is, as could be expected for
such higa-gradient disturbances, negligible. The
normal load factor inorements in the fin-in-vortex
case aré, as could be cxpscted, lower than during
the syametrical passages.,

3

Fig 9. LOAD CORRECTIONS DUE TC AERO-
ELASTIC EFFECTS, MAIN WING SAAB 37 VIGGEN
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Figure 12 shows moderate lateral load factors during the (attempted) symmetrical passages, but
appreciably more vigorous disturbances in the fin-in-vortex case. In fact, the cnvelope gradient
indicates that the fin-in-vortex case nay result in damoage to the second aircraft. During thege
preliminary flight tests the second aircraft's test equipment was, however, not suitable to deter-
mine the loads with sufficient accuracy. Therefore, preparations have been startea for additional
flaght tests during which loads will be measured at the main fusclage joant, at the main fin bracket
and at the external tank pylon.

REFERE{ICES

. G. Strang, Flugzeugkenndaten der AJ37, Vergleich von Windkanal- und Flugversuchsergebnissen,
DLR-Mitteilung 73-2%

2. J. Lloos and L. Elmeland, Static acrcelastic cffects on tae uerodynamics of the Saab 37 Viggen
aireraft, a comparison betwcen calculations, windtunnel tlests and flight tests. ICAS Paper 74-55
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WING-VORTEX LIFT AT
HIGH ANGLES OF ATTACK

Richard P. white, Jr.*
Systems Research Laboratories, Inc.
RASA Division
1055 J. Clyde Morris Boulevard
Newport News, Virginia 23602

SUMMARY

The beneficial effects of attached vortex flows on the aerodynamic characteristics
of swept tapered wings at high angles of attack is being investigated by thecvetical and
experimental techniques under a continuing research program.t

It has been determined from the results of the experimental investigations that the
maximum l1ift generated by a low aspect ratio swept wing can be increased by 60 percent
due to the suction and induced effects of attached vortex flows. The manner in which the
vortex flows effect the performance characteristics of the 1lifting surface will be dis-
cugsed in terms of the measured performance characteristics, surface pressure distribu-
tion and the results of flow visualization studies. On the basis of the results obtained
during this research investigation methods of further enhancing the performance character-
istics of low aspect ratio wings by means of controlled vortex flows will also be dis-
cussed briefly., 1In addition, the correlation of theoretical predictions based on a

refined theoretical analysis technique, now under development, with experimental results
will be presented.

1.0 INTRODUCTION

In the past, emphasis has been placed on maintaining the flow over lifting surfaces
fully attached in order to achieve benefits in the performance and maneuvering character-
istics of high performance aircraft. It has been found, however, that leading edge sepa-
ration and the resulting nonlinear incremental 1ift contribution of concentrated vortices
can, if properly generated and controlled, be of great benefit to the overall performance
characteristics of a low aspect ratio lifting surface. Control of the concentrated vortex
flow by devices such as snags, stirakes, and canards has been found to stabilize the local
flow, to increase the maximum 1ift coefficient, and to increase the subsonic and transomnic
maneuvering capabilities of the lifting surface. These type of concepts have been cited
for the superior performance characteristics of the YF-16, YF-17 and Saab A37 aircraft.

Under the spcnsorship of the Office of Naval Research (ONR), the RASA Division of
Systems Research Laboratories, Inc. has been investigating the effects of vortex flow and
vortex flcw interactions on the aerodynamic performance characteristics of various types
of lifting surface configurations. Initial efforts in this research were focused on the
fundamental interaction mechanisms of concentrated vortex filaments with a finite wing
(Ref, 1), In this initial study, a simplified potential flow analysis was developed to
predict the incremental lift and drag contributions resulting from the interaction of a
lifting surface with a concentrated vortex filament of spezified strength, orientation
and geometry. The basic theory, which included nonlinear effects, showed positive correl-
ation only in predicting the trends of the available measurements of the incremental 1ift
and drag resulting from wing/vortex interaction when snags, strakes, and canard devices
were utilized with lifting surface configurations. On the basis of the results that were
obtained during the initial effort, it was concluded that the efficiency of a vortex formed
in the pressure field of a lifting surface in generating incremental 1ift was by far the
best approach as the suction field generated by this type of wing/vortex interaction is

far in excess of the suction field associated with a free vortex of the same strength
interacting with a lifting surface.

Subsequently, an experimental research program has been carried out, in part to
demonstrate and to verify that beneficial incremental 1ift can be obtained from a controlled
vortex generated by and interacting with a lifting surface and also to determine the
mechanism by which the favorable performance gains were achieved. 1In this program, which
is summarized herein, studies were conducted using an F~4 type of wing planform with and
without leading edge vortex-~control devices including a strake, a snag and combinations
thereof. Medsurements were obtained of the pressure distributions and the total forces

and moments on the lifting surface. Flow-visualization studies were also carried out
using the helium-bubble technique of flow visualization.

In conjunction with the experimentcl proéram, effort has been directed toward develop-
ing a suitable analysis procedure for preaictinog the development of vortex flows, the

*Division Manager

1The research effort is being sponsored by the Office of Waval Research (ONR) under
Contract No. N00014-74~C-0091
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interaction of these vortex flows with the lifting surface and their subsequent effects
on the performance characteristics. Since the prediction technique, by necessity, must
consider mixed flow regions of potential flow, separated flow and vortex induced and
suction flow effects, its successfuvl development, while a challenge, is showing great
promise as a useful design tool.

This paper will describe the results of both the theoretical and experimental phases
of the research program and will focus on the advancement of vortex-control technology as
a step toward its successful development and wide-scale application on existing and future
aircraft.

2,0 DESCRIPTION OF MODEL AND TEST

The model used in the program was a swept, tapered, semispan lifting surface similar
in geometry to, and approximately a l/4-scale version of the F-4 Phantom wing planform.
while many different individual and combinations of leading edge vortex generating and
control devices were tested in the program, this paper will deal primarily with the results
that were obtained by the use of an oatboard leading edge snag and an inboard strake both
separately and in combination. A summary of the results obtained for all of the configura-
tions that were tested can be found in References 2 and 3. Figure 1 shows a photograph
of the model, with the strake attached, mounted in the wind tunnel as well as a planform
sketch of the model showing the dimensions (in inches) of the basic wing and leading edge
vortex generation devices. The basic wing planform is shown by the solid lines in the
figure and the dashed lines show the removable leading edge snag at the outboard section
of the wing, and the removable strake at the wing root.

The inboard strake modification consisted of a triangularly-shaped, leading edge
extension which increased the planform area of the model by 6%. The strake was constructed
of 1/4-inch thick metal plate with a wedge-~shaped leading edge. The leading edge wedge of
the strake had a 6.4° included angle, and was swept 75° with respect to the free stream.
The strake also had the capability of being oriented with a relative angle of attack with
respect to the chordplane of the wing.

The snag consisted of a 6% extension in the local chord starting at the 68% semispan
location. The snag was tapered linearly from this point to the tip chord. The snag
changed the profile of the wing slightly and the extended chord was faired smoothly to the
normal wing profile. The snag increased the planform area of the wing by 0.7% and was
similar in geometry to the wing snag found on the F-4 Phantom aircraft.

In order to measure the detailed pressure distributions on the semispan model,
pressures were obtained from a total of 255 static pressure taps on one side of the air-
foil. Pressure measurements were taken at both positive and negative angles of attack and
the combined measurements were then used to compute the differential pressure coefficients
and/or the loads.,

Forces and moment on the semispan model were measured by a six-component, yoke-type
balance located beneath the floor of the test section. The balance measurements were
monitored on-line prior to off-line computer processing into the 1lift, drag and side
fcrce, and the pitch, roll, and yawing moment coefficients. The pitching moment was taken
about an axis which passed through the quarter chord lire of the mean aerodynamic chord,
and the rolling and yawing moments were referenced to tle wing root.

Flow visualization of the vortex flow in the vicinity of the model was provided by
neutrally-buoyant helium bubbles which were released upstream of the model. The bubbles
were illuminated by a collimated beam of light and were observed visually and photographed.
A detailed description of the flow-visualization system and technique for iis use can be
found in Reference 4. Visualization of the surface flow was obtained by means of tufts
attached to the wing at each of the pressure tap locations.

3.0 DISCUSSION OF TEST RESULTS

The experimental results that were obtained will be presented and discussed in two
different groupings, first the measured perforirance results which are the integrated
results of the surface pressure distributions, and second, the surface pressure distribu-
tions, which give some insight as to why the measured iantegrated performance character-
istics were obtained, wili be <discussed in conjunction with the results of the flow
visuvalizatiorn studies which provide an understanding as to how the wing vortex flows
interact to generate the measured pressure distribution.

3.1 Performance Characteristics

The basic performance results which are additive across the wing span and are of
general interest are the 1lift, drag and pitching moment which are presented for three of
the configurations which were tested in Figures 2, 3 and 4 respectively. In this grouping
of results the only configuration of interest for which data has not been presented is that
for the basic wing with the snag. The reason that it has not been presented is that while
the snag created significantly different loading distributions than those for the basic
wing over the lifting surface below the stall angle, the integrated performance character-
istics were almost identical to those of the basic wing. Above the stall angle of attack,
the snag vortex separated from the wing surface and again the performance characteristics
of the wing with the snag added were almost identical to those presented for the basic
wing.
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The addition of the beveled flat plate strake to the lifting surface, while not
affecting the performance characteristics significantly below the onset of leading edge
separation (13 degrees) had a very large effect on the performance characteristics at
higher angles of attack. As can be seen from the results that are presented in Figure 2,
the effect of the strake and its vortex flow was to maintain the slope of the lifit curve
obtained at angles of attack below the inception of leading edge separation, up to an
angle of attack of approximately 28 degrees. The l1ift coefficient at this angle of attack
is approximately 1.45 times the maximum value that was measured for the basic wing. Since
the lift coefficient has been normalized with the respect to the appropriate wing planform
areas, this demonstrated increase in lifting capabilities is due to a difference in the
aerodynamic flow characteristics of the two configuration. It is believed that the signi-

ficant difference in the flow characteristics is due to the control obtained by the strong
coupling of the strake and leading edge vortex.

The addition of the snag to the wing-strake configuration had a beneficial effect in
the high angle of attack range in that it increased the lift at a given angle of attack and
yielded a maximum lift coefficient that is approximately 1.6 times that of the basic wing
configuration, which is 10 percent higher than that measured for the wing-strake configvra-
tion. It is believed that the reason the snag had a beneficial effect for this configura-
tion and not for the basic wing, is that the interaction of the stronger leading edge
vortex with the snag vortex strengthened and stabilized the leading adge vortex whereas
for the basic wing the leading edge vortex had separated and burst in this angle of attack
range and thus the favorabie influence of the snag-vortex could not be realized.

The effect of the strake and snag on the drag characteristics of the basic lifting
surface are shown in Figure 3. The results presented in this figure show that the
increased lift obtained by the vortex flows also increased the drag, but not to the degree
that would be expected based on a guadradic variation of induced drag with lift.

While the 1lift to drag ratio L/D for the various configurations are approximately tle
same at a given angie of attack in the angle of &sttack range of 20 to 35 degrees, the amount
of lift obtainable with the controlled vortex configurations at a given value of aircraft
drag (power) is higher than the basic wing. This benefit can be illustrated by using the
data presented in Figures 1 and 2. As an example, at the same drag coefficient measured
for the basic wing at an angle of attack of 28 degrees the lift coefficient of the strake-
snag configuration is 1.36 times that of the bdasic wing. This result indicates that if
an aircraft configuration has sufficient installed power for the basic aircraft configura-
tion at an angle of attack of 28 degrees then, with the addition of a suitable strake and
snag the aircraft would develop 36% more lift, foxr the same installed power. Since the
turning radius is inversely proportlional to the lift cuvefficient, the increased lift
available would significantly decrease the turning radius. This performance benefit is
obviously very desirable as regards the maneuverability characteristic of an aircraft.

The pitching moment coefficients about the M.A.C. for the various configurations are
shown in Fiqure 4. As can be seen the vortex-generating surfaces have a very pronounced
effect on the pitching moment about the M.A.C. For the basic wing the nose down pitching
moment increases in a some-what linear fashion until the angle of attack at which ieading
edge separation and the attendent formation of the leading edge vortex is reached at which
point the rate of increase in the pitching moment with angle of attack becomes much less.
As the angle of attack is increased further, however, the rate of increase of pitching
moment with angle of attack becomes largex until it becores approximately egual to that
obtained below the initiation of the leading edge separalion. Since the leading edge
vortex is formed when leading edge separation occurs, it is believed that the break in

the pitching moment curve of the basic wing is caused by the formatlon of the leading edge
vortex. As the angle of attack of the lifting surface is increased further the effect of
the weak leading edge vortex diminished due to the separation from the wing surface and

is completely gone at an angle of attack of approximately 22 degrees.

With the strake, and the strake and snag added to the basic wing planform the trend of
the pitching moment with angle of attack is approximately the same below an angle of attack
cf 13 degrees ar that of the basic wing. BAbove 13 degrees, however, the trends of the
pitching moment with increasing argle of attack is opposite to that of the basic wing.

It is believed that the reason for the change in the pitching moment characteristics is
that when the leading edge vortex is formed, its inveraction with the strake vortex causes
‘t to be strengchened and stabilized and thus it continues to grow in strei.gth as the
angle of attack is increased instead of separating from the lifting surface. Since the
leading edge vortex is formed over the inner half of the span, ahead of the M.A.C., it
creates a nose up pitching moment and because of its increased strength, it dominates the
pitching moment. For example, at 30 degrees angle of attack, the data indicates that the
pitching moment generated by the leading edge vortex is 1.5 times greater than that
generated by the entire lifting surface. It is noted that with the snag added to the
strake configuration the leading edge vortex moves slightZy aft and the pitching moment
variation is not as pronounced as it was for the just wing-strake configuration.

Even though the pitching moment is destabilizing in the post-leading edge stall
region, its maximum mignitude is less than one-third of that which was measured for the
basic wing and should therefore be controllable with a properly placed horizontal tail
surface. The proper placement of the horizontal tail surface, however, may be significantly
different for this configuration than it would be for the basic wing because of the vortex
induced flow field on the horizontal tail due tu the vortex wake of the wing. It is of
interest to note that since the vortex 1ift seems to dominate the pitching moment character-
istics of the lifting surface, that with the use of proper wing planform tailoring to obtain
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an optimum vortex placement, it might be possible to maintain a constant pitching moment
at all angles of attack in the post stall region which would be highly advantageous as
regards the stability and control characteristics of the aircraft.

In summarizing the performance results that have been measured for a low aspect ratio
lifting surface, the addition of a strake and snag to the basic wing planform, a signifi-
cant increase in the maximum C. was obtained with 2 less than anticipated increase in the
drag coefficient. Since this Encrease in the lift is believed to be associated with a
strong leading edge vortex, the pitching momert about the M.A.C. while becoming distabiliz-
ing is significantly less in magnitude than that of the basic wing and should be easily
overcome by a properly placed horizontal stabilizer. It is concluded that the reason for
the noted gains in the performance characteristics is probably due to the fact that the
vortices generated by these additional surfaces seem to strengthen and stabilize the
leading edge vortex and the complex mutually interacting vortex flow field tends to
control and stabilize the flow field of the lifting surface above the stall angle of attack.

3.2 Analysis of the Wing-Vortex Flow Characteristics

The manner by which the attached vortices control the flow over the wing surface and
thus the lift at angles of attack below and above the angle of attack at which leading
edge separation occurs can be deduced from the measured pressure distribution and associated
visualized external and surface flows. The surface pressure distributions will therefore
be compared for the various configurations at an angle of attack at which the flow is fully
attached (13.1 degrees) and at an angle of attack near that at which the maximum lift was
obtained with the modified wing configurations (27.7 degrees). At this high angle of attack
the majority of the lifting surface is operating in separated flow.

Figure 5 presents the spanwise distributions of the surface pressures along constant
chord lines for the three configurations of interest at an angle of attack of 13.1 degrees.
It is interesting to note that while the total 1lift generated by each configuration is
almost identical to the other at this angle of attack (Figure 2) it can be seen tnat the
spanwise loading distributions are significantly different for the three configurations.

As will be discussed it can be shown that these differences in the loading distributions

are caused by the vortax flows that are generated by the lifting surface and the attached
vortex generators.

In analyzing the effect of the attached vortex flows on the pressure distribution
over the surface of the wing, both the induced and the suction effect of the vortex flows
must be considered, While the induced effect is generally generated at spacial locations
greater than the core diameter, the vortex suction effect occurs at spacial locations
associated with dimensions on the order of the vortex core diametecr.

The sparwise pressure distributions presented in Figure 5 for the basic wing at an
angle of attack at 13,1 degrees indicate that there is the semblance of a leading edge
vortex which, after its formation as a coordinated vortex along the 5% chord line, trails
outward and aft and leaves the trailing edge near the wing tip. (The path of the center-
line of the vortex can be traced by the peaks in the pressure distribution). The pressure
distributions also indicate that a small secondary leading edge vortex is formed at the
leading edge at abcut 75% span location. This secondary vortex, which is probably formed
by the induced effect of the primary leading edge vortex 2s ii. turns in the chordwise
direction, is quickly separated from the surface 0f the wing by the induced upwash of the
primary vortex fiow, Due to the broadness of the peaks in the pressuvre distribution and
the rather low value of the suction pressure of the main leading edge vortex, it is obvious
that the leading edye vortex at this angle of attack is rather weak and diffuse. This
conclusion is supported by the external flow visualization pictures that were taken using
helium bubbles as only a slight large diameter swirling flow, that might be associated
with a leading edge vortex, was indicated in the pictures. The induced effect of the
leading edge vortex, although relatively weak at this angle of attack, tended to reduce
the anyle of attack over the inboard sections of the lifting surface which inturn reduced
the chordwice gradient of petential lift in this region.

The pressure distribution for the configuration with the straxe added while showing
some overall similarity to those obtained with the basic lifting surface, are significantly
different in detail. The effect of the strake vortex, while small, is clearly evident
near the wing root. By tracing the peak pressures associsted with the strake vortex it
can be deduced that the path of the strake vortex over the surface of the 1lifting surface
is basically in the chordwise direction. Since the magnitude of the pressure peak associ-
ated with the strake vortex decreases as it traverses the chord indicates that the vortex
is moving away from the lifting surface as it moves acress the chord., Both of these con-
clusions regarding the path of the strake vortex are shown to be valid by the photographs
presented in Figure 6. The rhotographs of the strake vorcex, visualized by helium filled
bubbles, show that the strake vortex goes directly across and away from the wing surface
as it moves downstream. The induced effect of the strake vortex on the lifting surface,
while relatively weak, is such as to create a spanwise loading gradinnt near the locution
at which the leading edge vortex has its initial formation. The induced effect of the
strengthened leading edge vortex tends to reduce the potential lift over the inboard
sections of the lifting surface as it did to a lesser degree fox the basic wing planform.
In addition, the upwash induced by the leading edge vortex over the outboard section of
the wing seems to have separated the flow as the surface pressures are less than they were
for the basic wing in this region. Due to the induced and suction effect of the strake
vortex and the stabilized flow over the inboard sections of the iifting gurface, the
leading edge vortex not only becomes slightly stronger but much more concentrated and thus
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the suction peak it creates over the outboard sections of the lifting surface, while
narrower, is larger in magnitude. It can also be seen by comparing the pressure dis-
tributions of the wing with and without the strake, that once the leading edge vortex of
the wing strake configuration becomes a "semi-free" vortex it is turned in the free
stream direction much more rapidly than it was for the basic wing configuration thus

creating a rather effective aerodynamic wing fence across the chord at approximately the
80% span location.

The surface flow for this configuration as depicted by tufts is shown in Figure 7.
The centerline of the paths of both the strake and leading edge vortices have been
indicated on those photographs. As indicated by the tufts the flow inbetween the stream-
wise positions of the two vortices is in the spanwise direction indicating that petential
flow and lift are being developed in this area. While there is some effect of vortex
induced flow inboard of the strake vortex location, the flow is basically potential in
nature over that region as well. Outboard of the leading edge vortex as it crosses the
chord, however, it is noted that the flow is basically in the spanwise direction. A
closer look at the tufts along the leading edge outboard of the leading edge vortex
indicated that this area is stalled and the flow is separated. It is believed that @he
large induced effect of the leading edge vortex, which creates an upwash in this region,
is responsible for the flow separation. Once the flow over the surface of the wing has
been separated, the induced velocity of the leading edge vortex creates the spanwisg
flow in the low velocity region of the separated flow. While the pressure distributions
presented for the wing with both the strake and outboard snag added is considerably
different than those of the other configurations, the same total lift is obtained. The
presstce peaks associated with the strake, leading edge, and snag vortex are clearly
evident in the distributions that are presented in Figure 5. As can be seen, the charact-
eristice of the strake vortex remains about the same as they were for the previous con-
figuration and the leading edge vortex has been weakend and moved inboard due to its inter-
action with the rather strong snag vortex. Since the strake vortex is rather far removed
from either the leading edge or snag vortex, there is little evidence of interacting

effects of the strake vortex with the outboard vortices. 1In fact the pressure distribu-

tions for this configuration, except for the independent effects of the strake vortex are
almost identical to those of the basic wing with just the snag added.

On the basis of
the pressure distributions obtained for the various configurations at a relatively low
angle of attack, it is concluded that while the influence of the rather weak vortex flows
did not alter the total lift that was generated, they did alter significantly the loadings
distributions.

At angles of attack much greater than the angle at which the basic wing stalls, the

influence of the vortex flocws on the total 1ift that is generated is much more significant
as is shown by the pressure distributions presented in Figure 8.

The pressure distribu-
tions shown for the basic wing indicate that except for a weak pressurc peak due to the
leading edge vortex near the wing root, the entire lifting surface is completely stalled
as indicated by pressure coefficients of near unity. In constrast, the pressure distri-
butions obtained for the wing with the strake added indicate that large pressure peaks
are obtained. It can also be seen that not only has the peak pressure associated with
the leading edge vortex increased but the position of the vortex has moved inward. It is
believed that both of these effects are due to the interaction of the two vortices and

the strengthening of the leading edge vortex by the loading gradients generated by the
strake vortex.

aAs indicated by the pressure distribution, the strake vortex has an entirely different
path over the surface of the wing at 27.7 degree3 than it did at 13.1 degrees angle of
attack.

This difference in the paths of the strake vortex can be seen by comparing the
visualized strake vortices in Figure 9 with those in Figure 6.

While the initial rate of
movement away from the surface of the strake vortex is greater at 27.7 degrees than it
was at 13.1 degrees, the strong induced effect of the leading vortex moves the strake
vortex back towards the surface of the wing as well as outward along the 75% chordline.

As shown in Figure 10, the leading edge vortex moves out along the leading edge as well

as away from the lifting surface due to the induced effect of the strake vortex until it
bursts. After bursting the leading edge vortex becomes turbulent and turns in the stream-
wise direction.

Although not shown in these pictures the strake and burst leading edge
vortex could be seen to mix near the trailing edge of the lifting surface near the 70%
span location as they both maved in the downstream direction.

The tuft picture visualizing the surface flow for this configuration at an angle of
attack at 27.7 degrees is shown in Figure 11. The small areas of potential flow generated
by the induced effect of the leading edge and strake vortices can be seen in the picture.
It can also be seen that the strong induced effect ¢f the leading edge vortex as it moves
over the chord of the wing has completely stalled the tip region and generates a strong

spanwise flow in the separated flow region over the mid span portion of the lifting surface
between the two vortices.

The pressure distributions presented for the wing with the strake and snag added
indicave that at this high angle of attack the primary effects of the snag vortex have

disappeared but *he effects of the strake and leading edge vortices have remained about
the same as they were for the wing-strake configuration.

It is believed that the pressure distribution presented for the various configuration
at 27.7 degrees clearly indicates the strong influence of the vortex flows on the 1lift that
is generated by the wing.

As will be verified later in this paper, the majority of
additiomel lift obtained from the vortices is due to the low pressures within the core of
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the vortices and not due to their induced effects on the lifting surface. This conclusion
was drawn as at all locations outside of the regions of the influence of the vortex flow

the wing is completely stalled.

During the tescts the conventional leading edge snag having an airfoil section was
replaced with a sharp edge plate to determine its effect on the loading distributories
over the tip region. Flow pictures taken in the tip region for this configuration are
shown in Fiqure 12. As can be seen from these flow pictures, a concentrated leading
edge vortex is formed at a relatively low angle of attack over the flat plate snag ana
that the flow on the wing surface behind the snag vortex is unseparated. As the angle of
attack was increased the leading edge and turbulent vortex at the leading edge discontinu-
ity get stronger but an angle of attack of 27.7 degrees the vortices no longer exist
because of complete flew separation caused by the sharp leading edge on the snag. On the
basis of what was observed for this configuration it was deduced that a sharp edg=
separator plate along the leading edge of the wing might generate a leading edge vortex
at angles of attack lower than those at which the leading edge of the contoured airfoil
separated. If this could be accomplished, it was reasoned that the lift at low angles of
attack should be increased due to the vortex that would be generated by the separator
plate. To test this hypothesis a 5% chord sharp leading edge separator plate was attached
to the wing-strake configuration and the performance characteristics of this configuration
was determined over a range of angle of attack. The lift coefficient as a function of
angle of attack for this confiquration, is compared to that obtained for wing with just
the strake in Figure 13, It can be seen from the data presented in this figure, that in
the angle of attack range of 5 to 24 degrees an increase in the lift coefiicient was
obtained with the maximum increase being obtained at approximately 16 degrees. While
there was an associated increase in drag, it is believed that the increased 1ift can be
obtained without the attandant drag increase by usiag a small boundary layer trip instead
of the separator plate to initiate the formation of the leading edge vortex.

4.0 BRIEF OUTLINE OF THE THEORETICAL PREDICTION TECHNIQUE

The low aspect ratio swept wing-vortex system that is modeled allows for six vortices
over the surface of the wing and because of the range of angles of attack of interest,
the analysis considers mixed potential and separated-flows over the surface. The phenom-
enon of "vortex bursting" is included ir the analysis as is the prediction of the
important effects of the suction pressures generated by the vortices over the wing surface.
The strengths of the various vortices that are formed by the lifting surface as well as
their force free positions with respect to the wing are obtained by an iterative procedure.
In general, the calculation of wing loads in the presence of vortices generated by the
lifting surface (e.g. strake vortex-leading edge vortex, c¢ip vortex, etc.) involves the
computations of the following lift components:

1. Potential flow lift including the induced effects of the vortices
2, Lift due to separated flow
and 3, Vecrtex suction lift.

The definition of each of these lift components and the general procedures followed
for their determination are briefly described below:

1. Potential flow lift is the lift generated by the wing where the flow remains
attacked even at relatively high angles of attack due to the induced effect of the
vortices. A modified potentiai flow theory (Surface Lattice-Doublet Method) is utilized
for the computation of this component of the lift. Since the areas of potential flow
vary from one iteration to another, the computation of the potential lift must be part of
the iterative procedure.

2, Lift due to separated flow is the component of the lift where the flow is fully
separated from the upper surtace of the wing. The program computes the regions of the
separated flow on the wing surface by calculating the total aerodynamic angle of attack
at each control point and testing to determine if the local stall angle has been exceeded.
This is accomplished through the following relationship:

U sina_ = Usine - £ L gp p
a p k B mnkrk

Wheze U, is free-stream velocity
o, is local aerodynamic angle
a, is geometric angle

h

P
B mnk, is the influence coefficient of the kth element of pt vortex at the control

point mn

h

rP, is the strength xth element of the pt vortex.

If aa cxceeds the sepcified stall angle at any gontrol point, the box corresponding to

that control point is considered separated and corr :sponding to that control box is
taken to be zero. The pressure coefficient at th& separated points are then determined
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by utilizing empirically obtained cross-flow force coefficients for a three-dimensional
lifting surface.

I+ should be noted that, at the start of the computation, the strength of the vortices
(TR) are unknown quantities and therefore an iterative procedure must be followed for
gg» the determination of the separated flow boundaries utilizing the above relation.

3. Suction lift is the component of the lift generated by the vortices when they are
in the proximity of the wing surface. The suction effect is created by two different
flows within the vortex core. The first is the suction created by the axial flow and the
second is that suction required to balance the centrifugal forces developed by the swirling
flow.

The amount of suction lift achieved is very dependent on the axial flow in the core
of the vortex as well as the strength of the vortex. Since the magnitude of the axial
flow in the vortex core is very sensitive to the distance of the vortices from the wing
surface, it is necessary to include the thickness and curvature of _‘he airfoil for the
adequate determination of the suction lift, In the present formulation the calculation
of the suction lift is the only lift component in which the finite thickness effects of
the lifting surface have been included.

As noted previously, for the correct prediction of the wing loading distribution in the
presence of vortex flows, it is essential that the force free positions of the vortices
with respect to the lifting surface be determined. In the present analysis control
points, in addition to those on the lifting surface, are located along the length of the
vortex. At each of these control points all the following components of velocities are
predicted:

St it M A d

a. the velocities induced by the wing loads

b. the self-induced velocities due to vortex curvature
c. the axial velocity in the core of the vortex, and
d. the free-stream velocity component

Since a force-free vortex can only remain in a stationary position when the total
flow is along its axis, this criterion is utilized to determine when the vortex has reached
a stationary position during the iteration procedure. As might be expected, it was found
that the axial velocity in the core of the vercex was of primary importance for the
determination of the force-free positions of the vortices, and therefore it must be
computed accurately. Because of this requirement it .. helieved important, because of
its effect on the axial velocity, that the radial co.s. onent of velocity in the vortex core
be included in the improved version of the analysis,

As previously noted, the effects of bursting of the vortex is included in the analysis
since it greatly affects the vortex suction characteristics. A simple criterion is used
ir the present analysis to account for this effect, that is, it is assumed that the vortex
bursts when the core velocity is in a stagnation condition with the free stream., While
this simple criterion seems to agree reasonably well with experimental observations of
vortex bursting and also with the bursting of the leading edge and tip vortex, it is
believed that a more refined representation of vortex bursting based on core stagnation
or finite transit:ion will yield more realistic vortex bursting criteria.

5.0 CORRELATION OF PREDICTED AND MEASURED RESULTS

The analysis in its present form was utilized to predict the performance character-
istics of the wing strake configuraticn at three angles of attack: 13,1, 19.4, 27.7
degrees, A comparigon of the predicted and measured Cr's at these three angles of attack
are presented in Figure 14, The various components of the lift at each angle of attack
are indicated in the Fiqure. At 12.1 degrees it can be seen that, as might be expected,
the lift is wholly potential in nature and is prvedicted very well by the lattice-doublet
pctential flow analysis. At an angle of attack of 27.7 degrees the total predicted lift
agrees very well with the measured results and of the total 1lift, approximately 2/3 is
due to cross flow and the other third is due to vortex suction. While the cross flow and
potential lift have been lumped together, over 90% of this lift was that due to sepacrated
cross-flow. At an angle of attack of 19.4 degrees, it can be seen that the various com-
ponents of lift are about equal in magnitude and that the total predicted lift is approxi-
mately 8% less than the measured lift, It is in this angle of attack range in which there
is a strong interaction of the mixed flows that the analysis procedure is somewhat lacking
at the present time.

SO R R S A PR I BT o5k S P4 e en
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A more demanding comparison is between the predicted and measured pressure distribu-
tions over the surface of the wing. Comparison of the pressure distriputions along 5
different consistant chordlines at an angle of attack of 19.4 degrees are presented in
Figure 15. As can be seen the correlation between the predicted and measured res-lts is
rather good although the areas of potential lift and the transit.on to separated flow are
not being predicted as accurately as desired. It is believed that the reason for this
underestimation of the potential lift is faat the number of control points within the
area of influence of the vortex was not sufficient and therefore the sepa.ated flow
criterion was applied over too large an area in the areas of the vortex flows.

45

Figure 16 shows the areas over which the wing flow is predicted to be separated as
well as the predicted paths of tlie vortices. It is noted that both of these predicted
characteristics are close to those that were mzasured,
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It is believed that the correlation that was obtained between the predicted and
measured performance characteristics and pressure distributions indicates that with the
noted improvements in the theoretical representation, a relatively accurate, practical,
and useful prediction technique will be available for use for optimizing the beneficial
effects of attached vortex flaws by wing planform taziloring.

5.0 CONCLUDING REMARKS

It is believed, on the basis of the results of the experimental investigations, that
the potential of attached vortex flows in creating beneficial aerodynamic performance
benefits has been conclusively demonstrated for low aspect ratio swept wings operating in
the moderate to high angle-of-attack range. It remains to be evaluated, however, what
effects these vortex flows, generated by the primary lifting surface, might have on the
stability and control characteristics of the entire aircraft because of their induced
effecte on the t+:il surfaces. 1In addition, the effects of compressibility on the attached
vortex flow remains to be evaluated before they can be utilized with confidence to improve
the transonic maneuvering capabilities of high performance aircraft.

While the experimental investiyations have demonstrated the potential of attached
vortex flows, they did not determine the manner by which the wing-vortex flow character
istics can be optimized. It is suggested that seeking this optimum by wing planform
tailoring can be more effectively accomplished by the use of a reliable prediction tech-
nique rather than by means of an experimental approach. It is believed that the prediction
technique that has been discussed herein, once the noted improvements have been made, can
be efifectively utilized to seek the desired optimum for a given aircraft configuration.
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VORTEX/JET/WING [NTERACTION BY VISCOUS NUMERICAL ANALYSIS*
by

R. M. Scruggs and J. F. Nash
Sybucon., lnc., Atlanta, Georgia 30339
Charles J. Dixon
Lockheed~Georgia Co., Marietta, Georgia 30063
U.S.A.

SUMMARY

A computational model has been developed for analyzing the flow mechanism of vortex/wing/jet interac-
tions. The model is applicable to & wide class of viscous flows but is particularly suitable for calculat-
ing vortex-type flows near no-sltip or solid boundaries. Examples are leading euje vortices formed on highly
swept delta wings or on moderately swept wings with acti e control by jets or passive control by "strakes."
The modei is based on reducing the full Navier-3Stokes equations to parabolic foerm with respect to one of
the three space coordinates. Ccmputing time is in minutes rather than hours bringing the solution of the
izvier-Stokes equations into the engineering realm. Examples of computations for various vortex/wing/jet
inter...tions are presented in the report. Experimental pressure, laser velocimeter, and flow visualization
dats are presented for an unswept wing with leading edge vortex cuntrol by spanwise blowing. These dats are
used to analyze the formation and strength of the lcading edge vortex and as examples of typical input/out-
put date for the computational model.

LIST OF SYMBOLS

-~

u, v, w Mean veloclities in x, y, and 2 Vo Velocity of vortex normal to line through
directlons, respectively vortex center

Xy ¥y Z Spanwise, normal to chord and chord- w/g Jet mass flow
wise coordinates, respectively z Variahle of integration on Y=0 in

£, n, ¢ Vorticity in x, y, and z directions, Green's function integral
respectively

. €1y Lift coefficient, vortex lift
AR Aspact ratio Cn Wing normal force coefficient
¢ Wing chord Ch Local normal force coefficient
q Free stream dynamic pressure ¢ Pressure coofficient
Ro 5:?1?2525 integration containing Cu Momentum coefficient - wVj/gqs
S Wing area or Stroubhal number * Angle of attack of wing
5 Length of vortex feeding sheet r Circulation
., T  Time [ Boundary layer thickness
vy - fuily expanded isentroptc jet A Taper ratio

T~ . ~ velocity v Kinematic viscosity

Y:‘b? ¥ Free stream velogity o Density of flow in wind tunnel
¥ ‘ Total veiocity vector (x, vy, z) & Vorticity vector

- 1.0 _ INTRODUCTION T -

The favorable fifting offacts of lending edge vortices on delta wings have been under investigation for
many years, Hore recentiy, othar types of favorably intervering vortices have been noted. These consist of
1{eamussc vortices formed from laading =dge ‘'strakes,'" outhoard leading edge extensions ("snags') as on the
4 {aircraft) and trailing vortices from Canard configurations. Now that interfering vortices are recog-
ntzue as aids, as well as detriments, go 1ift_and stability augmentation, considerable emphasis is being
placed on goining kﬁaw}adaa ~“ncerntng their formation and stability.
- There have been many a;tenats L] mcde! the flow for delta wings with leading edge vortices. Matoi (Ref.
1) has provided a good survey of many of. these attempts. The afforts of most bave beea limited to potential

_flow models, assuming rotsticral slemenis for viscous effects such as the leacing edge feeding sheet. f[he

baslc assumpLiony of slender body, conical flow have heen followed by most investigators suzh as Mangler and
Smith (Ref, 2}. Results of these eacly investigators have fald a good foundation for further research, but
thcf\are~ngt zucgessful in obta!ning forces. and moments over a genara! range of confiqurations, Polhamus
(8f. 3}, with the isading edge suction analogy, has good success in predicting vortex }1ft and, in later
cffofts, the momsnte. His mothod does not describe the pressuree or flow mechanism. Good results were ob-
tained most-recently by Weber et 4! (Ref, 4 and Reo snd Jones {Ref. 5), where the trailing edge conditions
of deits wiags are Includer in the boundary conditions. The latler are still not considered satisfactory
for ap.artitrary -range of corflguratsqns ang {low congditions, Both note the need for including the secondary

The :cccnd 'y_vortex.,a)cﬂg with Ieaﬁlng 9dac separatipn. and the vortex core are al! highly viscous
fjew asgg:. -AISQ.—:hCAJbT'bK ax:a) velautty and its gradient are considered very important in detarmining

~“%aarese¢rah repoptsd haretn was ¢anduu*ed by the Lackkecd-caorqzu Eompany under oontract From the Office

agﬂaL\Fasuancﬁ. _So~ *kefc Jrom Sybucen, Iﬂc., arg cansultadts to Eockhaed—Gzorg*a Company .
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the stability of the vortex. There are no satisfactory analytical treatments of these areas. Neither are
there any experimental resuits that provide the assurance of not having experimental probe interference.
Knowledge of these viscous flow areas is essential to defining any model of the flow, since the character-
istics of these viscous flow areas will affect portions of the flow field such as the feeding-sheet shape,
the location and size of the primary vortex core, and the vortex 'decay' or '"burst" (vortex instability);
all affect tne overail torce and moments.

The Lockheed-Georgia Company is currently developing under contract with the Office of Naval Research,
a viscous model for leading edge and other interfering vortex concepts. Current development of this viscous
model is prescnied in thic paper. The viscous model will provide knowledye of the vortex feeding sheet,
such as position and strength, while vertex position and core size can be determined as a function of input
conditions. Contrary to the potential flow solutions, the viscous model has a no-slip condition at the
wing surface. This :hould have significant effect on vortex shape and position. The viscous model can in-
clude effects of a sponwise blowing jet (discussed in this paper) or other axial velocity along the axis of
the vortex core. It can be used to investigate the flow for "over-wing' blowing jets also.

A vortex lattice lifting surface theory may be used to determihe input for the viscous vortex model by
iteration procedure. In fact, the desired end result of this vortex analysis program is a combiration of
the vortex lattice model (potential flow model) with the viscous numerical model. This should be an itera-
tive procedure in which the vortex lattice model contains free line vortices connected by feeding sheets to
the bound vortex lattice with sources and sinks representing the span blowing jet, if there is one. Loca-
tion and strength of the free vortices and sources and sinks are determined by iteration. Universal pa-

rameters may be determined from a parametric study of the input characteristics to the viscous vortex model,

Thke parameters such as vortex locations and streagth may be used directly in the potential {low-vortex
lattice model. Input for the viscous model may also be obtained by laser velocimetry, which is discussed
subsequently.

2.0 THEORY

The theory is based on the assumption that for a certain class of flows the rate of change of viscous
stresses in one direction is small compared with those in the two orthogonal directions. Limited develop-
ment of this concept was accomplished in earlier work (Ref. 6), wherein momentum transport normal to the
surface was neglected. The present apprcach, which remedies this weakness, is to proceed fiom the vortic-
ity transport equations for incompressible, three-dimensicnal, steady flow. These equations are obtained
from the Navier-Stokes equations and the continuity equation by noting that

&= curl ¥ (1)
and performing differentations appropriate to steady flow to produce
\egrad & = & grad V + v923 . (2)
The velocity is determined from
92y = - curl o. (3)
Equation (3) is derived from a vector operation_on Eq. (1), utilizing the continuity condition for in-
compressible flow: div ¥=0. The vorticity &, and V, compose six unknowns governed by the six scalar
equations represented by Eqs. (2) and (3). Putting the equations in rectangular cartesian coordinates, a
direction, say the x-direction, may be taken as the one having minimum rate of change of viscous stresses.

Then, the last term in Eq. (2) may be approximated as v(Byy +3z3). Equation (2), written in scalar form,
now appears as

Ex = %'(“xc T ugn U oW, - VEy vieyy + &22)} (4)
ax - % {vgE+ vyn + vz = wny = vny + ulngy + nz,)} (5)
tx = %’(wxe *owgn + Wyl wal - Wy + v(gyy + 0pz)) ®©

where {£,n,7) are the components of & and (u,v,w) are the components of V. Equations (4) through (6) may
be conveniently represented in matrix form.

Fx = AF = BFg + CFy + DF, + DFy, , (7

where Fii(z.q,c)T and the three~by-three matrices A through C contain the velocity coefficients. D is the
jdentity-matrix times v. The partial differential system represented by Eq. (7) Is parabolic in the x-
direction and elliptic in the local y-z plane. This permits the use of forward-marching techniques to
perform the rumerical integration, wherein the solution is stepped progressively in x using information
from the previous x-5tep and the prescribed boundary values.

Figure t depicts the arrangement of the coordinate system and the domain of Integration. The solution
is started in some initial plane, x=0. for every point (y,zj of the initial domain or “cross~flow'' plane,
a value Is prescribed for the vorticity components and for the velocity components. The velocity compo-
nénts are; of course, derivable to within a constant from the vorticity and must be thus compatible. In
order to integrate Eq. (7) for vorticlty, it is necessary to simultaneously solve for the velocities. The
procedure for obtaining velocities will be discussed subsequently, The finite differencing pracedure
finally adoptad: for £q. (7) uses the following:

]-Wm‘tmwm'« PRS-
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For x-derivatives,

k PR k - k-1,
Fxm.n LY (Fm,n Fm,n’ (8)

(m indexes the y-dirsction, n the z-direction, and k denotes current x-location)

For the first-y-derivatives,

ko oL ek ek S ek Lk
.Fym'n iy Fmer,n ™ Fmon) Ve, = (F T Py n) v>0 (9)
For first z-derivatives,
k k 1 k _ -k
Fzm,n (Fm n+) Fm,n)' w<0, = bz (Fm,n Fm,n-x)’ w>0 (10)
For second y-derivatives,
k - k _ k k ’
Y¥m,n (Ay)z For,n = 2 Foon * Frmi,n) ()

and similarly for second z-derivatives. All first differences are first order accurate and the second dif-
ferences are second order accurate. The "locally upwind" first differences in tquations (9) and (10) were
chosen because the resulting finite difference equations are unconditionally stable. Centered first dif-
fererces may be used to imprcve accuracy, but a stability limit exists in that case in the form of a cell
Reynolds number.

Substituting Eqs. (8) through (11) into Eq. (7) leads to a set of simultaneous algebraic equations in-
volving the unknown vorticity vectors at the five forward node points shown in Figure 1. The procedure
used for solving these equations is an Alternating Direction lmplicit (ADl) sweeping technique. The method
proceeds as shown in Figure 2. Points along a line z=constant are solved simultaneously where, if M
denotes the number of mesh points in the y-direction, the equations take the form

a1 ay2 0........ 0 1 Fl‘ (6,

az) azo ass 0.... 0 Fa Gy

0 232 ass agy 0 . = { - ) (]2)
|.0. S IR T O P aji Fi Gi )

The a's are 3x3 matrices, the F's are 3x 1 matrices, and the G's are 3 x1 ano are known on any solution.
The subscript i has the value of M~2 when solving implicitly with respect to y. When the solution is im-
plicit with respect to z, i.e. along y=constant as shown in Figure 2, then i has the value N =2, where N
is the rumber of mesh points in the z-direction. As shown in Figure 2, a solution is obtained sequentially
at each z~station and then at each y~station. The process of sweeping once with respect to z and once with
respect to y constitutes one iteration on the solution in the lacal cross-flow plane. The values of vor-
ticity either to the left and right or above and below a local solution line, evident from the molecule in
Figure 1, are obtained from the previous iteration. Each implicit solution follows from €q. (12) in the
form,

F=alg, (13)

where a”! is the inverse of eitler an (N~1) or an (M-2) x (M -2) matrix. The a-matrix is solved by an
efficient successive elimination algorithm.

In order to close the Iterative loop at a new x-station, it is necessary to have starting values of
vorticity and velocity. The values are input as initial conditions at the starting plane; at successive
planes they are either arbitrarily guessed or taken as the values from the previously converged plane.
Having obtained new vortices on an iteration, it is necessary to obtain updated velocities on the whole
plane and establish appropriate values of boundary vorticity. Vorticity is prescribed on all sides of the
integration domain except the solid boundary. On that boundary the vorticity cannot be specified directly
but must be that value which is consistent with zero velocity at the wall,

Since the flows of primary concern in the research are those over brunded flat surfaces, it was found
convenient to formulate a Green's function iniegral solution for velocity in terms of vorticity, The ad-
vantage in this approach is that velocity boundary values do not have to be prescribed on the free bound-
arles of the computing mesh, since the integral solution is asymptotic to a constant at infinity. The
solution appropriate to & bounded no-slip surface with ¥ asymptotic to V_ for (y2+22)1/2 += is a Green's
function solution. The sketch below depicts the boundary value problem. It is required to solve Eq. (3)
subject to the conditions in the sketch, regarding & as a known point function. The integral solution
satisfyina no-slip on the surface is

PEY 0 ® .
- . r=r - > >
V(y,2) = -21- J I In(_ ,_°> curl o d Rg+ L I ¥(0,3) a + J 1——\'—(943)-2 (14)
" R F-io " y? +(2-2)? y¥2 + (2 -3)*
0 00
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where Fo = (v, 2o) and 3 = (-yg, 2,).

R Y

Thus on each iteration, Eq. (14) may be °
used in.a stfalghtforward manner to determine V=¥(z), Prescribed
a velocity field. it was found, however, that . - - .
exclusive use of the integral form for all V=0 V=V(z), Prescribed
mesh points led to excessive computing time, // ’//
so the method is only used on the boundari=:s. ’/
Having thus established boundary values for VA S S S S S S Sy A A N S A s 7
the velocity, the AD) procedure Is then used z }-——-—-—c-—--———{ o

in the interior of the domain. With a

velocity field known after each iteration, a new value of wall vorticity is tound by using a first order
accurate, one-sided difference on the velocities. The integral method is ideal for converging the critical
wall vorticity since the velocity is forced on each iteration to satisfy no-slip. Other methods require
simultaneously converging wall vorticity to its correct value and velocity to zero.

Numerous tests have been run on the convergence behavior for flows of varying degrees of complexity.
In general, for planes after the initial one, the number of iterations required is 6 or less. For the
initial plane, up to 12 iterations were found to be necessary. This apparently is due to the assumed
initial values not being compatible with the three-dimensional requiiements of the flow. Generally, it has
been found that a finer mesh requi~es more iterations for convergence on the first step but not on later
steps. It is also noted that an apparent difference exists for the value of vorticity obtained with dif-
ferent mesh sizes. A finer mesh reduces the error due to artificial viscosity. The error as a function of
mesh size has yet to be fully explored. Most of the calculations reported here were performed with an
11 x21 mesh, for which it is believed that inaccuracy has not destroyed the general validity of the results.

Except for the effect of artificzial viscosity, the method is relatively insensitive to step length in
the x-direction, since both the theory and the numerical integration method are first-~order accurate in x.
Consequently, most of the results presented were computed for a Ax of 1. unit, while Ay and Az were .1
units. The method has been used extensively on a CDC 6600 machine. For this machine, using a cross-flow
mesh of 11 x21, approximately 20 cpu seconds are required per x-step after the first step. The first steo
generally will require more time because more iterations are required to converge. Ffor a cross-flow domain
of size 1. unit by 2. units (11x2}] and Ay=Az=.1 units}, stepping 5. units in Ax requires approximately
100 cpu seccnds when the number of iterations on the first step is 12 and on successive steps 6. The com-
puting time per second increases approximately linearly with the number of mesh points in the cross-flow
plane.

The velocities off the edge of the plate can either be arbitrarily prescribed or be obtained by some
coupling scheme whereby the flow in the region exterior to the vorticity box is calculated by some other
method.

Theoretical Results for Typical No-slip Flows?

The computatioral method has bLeen used to calculate a number of complex vortical flows during the de-
velopmental stage. +ia.re 3 shows the interaction of a pair of streaming, counter-rotating vortices with a
parallel wall. This figure, depicting the velocity vectors in the cross-flow plane, demonstrates clearly
that mich more than potential fiow is involved when the vortices and the wali interact. High-energy fluid
is entirained from the irrotational outer flow and then is ejected upward betwveen the vortices, having
suffered an energy loss due to interaction with the outer wall., The effect of this energy loss is reflected
as wel! in the streamwise component of velocity. Figure 4 shows the wake development in the streamwise ve-
locity. The low-energy flcw between the vortices it reflected in a progressively retarded ll-profile,
similar in appearance to a boundary-layer profile approaching separation.

3.0 EXPERIMENT

The primary objectives of the experimental efforts have been to obtain additional knowledge of leading
edge vor+ex formation and realistic input values for the viscous numerical model. Quantitative and quali-~
tative information is obtained to compare with the theoretical output.

The model used for the investigation is 2 semi-span, aspect ratio 3, rectangular wing of zero sweep.
The alrfoil section is an advanced transonic airfoll, 12% thick. The airfoil was chosen because of its
characteristic leading edge separation and its relatively flat upper surface which corresponds with the
fiat surface used in the theory. A spanwise blowing nozzle is installed at the wing root for active con-
trol of this leading edge vortex formed :t high angle of attack. Fifteen surface static pressure taps are
installed in the model at each of four spanwise stations.

Tests conducted with this mode) include measurements of surface pressures, flow visualization with a
3age action helium bubble generator, and flow field velocities measured with the Lockheed-Georgia laser
velocimeter. Surface pressure data were obtalined at angles of attack from -3 to 30° at various jet momen-
tum coefficients. Laser velocimeter data were obtained at angles of attack of ~3 and 30 degrees only and
one jet momentum coefficient., V@ laser velocimeter is capable of obtaining two component velocity time
histories and 2!l the resulting Statistical analyses of turbulent flow. Reference 6 describes the laser
system in de.21] and presents results for the turbulence characteristics of the wing at -3 degrees angle
of atcack with the spanwise biowing jet on.

3.1 Experimental Results and Analvsis

This paper Is concerned primari', 4ith the results for the wing at 30 degrees angle of attack where a
strong leading edge vortes is formed. At this angle a limited amount of laser data were obtained (mean
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velocities only), but with the pressure data and flow visualization, considerable insight to the vortex
formation is provided.

Surface static pressures for the wing at 30 degrees angle of attack and a Cy; of 0.769 are shown in
Figure 5. The artistic corcept of the leading edge vortex illustrated in the figure is approximately in
the right position, but later data indicate the shape is differeit. Figure 6 shows the leading edge vortex
which forms with spanwise blowing as reflected by the helium bubble flow visualization. Velocity vectors
obtained by the laser velocimeter are shown in Figure 7, which is discussed in the following.

Figure 7 illustrates a composition of the results as just discussed for the flow at 33% span and the
wing at 30 degrees angle >f attack. Based on these avallable data, position, size, and strength of the
primary and secondary vortices are approximated; the vortex feeding sheet shape and streagth can be
determined; and total circulation available from the leading edge vorticity and its relation to wing lift
is deduced. Vorticity contours are indicated by relating the experimental results with available theo-
retical results.

Development of the vorticity fines (isovors) of Figure 7 is based on linking all the experimental and
available theoretical data in a logical manner. The vortex position in percent chord is approximated from
voth the pressure data and flow visualization. Size of the vortex comes primarily from flow visualization,
The oval shape of the vortex and the tilting of the top edge is based on flow visualization and the vor-
ticity contours of the theoretical method. Figures 9 and 11, discussed in Section 4.0, show vorticity
contours for two of the theoretical cases.

Laser data shown in Figure 7 provides the slope of the edge of the shear layer {or feeding sheet) and
the height of the edge above the wing surface. These conditions, the height of the vortex, and the leading
edge proximity allow the logical approximation of the edge of the shear layer which Is shown by a line as
£+0, £ rapidly approaches zero outside of this layer.

The thickness of the vortex sheet is linked to the position of zero velocity along the vertical ordi-
nate from the wing surface. A line through the lowest laser data point could logically pass through the
zero velocity at the line of maximum vorticity. The level for this zero velocity should be about halfway
across the positive vorticity layer. This latter criteria allows a reasonably shaped line to be drawn from
the separation point through the zero velocity point and into the primarv vortex. Also, straight lines
through the zero velocity point and the lower laser data puvints for w/V, and V/V, are nearly the same line
over most of the length of the lines. This would be a logical result.

The separation point is based on the pressure distribution for which a portion is plotted on Figure 7.
At the leading edge the velocity has increased from stagnation to V/V,=2.86. It then decreases due to
adverse pressure gradient until separation occurs at Zcosa=.25. From this point to Zcosa =0.k4, the ve-
locity indicated by the pressure is relatively constant. 1t begins tc rise at the point corresponding to
the intersection of the alrfoil surface and the line on which laser data were taken, i.e. Zcosa =0.50,

It is probable that the pressure is coming under the influence of the secondary vortex at this point;
therefore, it is reasoned that zero vorticlity should occur at or near this point. To substantiate this,
it can be shown that at the wall the change in pressure with chordwise direction is a direct functicn of
the change in vorticity with direction normal! to the chord, i.e.

_3_<!’.>. . (@_ ] 15). m)
dz\p ax  ay 3Y
\ wall

As shown in Figure 7, the vorticity does not change much with ¥ at the wall, between the separation point
and a small distance forward of the zero vorticity line; therefore, the pressure should not change much.
Since the pressure is beginning to decrease at Zcusa=0.50, it is probable that the zero vorticity line
should be slightly forward and the secondary vortex slightly aft where 3£/3Y is negative and the pressure
decreases.

1t should be noted that V/V, from the pressure distribution at Zcosa =0.50 agrees quite closely with
laser velocity it the outside edge of the shear layer. This lwplies very little, if any, change In pres-
sure across the entire shear layer. This is probably true only for the flow ahead of this Z/C station.

The pressure distribution shows that the maximum velocity occurs at Z/C=0.117 or Zcosa =1.32. This
should occur at a position where the 3¢£/3Y is changing from negative to positive, i.e. as shown in Figure
7. The lower part of the primary vortex should be near this point since the maximum veloclity due to the
primary vortex s at the outer edge of the vortex (the bottom of the oval shnpe),

3.2 Vorticity and Vortex Strength

With the geometry of the vortex established, some useful quantitative values can be estimated. The
values can then be used as input Lo the theoretical model as well as checks on the output of the model.

3.2.1 Leading Edge Vorticity

How much leading edge vorticity makes a primary vortex? This can be estimated, but first the value
of the leading edge vorticity .ust be estimated, From the geometry of Figure 7, the thickness, &, of the
boundary layer just ahead of the separation point is determined to be approximately 0.30 inch or 2.8% of
the wing chord. Assuming a laminar boundary layer, a linear velccity profile allows a convenlent calculi-
tion of the slope of the velocity profile 3v/an, where n Is the distance from the surface along a line
approximately normal to the velocity vectors in the boundary layer, and V is the magnitude of the velocity
vectors. Now V af the edge of the boundary layer is obtained from the pressure distribution at the point
of separation, l.e. Cy==-6.7. Therefore, V/Vo=2.77 and the normalized siope Is:
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The above is also the value of vorticity across the boundary layer, since
W _ 3y g Y

AR TRy S

As will be shown later, the value of the vorticicy and the boundary layer thickness at the leading edge
separation point are needed for input to the viscous numerical model.

3.2.2 Vortex Strength

It is intervating to analyze the primary vortex strength as a function of the leading edge vorticity.
To do this, some assumptions based on vortex shedding from a circular cylinder are made. First, as shown
in Ref. 7, the strength of the vortex shed from a cylinder is a function of the length of the feeding
sheet. As the vortex shed. from the surface, its strength grows until the feeding sheet separates from
the cylinder. At this point, the vortex and feeding sheet have approximately equal circulation strengths
and the feeding sheet is about 4.8 cylinder d:imeters long. The total circulation in the vurtex and sheet
is approximately equal to the circulatio- emitted from the boundary layer during ore cycle of vortex
shedding.

Circutation is described as a functicn of boundary layer vorticity as follows:

T 6
(1) dr=(-g—;'-%‘zi)dzdy, (2) :‘i%(%%"%})wdv or %‘(— vdn, (3) r-J I A yan dt
o 0

where I' is the circulation available from the boundary layer for a given time, T. For a laminar boundary
layer

(b) n/V = 5/V1

where & is the toundary layer edge and V; is the velocity at the edge. Also, where T is the time for one
cycle of vortex shedding and S is the Strouhal number for laminar separation,

v
1 2
1 Vo § Vo § C sina Vi [ r sine (V1
= = = a2 Now D = =210% _— e e —— e 20X
T=g and f= =m0, (5) Now Vo T v v av, (6) or Vo€ = 25 \V,
0

The value of T/V,C is the total strength of the vortex and sheet combined. This value provides an end
point for computing the leading edge vortex strength as a function of feeding shz2et length. 1t can be
shown from Ref. 7 that the vortex strength growth follows a relation as follows:

P4 sina (Viy /sl
Mz T (%) (3)

The growth relation (s/sp)"2 is valid over the range 9 <s/s, s0.42, where s is the actual length of the
feeding sheet, and sp is the length of the feeding sheet at the time of vortex sheeding. Since s, =4.8,
d'=4.8 ¢ sina, and this is many times the distance for the leading edge vortex sheet on an airfo?l, the
limit s/sp 0.42 is well above that for a lzading edge vortex formation.

Geometry in Figure 7 shows the feeding sheet length along the line of maximum vorticity prod.ces a
vaiue of s/5p=0.089. For a=30°, $=.2, and V;/Vy,=2.77, the strength of the primary vortex is
approximately

VEE =0.26 or I = 14.9 ft2/sec.
o

Thig is only a fraction of the full potential vortex strength, e.g. if s/sp =1.0, then I would be 272
ft.%/sec.

A check of the order of magnitude for I' can be made by referring back to the geometry of Figure 7. It
is logical that the peak pressure coefficient, CP =-9,7 corresponds to the peak velocity due to the primary
vortex (assuming negligible total pressure loss). Assuming a distance from the cente. of the vortex to a
point near the airfoil on a line through the z/c =0.,117 ordinate, the radius of the vortex is approximately
0,071 feet. The velocity at this point hased on the peak Cp is 208 ft/sec.; therefore, assuming this point
is outside the vortex core:

I = Vor = 208 x 0.071 = 14.7 ft2/sec.

This is amazingly rlose to the previously computed value of I', and of course it does confirm the order of
magnitude strength of the primary vortex.

As a further check on the order of magnitude vortex strength; vortex 1ift is extracted from 1ift ob-
tained by Integrating the pressure distributlions shown In Figure 5. Total 1ift is obtained. Then, the
potential flow 1ift, less leading =dge thrust effect at a=30°, is subtracted to get an approximate value
for vortex 11ft. At 33% semi-span the rectangular wing vortex lift is Cj,=1.02. Since €y, =krr,/V,C;
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Vo=63.6 ft/sec., and C~.892 ft.; I, =4.60 7*2/sec. This value must represent the combined circulation
strength of primary and secondary vortex and any negative circulation effect of the jet. In order for the
primary vortex strength to be 14.9 ft?/sac., the combined secondary and jet circulation must be of order
-10.30 Fz?/sec. it is not unlikely the secondary vortex is of this magnitude since the jet does create
negative vorticity primarily by its expansion and surface shear towards the wing leading edge.

3.4.3 Parameters Affecting Vortex Strength

From the preceding discussion, it is indicated tuat the vortex strength is primarily a function of the
space within which it is allowed to grow or the length of its feeding sheet and the vorticity shed at the
leading edge. It Indicates that once these confines are met the vortex no longer grows, and the excess
vorticity is conve.ted downstream. 1t would appear that due to reduced local angle of attack on the out-
board stations of the unswept, untapered wing the value of V;/V, decreases causing a decrease in vortex
strength, but this is compensated with increased vortex sheet length and probably by jet vorticity as well.

All of the above reasoning assumes the two-dimensional effect only. Unfortunately, the leading edge
vortex is a three-dimensional phenomena and the vortex cannot exist in a stable condition without spanwise
flow. 1t has been shown by Campbell (Ref. 8) and in unpublished works of Dixon that the local section lift
coefficient increases with increasing spanwise blowing momentum. This might be explained as an effective
increase in the feeding sheet length due to the helix angle created by spanwise blowing. The remaining
effect of spanwise velocity is the stabilizing effect on the vortex. Also, the velocity gradient in the
spanwise direction can cause decay or growth of the vortex {decreasing velocity decays and increasing ve-
locity causes growth). The case from Ref. 9 for outboard Llowing shows an increase in vortex strength with
span. Based on the above analyses, this is due to accelerating jet flow (under-expanded jet) and vortex
ferding sheet increasing in length as it warches spanwise.

Even though three-dimensional effects can be significant, the two-dimensionai analysis provides valu-
able insight. First, the value of V;/V, depends not only on angle of attack, but on the shape of the
leading edge and trailing edge recovery. Reference 7 and others have shown the value of V;/V, to be
approximately 1.4 at the separation point of blunt bodies. A lifting body with lcading edge separation
and flow recovery at the trailing edge causes V;/Vgy to be much higher and a function of angle of attack;
therefore, the vortex 1ift is a function of angle of attack due both to increasing Vy/Vo and length of the
feeding sheet.

!r conclusion, the analyses of experimental results have resulted in both a hypothesis and quantita-
tive values to be used in the ¢viscous numerical cnalysis. Primarily, the order of magnitude for leading
edge vorticity and an approximate shape of the input velocity is determined. The theory should then pro-
duce primary and secondary vortices with strengths of magnitude as computed above. The cnalyses also
indicate parameters that could favorably increase vortex sirength and wing 1ift. These are: (1) appro-
priately shaped leading edge, (2) large cavity for vortex to grow or longer feeding sheet, and (3)
positive spanwise velocity gradient,

Shape of the pressure distribution and therefore .he pitching moment with a leading edge vortex will
be a stronq function of the position and strength of the secondary vortex. This evclves since the secon-
dary vortex causes the negative value of 3g/2y, 1.e. a reduction of the pressure. With a tight, strong
secondary vortex, 3£/dy at the wall s negative and relatively large in the area of the secondary vortex.

4.0 EVALUATION OF THEORY

While it is possible to compute, via the numerical method, a wide class of flows of practical inter-
est such as delta wing leading edge flows and fillet flows, it {5 the primary intent here to address the
flow assoclated with a laterally blown jet. In this case the primary or outer irrotational flow is not
paralle! to the jet direction but approximately normal to it. It is known from experimental cbservation
that at angles of attack where spanwise blowing is effective, there is leading edge detachment of the
streaming flow over the wirg. The jet then penetrated fa: out the span and a spanwise vortex forms in the
vicinity of the jet. It is valid in this circumstance to apply the forward marching procedure in the
spanwise direction. The integration is confined to the detached, rotational region of flow over the sur-
face, where second derivatives with respect to x are much smaller thar those with respect to y and z.

As noted earlier, the method of £q. (14) leaves arbitrary the specification of the velocity vector
along y=0 for all points not on the no-slip surface. Thus, it is possible, via the Integral method, to
represent the effect of the outer irrotational flow on the viscous flow nearer the surface. For the
streaming flow past a surface with leading edge separation, the velocity distribution is not generally
known. 1In fact, the outer potential flow and the inner viscous flow are strongly coupled. This larger
problem is not addressed in the present investigation, so that it is necessary to approximate the affects
of the surrounding flow fleld on the jet/vortex formation region. The angle of attack in the cross-flow
plane is fixed by specifying W_ and V_. The manner in which these velocities approach zero near the plate

_ from upstream and downstream a7ong y=0 serves (as discussed in Section 2.0) to specify the streaming flow.

The idea is that the outer flow should exhibit sharp turning near the leading eage and should slowly re-
cover freestream conditions downstream., Thus, W and V are as follows:

1+z
for Z50:; Wew, “-T%'z-)’ ard v =v_ (1-—;-), for z<z, andv = - Zkzkvwz, 2 s2<0.
. L] \
for z22¢: w.zl-c (z~c), and v--z-;-—_-c-(z-c), for c£252) and w=w_, vev_ for 2>z

By varying 2y and zj a range of conditions in the surrounding flow can be imposed on th¢ integration
domain, thus allowing a sensitivity evaluation. Having a fixed angle of attack and che surrounding flow,




10-8

the remaining parameters relate to the Initial data, or conditions imposed in the plane x =0, and the
boundary values of vorticity.

As noted carlier, the mathematical method as now posed, requires the vorticity to be given on the free
sides of the cross~flow plane. The upper face and the downstream face were fixed in all cases at zero vor-
ticity. The face along the leading edge howaver requires a representation of the vorticity associated with
leading edge separation, This reglon of flow is important in any coupling with potential flow representa~
tion, and its criticality will be revealed in the example calculations to follow.

For all cases presented here, che integravion domain was fixed at two units of length chordwise and
one unit of depth normal to the surface. T-e mesh is 11 x21 so that y=z=_,1, In the initial plane, the
u-profile of the jet, when i is used, is of . he form

vrifa 2
U Unaxe

where r is the distance from the jet center and aj is a constant fixing the init'al jet diameter. The

initial vortex Is assumed to have thz form of a Lamb vortex. |If V, denotes the axisymmetric velocity
vector, the vortex is of the form,

2,.2
k, a. -r</a
ve - rz i (1 - e V)'

where k,, fixes the strength of the vortex and a, its core diameter. The angle of attack for all cases is
approximately 25°, with w=1, v=_ 47, and u_=.1. The small value of 4_ Is necessary to ensure no flow
reversal occurs in the x-direction. The value assigned to 4 may he .onsidered to represent a wing sweep
angle. Unless otherwise noted, the following values apply for the various cases: up,x=1.0, a;=.15,
a,=.15, k,=20. Using the freestream values of velocity and the two-unit chordlength as references, the
Reynolds number is approximately 2200 for all the examples in this section.

It became apparent after a few trials and analysis of the experimental data that the initial estimate
of leading edge vorticity distribution was a critical factor. Using z=2 units as a length scale for chord
and appealing to experimental results, it became clear that the leading edge vorticity should not extend
upward more than .1 or .2 units and should have a maximum value very near the surface. The separation
profile distributes vorticity too diffusely for effective capture to be made by the initializing vortex.

Thus, the vortex, in proceeding outboard, loses strengih rather than holding constant or increasing in
strength.

Figure 8 shows an interesting result obtained with no downstream recovery (i.e. z; very large). The
vorticity distribution at the leading edge has a maximum of £ =45, at y=0.1. The initial position of the
‘et is at z= 1 and that of the vortex at z= 5,

At three units outboard a secondary, counter-rotating vortex has formed behind the jet. At this point
the jet is still centered very near z=1, Apparently, since very little convection exists downstream of
the jet, vorticlty of opposite sign builds up in an otherwise stagnant region and forms its own vortex
flow field. This vorticity of opposite sign is generated at the wall, induced by the primary vortex, and
is then convected by the primary vortex and the outer flow into the stagnant region. The anomalous be-
havior of the leading edge velocity at '»=0.1 appears to he due to numerical inaccuracy caused by the
large gradients of vorticity in tne neighborhood of the leading edge.

Figure 9 presonts the results for a flow with recovery of freestream conditions 4.5 chordlengths down-
stream of the trailing edge, Maximum leading edge vorticity, £=25, is at y=0.1., The £-component vor~
ticity contours indicate, at least for the x =3 spanwise location, that the vortex is carturing leading
edge vorticity., Th's is approximately sustalned at least through x=5,

Since 3(P/p)/3z=v3t/3y, an examinatior of the sign and strength of 3£/3y presents an interesting re-~
sult assuming the aP/aX is not significant, Starting with the lcading edge, there is a low pressure due
to the flow around the leading edye (a high negative cp), then a rapid increase to about Z=0.2 where the
pressure continues to increase, but slowly until Z = 0.6 where the increase becomes slightly more rapid
because 3£5/3y becomes more positive. About Z=1.0 the pressure reaches a high and thus starts decreasing
rapidly under the jet at Z=1.1, The decrease continues to Z=2.0, therefore, the jet has an effect of
increasing 1i1ft. This has been noted in experimental data. '

Figure 10 depicts the u-component contours impos:d on the vector plot of Figure 3. This defines the
location of the jet relative to the vortex. The mutual interaction of the vortex and jet is obvious. Note

the 3u/3z azross the vortex center is small, but 3u/3y is not and peak u occurs below the center of the
vortex.

All examples so far presented have been initialized with a vortex and then allowed to develop span-
wise., While this allows more control in studying the interaction between the various flow components, the
question still remains whether a vortex is induced by the combined action of separated flow and jet or
vhether at least a small vortex is already present and is merely amplified through these mechanisms. A
series of runs were made to search for conditio~s leading to the natural! formation ¢F a vortex. Figure 11
shows one of the better results obtained. |t was found that strong recovery to freestream was required
(two chordlengths), along with an increased vorticity at the leading edge. The leading edge vorticity In
this case is £=45 at yo.!, It i5 noted that the results of Figure 11 are for five units outboard. This
was the first station for which a vortex-like structure appeared. Presumably this structure wou:d become
better defined further outboard, but the calculations were not carried beyond five units of span. A
drastic loss of jet velocity is apparent, the initial jet peak velocity having been 20, thus the jet is
swept more rapidly off the surface. Fnr the given starting and boundary conditions then, the jat may not
remain over the surface much more than five units outboard.

T LT NP, P e SV
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. Further examination of the leading edge criteria produceud the results of Figures 12 and 13. It was

: determined from analysis of the experimental data that a strong positive value of vorticity should occur
on the surface at the leading edge. Figures 12 and 13 show this to be true. All input is the same for

: these two fiqures except the vorticity at z=y =0, Figure 12 has a value of vorticity, £, = 43 at z=y =0

b : and Figure has £=0 at z=y=0. The strong recovery of flow behind the Jet {input at z=1.0, y=_.4) in

Figure 12 contrasts significantly with the vortex roll-up in Figure 13. The strong value o7 lezding edge

vortlicity decays o zero on the surface within less than 0.1 unit of z, but its influence over the whole

flow field is large. It must be noted that the value of £ =43 has been chosen to have the same value as

aV/3z for Zy <2 0. This is a compatible relation as is discussed in Section 3.2.1 of this report, and

agrees in order of magnitude with the value deduced from experimental data.

WIS SN ooacson

This latter analysis emphasizes the need for accuiate values of input velocity and slopes at the
leading edge, i.e. across the boundary layer at the polint of leading edge separation.

5.0 CONCLUSIONS

1. A computational fluid mechanical model based on reducing tahe full Navier-Stokes equations to parabolic

: form, with respect to one of the three space coordinates, has been developed to a level to prove its
feasibility.

w,
N
.

The viscous model can be applied to a-wide class of flows: in particular vortex flows and interacting
jet flows over no-slip lifting surfaces. The method allows the computation of large viscous flow
regions without approximations of the boundary layer type.

3. The method has been developed with economical computing time, reducing computing time for such methods
to minutes rather than hours. Full capability and accuracy limitations of the model need further
investigation, however.

4. The model is sensitive to boundarv conditions at the leading and trailing edges. These conditions
must be obtained from a potential flow model which interfaces with the viscous model.

5. Analysis of erperimental laser velocimeter data, surface pressure data, and flow visualization has
provided a relation between the strength of the primary leatino ~dae vortex, the vorticity shed at the
leading edgé separation, and the length of the vortex feeding sheet,

6. Data from the laser velocimeter is required to provide knowledge of the sensitive leading and tralling
edge input quantities during the early exploration of this problem.

7. Analysis of the experimental data has indicated the shape of the pressure distribu-ion and therefore

the pitching moment is a strong function of the locatinn and strength of the secondary leading edge
vortex.
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COMPARISONS OF THEORETICAL AND EXPERIMENTAL PRESSURE DISTRIBUTIONS ON AN
ARROW-WING CONFIGURATION AT SUBSONIC, TRANSONIC, AND SUPERSONIC SPEEDNS

by

Marjorie E. Manro, Senior Specialist Engineer, Loads Research Granp, M S, 73-33,
Boewng Commercial Airplane Company, Seattle, Washington 98124, U S.A.

Percy J. Robbitt, Head, Theoretical Aerodynamics Branch, M.S. 360,
NASA Langley Research Center. Hampuon, Virginia 23665, U.S.A.

John T. Regers, Head, Loads Research Group, M.5. 73-33,
Boeing Commercial Airplane Company, Seattle, Washingten 98124, U S.A.

SUMMARY

A wind-tunnel test of an arrow-wing body configuraticn consisting of flat and twisted wings, as well as a variety of leading-
and trailing-edge control surface deflections, has been conducted at Mach numbers from 0.40 to 2.50 to provide an oxperimentsl
data base for comparison with theoretical methods. Theory-to-experiment comparisons of detatled pressure distributions have
been made using current state-of-the-art attached- and separated-flcw methods. The purpose of these comparisons was to
delineate conditions under which these theories are vahd for aervelastic calculations and to explere the use of empirical
methods to correct the theoretical methods where theary is deficient. It was determined that current state-of-the-srt
attached-flow and empirical methods were inndcquate to predict aeroelastic leads for this conf guration The separated-tlow
theories now under development show promise of being a possible tool to solve this problem
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ABBREVIATIONS AND SYMBOLS

St s e S A G

b wingspan Cn normael-force cosfficicat MS mode! station
BL buttock line Cn section normal-force coefficient T.E. trailing edge
¢ chord length Cp pressure coefficient %,¥,2 orthogenal coordinates
K referense chord LE.  ieading odge P angle of attack
s Cwm.2s pitching-moment coefficient M Mach number Sy, trailing-edge control surface
2 deflection
¥
% INTRODUCTION

Accurate anulytical techniques for predicting the magnitude and distribution of aeroelastic loads are required in order to
design, in an optimum manner, the structure of large, flexible aircraft. Uncertainties in the characterigtics of loads may result
in an improper accounting for aeroelastic effects, leading to understrength or overweight designs, performance penalties, and
unacceptable fatigue life. Moreover, correct prediction of lowds and the resuitsnt structural deformations is easential to the
determination of control power requirements, control surface moments, and aireraft stability and control characteristics. The
alternative to the development of satisfestory unalytical techniques is the employment of expensive, time-consuming
wind-tunnel testy for each aircraft configuration. In addition, the ability to perform meaningful parametric or tradeoff studies
is severely limited by the lack of accurate prediction technigues.
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The problera of accurate load prediction becomes particularly difficult for aircraft with highly swept wings and eritical
design conditionz in the transanic speed regime. Highly swept losding edges precipitate flow separation and the formaustion of &
leading-edyge vortex; transonic flight is synonymous with mized-flow regions and embedded shocks. The degree to which our
best state-of-the-art theoretical tochniques can account for these fluw conditions is known in only a few circumatances.
Obwviously, attached-flow theories, including those that properly treat mixed-flow regions, cannot be expected to do well at
moderate and Yarge angles of attack when the leading-edge vortex is a dominant factor. H ywever, theories that do zccount for
the leading-edge vortex, and yield detailed pressure distributions, are often limited as to the wing geometries they can treat.
Several mathods, new under development, are far more versatile in terma of wing shape and show proinise of improved accuracy
e well. Clearly, if we are to continue to improve our predictive technigues, the limitations of all these methods need to be
quuntified through detailed comparisans of theoretical and experimental pressures for configurations of curront interest.

In the styuctural dasign of an aircraft, wind-tunnel pressure testa on a single wing shape (with twist and camber) are
extrapolated by means ofan seroelastic solution to obtain the load distributions for all other elastically doformed shapes of that
wing. In this process, 2quations ure used that relste the changes in local pressure to changes in structural deformation. Methods
for doing this for high-aspect-ratio wings at subsonic speeds are well developed and have been gubgtantiated by flight tests.
Howevor, for highly swept wings and/or transonic flight conditions where various nonlinear phenomena become important, no
satisfactory methods are available. Until such tools are developed, the need will remain for wind-tunnel test programs
simulating each flight design condition on the flexible airplane.

The purpose of this paper is to report on the results of 8 comprehensive study carried out te define the ability of current
state-of-the-urt linear and separated-flow techniques to predict detailed pressures over 2 highly awept arrow-wing
configuration with flat and twisted wings. The wings were provided with both lesding- and traiting-edge controls, and the flat
wing could be fitted with either @ sharp or rounded leading edge. The ability of theory to predict the dotailed preusyres
sssociated with controt-surface deflection or leading-edge shape was examined. Comparisons will be shown of thearetical and
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experimental pressures for the flat wing as well as for the incremental pressure changes due to twist. The latter is of interest
since this calculation is similar to that often made to correct basic rigid-model wind-tunnel results for aeroelastic effects ou tne
full-scale airplane.

The results of the subsonic and transonic program are summarized in NASA SP-347 (ref. 1) and discussed at greater length
in reference 2.

MODEL AND TEST DESCRIPTION

The wind-tunnel-model configuration selected for this study is a highly swept (71.29) thin wing on a slender body. The
planform and basic geomets y of the model are shown in figure 1, Two complete wings were conatructed, one with no camber ot
twist and one with no camber but a spanwise twist variation (see fig. 1). Both wings were designed to permit deflection of either
partial- or full-span, 25-percent chord, trailing-edge control surfaces with brackets to allow streamwise deflections of +4.19,
%8.3% +17.79% and £30.2°, as well as 0°. In addition, the flat wing was provided with removable leading-edge segments that
extended over 15 percent of the streamwise chord. These segments permitted testing of the leading edge drooped 5.1 and 12.8°
aswell as undeflected. A leading-edge segment was constructed with a sharp leading edge to examine the effects of leading-edge
shape. Figure 1 shows the basic rounded leading edge with the sharp leading edge superimposed.

The 217 pressure orifices on the wing were equally divided into 7 streamwise sections on the left wing. Pressure taps were
located on both the top and bottom surfaces at the chordwise locations shown in figure 2. The body orifices were arranged in §

streamwise rows of 15 orifices each. An additional 8 orifices in the area of the wing-body junction made a total of 83 orifices on
the left side of the body.
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POSITIVE L.E, UP
/ o
“.‘( BODY STATIONS (typrcal)
N§ 0.0 m':o.s / { M8 2:7.9
b —+h

>C
-~
:9\ A Lazom

DIMENSIONS IN
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Figure 1, — General Arrangement and Characteristics Figure 2. — Pressure Orifice Locations

The model was constructed of steel to mminimize aeroelastic deflections. To ensure close control of the model dimensions, a

computerized lofting program was used to provide data for machining the model components using numericaily controlled
operations.

The model was tested in the Boeing Transonic Wind Tunnel (BTWT) and in the supersonic 9- by 7-foot leg of the NASA Ames
Unitary Wind Tunnel. The former is a continuous-flow, clesed-circuit, atmospheric facility with a 12.5-percent porosity test
section measuring 8 by 12 by 14.5 feet; the latter is a continuous-flow, closed-circuit, variable-density facility with a test section
measuring 7 by 9 by 18 feet. Seven Mach numbers from 0.40 to 1.11 were tested in the BTWT, with angle of attack varying from
~8%to +16°. In the Ames facility, data were obtained primarily at Mach numbers of 1.7, 2.1, and 2.5. The major configurations
tested are shown in tables 1 and 2.

Table 1. — Summary of Conditions Tested in Boeing Table 2. — Summary of Conditions Tested in NASA Ames
Transonic Wind Tunnel Unitary Wind Tunnel
) LEADING EDGE |  TRAILING £DGE LEADINGEDGE |  TRAILING EDGE
g TRALING | LN o et gk WING TARGING | “peruEcTioN, DEFLLCTION.
d DEGHEES DEGREES DEGRLLS DLGALES
-
05412832707, HOUNDED LEADING EDGE|  FLAT 2 Q2é1 23
ROUNNED LEADING EDCL FLAY [ PARTIAL SPAN PARTIAL SPAN
14T WING +83,» 107 141,463
PARTIAL SPAN e
PARTIAL SPAN 203.2177 6 0.
) )
sugge | BRI SHARP LEADINGEDGE FLAT o. o
. TRISTED o 0,+41,£83,t 127 FLATWING S
SHARP LEADINGEDGE 1. 51 o
FLAT WING .} Bar o & e
FOUNDED LEADING EDJE 0.+ 4%, 283,111, Ru_30ED LEADING EDGE
SYEO WG THIsTCo o. Ogoa 3 Ui ™ITED o 053
"MACH NUMBENS: 049, 0.70, 0 £5,095, 1.00, 1.05, 7.1 MACH NUMBERS: 1,70, 2,10, 250
ANGLE OF ATYACK: 4° 1O +18% (20 INCREMENS) ANGLE OF ATTACK:-8% YO +14° {20INCREMENTS] « 15°
THEORETICAL METHODS

Theoretical calculations utilized in this study are based on inviscid theories for both attached and detached flows. Results
from two attached-flow theories are discussed: one uses the linear, subsonic/supersonic, constant-pressure-panel formulation,
and the second uses a panel soluiion of the exact incompressible-flow equution satisfying the exact boundary condition on the
sonfiguration surface.
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The separated-flew 1nsthod iz based on distributions of quadratiesily varying doublet pannlg. Since thiz approach is still
under developmaat, and only tentative results are available, the term “state-of-the-art” used in the Introduction is not strictly
applicable. However, the older scparated-fow methods can hundle only simple wing geometries, and theory-experiment
comparisons for an arrow wing would be of limited vsefulnees.

Aa noted in the Introduction, attached-flow theories can be expected to yield goos agreement with experiment only at fow
angles of nttack. The strong infiuence of the Jeading-cdge vortax flow for angles of attack greater than a few degrees clearly
indicates the need for detached-flow theorivs for detuiled loads prediction. These theories should be able to more closuly predict
joading trends at the higher angles of attack even though the gaometry they can handle is Josa general than that of the more
mature attached-fNlow methods, Additional details of the anaiytical methods are discussed helow.

Attached-Fiow Theories

The primary xnalysiz methed used foy pressure calculations in this study was the unified subsonic/supersonic panel
techngue of FLEXSTAB, which was developed by Boeing under NASA Asnes sponsorship (see refs. 3 and 4). The FLEXSTAR
ayatem of digital computer programe uses linear throry to zvaluate the static and dynamic stability, the inertial and
aerodynamic icading, and the resulting elastic defermations of nircraft configurations. The aerodynamic module contained in
the FLEXSTAB system 13 based on the conatant-pressure-panel method developes by Woodwsard (refs. 5 ard 6) to solve the
linearized potential-flow equations for aupersonic and subsanic speeds with planar haundary conditions. The method is also
usged at transenic spreds, where the nonlinear terme not accounted for may be important.

Figure 3 shows the distribution of panels used in this analysis. Line spurces and doublets are distributed along the
longttudinal axis of the body to stmulate its thickness and lifting effects. Similarly, source and vortex panels are placed in the
plane of the wing tu simulate its thickness and lifting effects. To account for the interference effects between the wing and body,
constant-preasure vortex panels are placed on s shell around the bady. This “interference” shell serves to cancel the normal
velocity components on the bady induced by the wing,

At subsonic Mach numbers and the high supersonic Much nuinbers, 50 line singularities, 168 interference panels. and 160
wing panels were used to represent the configuration. For the very low supersonic Mach numbers (1.05 and 1.11), the number of
interference panels had to be greatly increased {to 330) Lo avercome instabilities associated with the solution. The edges of the
wing panels were chosen to coincide with tho control surface hingelines and breaklines. WNote on figure 3 that the panels
are of nearly equal width and, in the chordwise direction, panel edges are st constant percent chord with closer spacing at
the leading edge and the hingelines,

The secand attached-flow method used was the general method of Rubbert and Saaris (refs. 7, 8, and 8) for the numerical
aolution of nonplunar, three-dimensional boundary-vaiue problems. The method solves the exact incompressible potential-flow
equation (Laplace's equation), with compressibility effects incorporated via the Githert rul 2. In contrast to FLEXSTAB, the
Rutbert-Saari. (iereafter referred to as TEA-230: sclution is not encumbered by the small perturbation approximation and is
capabie of treating probleme of far more detail and generality than the linearized theories,

Figure 4 ehows a typica} paneling scheme used for the TEA-230 representation of the arrow-wing body model. The source
panels are placed on the configuration sulice; consequently, new pancling was required for cach configuration. The linearly
varying internal and trailing vortex panel networks are not shown,
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Figure 3. — FLEXSTAB Panaling Scheme
Detached-Flow Theoriss

Figure 4. — TEA-230 Paneling Scheme

‘The method chosen to predict the effect on wing pressures of the leading-edge spiral vortex was that of Weber, Brune,
Johnson, Lu, ana Rubbert (refs. 10and 11). Thismethod iscapable of predicting forces, moments, and detailed surface pressures
on thin, sharp-edged wings of arbitrary planform. The wing geometry is arbitrary in the sense that leading and trailing edges
may be swept 25 well ae curved or kinked.

The yioverring equations are the lincar flow differsniial equriion and nenlinear boundary conditions v.& i rtqusce that the

flow be parallel te the wing surface and that the frea yortex sheet, springing from the leading and trailing edges, be aligned with
the lecal flaw and support rio pressure jump. The Kutta condition is imposed and satisfied along all wing edges. This problem is
solved numerically by an acrodynamic panel method. The configuration is represented by quadrilateral panels-on all surfaces
with quadratically varying doublet singularities distributed on them. The vortex core is modeled as a simple line vortex that
receives vorticity from the free sheet threugh a conpecting kinematic sheet. The set of nonlinear equations is solved by an

“iterativo procedure, starting with an assumed initial geometry.




“
Y St S

y——

Crpben ANVEN R vend p o

R W Rk e > e ek £t ap 3l A

114

Figure 6 showa the paneling arrangement used on the wing. Note that the leading and trailiny, edges are extended to a point
rather than chopped off to form a finite tip. This should have only a trivial effect on the answers ohtained. The fuselage was not a
part of the current model; instead, the wing external to the body was moved inboard to obtain a more realistic model of the wing
alone. A total of 212 panels were used for this solution: 63 panels to describe the wing, 108 panels to describe the rolled-up
vortex, and 41 panels to describe the wake. The curtent version of the program is restrictad to incompressible flow,

The separated-flow computer program descrited above i still in its early stages of develspment. The capability for handling
wing thickness, camber, and twist as weil as a fusalage representation are now beirg added. In addition, the effects of
compressibiiity (Gdthert correction) and a new vortex model are being incorporated.

o 212 PANELS

2 v « INCOMPRESSIBLE MOTENTIAL FLOW
/ o ITERATIV F SOLUTION

N,

PANELING

ACTUAL TiP

Figure 5. — 3-D Vortex Program Paneling Scheme

TEST-THEORY COMPARISONS

Tn-e utility of any aerodyuamic theory is judged by its ability to accurately predict flight or wind-tunnel results. Of course,
these judgments should be made on the basis of theory-to-experiment comparisons for configurations and flight conditions
similar to those to which one expects to apply the theory. With this in mind, and recognizing the limited amount of detailed
pressure data available for arrow-wing configurations, the present program was initiated to provide basic experimental data
and to examine the ability of some of cur more common, and promisng, theoretical techniques to correlate with experiment.

Theory-to-experiment comparisons were made over a range of Mach numbers from 0.40 to 2.50 using the FLEXSTAB system
and at Mach numbars of 0.40 and 0.85 with the TEA-230 program. Both the flat- and twisted-wing configurations were
analyzed, including the effect of deflecting control surfaces. This paper concentrates on results for the flat untwisted wing.
Calculations using the separated vortex methed are limited to the flat wing at a Mach number of 0.40.

To get an idea of the gross aerodynamic propartic' . . _x. suison1sshown in figure 6 of experimental and theoretical normal
force and pitching moment coefficients over the range of A2 h aumbers. Both the FLEXSTAB and TEA-230 calculations are in
good agreement with experiment throughout the Mach number range at low and moderate angles of attack. However, at
moderate angles of attack the agreement is fortuitous, and detailed comparisons of girfuce pressures are necessary to evaluate
the adequacy of these theoretical solutions in describing the load distribution on the suirfaces.

EXPERIMENT
OM=040 OM=170 FLEXSTAB
GM=0.85 VM=250 ~—~ TEA-230
AM=1.05
8 — T——r - B
4
8 1
4 1
4 S ]
| -~
c 2% /
N | c
N
0 Vad ra
. © £ a
i 14 [ ] IS ° v X ° v
0 6 12 8 24 30 36 W2 21206 "0 B8 iz a8 24 30
ANGLE OF ATTACK, o, DEG Cm.25

Figure 6. — Total Normal Force and Pitching Moment Coefficients, Flat Wing

A comparig.n of experimental and theoretical surtace pressures on the flat-wing coanfiguration is shown in figures 7 through
10 for four Mach numbers. Wing surface pressures at three spanwise wing stations and at sngles of attack of approximately 4°
and 12° are shown. At the low angle of attack, generally good agreement with experimental results waz obtained by the use of
either attached-flow theory. However, the lack of agreement of the tipper-surface pressures a* .he most outboard station at
Mach numbers of 0.85 and 1.05 is due to the start of vortex formation. The TEA-230 predictions are somewhat better near the
leading edge than the FLEXSTAB results, which exhibit the typical linear theory leading-edge singularity.
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At the higher angle ot attack in figures 7 through 10, good agreement of the predictions with the exi;erimental data is
obtained only at the most inboard wing section (2v/b = 0.20). At the two outhuard stations, neither the FLEXSTAB nor the
TEA-230 results compare well with experimental data. One final point of interest with respect to these chordwise pressure

@f distributions is the diminishing effect of the leading-edge vortex as Mach number increases from 1.05 to 2.50.
) o UPPER EXPERIMENT v LOWER EXPERIMENT ——— FLEXSTAR -~-— TEA-230
; 2y/b = 0.20 2y/b = 0.50 2y/b = 0.80
; -8 " —r : v
; 6
; Cp -4
i -2 ?'\\q -
% ! Qe O P s
0 M
§ b 2 u
i ‘1.0 T T T T 1 ¥ T 1 v
i -8 o° . i ;
2 A
-6\, - 1
A A A
5 -4} LObC o
1 c \
1 P .2} e
N \
oR L,
2 ;;jr;:}:v_-_l_:;» —--;;-"r;r:mr:mv— v go v‘--‘-___)“___,,_—-i
.4 o 1 3 5 2 2 s 2 | N i1 1
} 0 5 1.0 5 1.0 .5 1.0
. FRACTION OF LOCAL CHORD, x/c
) «=12°
Figure 7. — Surface Pressure Distributions, Flat Wing, M < 0.85
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O UPPER EXPERIMENT v LOWER EXPERIMENT — FLEXSTAB
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Figure 9. — Surface Pressure Distributions, Flat Wing, M = 1.70
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Figure 10. — Surface Pressure Distributions, Flat Wing, M = 2.50

The spanwise load distributions shown in figure 11 demonstrate the same points made earlier with respect to the chord load
distributions. The agreement is best at small angles of attack and near the wing root. At high angles of attack, the theory
generally underpredicts the load level over the inboard half of tt ¢ wing and overpredicts it outboard.

The discrepancies beiween theory and experiment in both chordwise and spanwise loading are obviously caused by the
development of a spiral vortex above the wing leading edge at relatively low angles of attack. Plots of upper-surface isobars at
Mach 0.40 can be used to better illustrate this. Figure 12 shows the formation of tha vortex on the rounded leading-
edge fiat wing. Evidence of the vortex formation is first seen at an angle of attack of 4° and is clear!y evident at 8°.

‘the development of this vortex with angle of attack is influenced by both the sharpness of the leadir:g edge and the wing
twist. The firat of these influences can be seen by comparing the isobars of figure 12 with those of {figure 13, which are for the
sharp leading-edge flat wing. The vortex is more developed at 4° for the sharp leading edge than it was for the rounded one at 6°
and continues to develop more rapidly with angle of attack. This phenomenon is less evident at the higher Mach nuinhers.
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Figure 11. — Spanload Distributions, Flat Wing

o Tt Figurs 13~ Uppg'-r-s;ilrloce Isobars, Flat Wing, Sharp Leading Edge, M = 0.40

. ﬁagu;elt i_i,ng@a;ca the effects gf“wi‘gg tw ‘st on vortex formation. An angle of attack of nearly 8° is required to produce the
. samekind of lsebar canfiy aration a3 was evident at 4°on the flat wing, Sinre the local angles of attack for the twisted wing are
. less than those of the flat-wing, this behavior is expected.
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Figure 14. — Upper-Surface Isobars, Twisted Wing, Rounded Leading Edge, M = 0.40

It is abundantly clear by now that the flow on the model is dominated by a separated leading-edge vortex except at small
angles of attack and that the attached potential-flow theories do not adequately predict the effects of the vortex. It is of interest
then to determine what improvements one can achieve if this vortex is accounted for in the theory. Figure 15 has been
constructed for this purpose. Calculations carried out using the method of reference 10 are compared with experimenta! data
ard results of the FLEXSTAB program for a nominal angle of attack of 12° for the flat wing with sharp leading edge.

The comparison between experimental data and 3-D vortex results is surprisingly good, particularly considering the
absence of the body in the theoretical model. Since the level of the peak lifting pressure is generally overpredicted, it is likely
that the vortex is antually further from the surface than the theory is predicting. Nevertheless, the results are encouraging and
the accuracy of the method should improve through further development.

2.0

FLEXSTAB, M = 0.40
5] {TYPICAL}

13

)

' EXPERIMENT, M = 0.40

i /_ (SHARP L EADING EDGE)
[}

|

3-D VORTEX, M=~ 0.0

Figure 15, — Net Pressure Distributions, 3-D Vortex Program, Flat Wing, « = 12°

The effects of full-span trailing-edge control deflection on the pressure distributions are particularly interesting. At low
deflections and angles of attack, the pressure distributions at transonic speeds look typical of those for wing-flap combinations
of moderate to low sweep. For the higher deflections and angles of attack, the loadings at the inboard wing sections are still
similar to those of moderately swept wings with controls but, on the outboard sections, the distributions resemble those of the
flat wing at an angle of attack. The increased wing circulation due to control deflection apparently causes the formation of
vortex flow, and it in turn causes the incremental loading due to outboard cont.ol-surface deflection to be obscured.

Figure 16 (Mach 0.95) shows the effects of deflecting either ihe inboard or outboard portion of the trailing-edge control

. surfuce, a8 compared to zero deflection and full-span deflection. Only the upper-surface pressures are shown since they are the

most important. Two particularly interesting items are the carryover effect on the outboard loading caused by deflecting only
the inboard trailing-edge control surface and the loss in effectiveness at 12¢ angle of attack when the outboard portion of the

trailing-edge control surface is deflected. This loss of effectiveness is due to the vortex that completely dominates the flow on the
outboard region of the wing,
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Figure 16. — Upper-Surface Pressure Distributions, Effect of Trailing-Edge Control Surfa.~ Deflection, M =0.85

The phenomena just described may perhaps be gresped more easily from the spanload plots given in figure 17. It clearly
shows the incremental loading due to inboard, outboard, and full span control surfaces at 4% angle of attack whereas at 12° the
' curves for zero and outboard control-surface deflection are essentially the same. The fact that the inboard and full-span

. control-surface deflections yield the same spanloa3 distributions is clear evidence of the ineffectiveneas of the outboard control
: § surface at high angles of attack.
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Data similar to thai described for the subsonic Mach number is shown in figures 18 and 19 for Mach 2.1. As 1n the lower
Mach number case, the inboard control surface is much more effective thun the outboard at ali angles of attack. However, in
contrast to the low Mach number results, the outboard control surface still retains some of its effectiveness at higher angles of
attack A reduction of the induced lift over the forward portion of the wing due to control-surface deflection coupled with the
natural weekening of the leading-edge vortex with increasing Mach number are probably responsible for this effect.

The atte~hed-flow theories have been used to predict pressure distributions with the trailing-edge control surface deflected.
The dats shown in figure 20 for three Mach numnbers (0.40, 0.85, 2.10) are for the control surface deflected 2.3° and the model at
0° angle of attack. The station at 2y/h = 0.65 is used, since the agreement between theory and experiment is tyoical of thut
obtained at other spanwise stations. The calculations from TEA-230 are includzd only for Mach 0.40. It is apparent that the
prediction of the preasures at the leading edge and at the hingeline are much better with this method. FLEXSTAB overpredicts
the pressures on the zontrol surface at all Mach numbers shown, although at this angle of attack the distribution forwe+d of the
hingeline is quite good except at the leading edge.
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Figure 18. — Upper-Surface Pressure Distributions, Effect of Trailing-Edge Control Surface Deflection, M =2.10
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Figure 20. — Surface Pressure Distributions, Flat Wing, 2y/b, = .65, § TE =83°, a=0°

The preceding comparisons have shown that the attached-potential-flow theories are able to predict experimental pressures
for this configuration at unly small angles of attack and control-surface deflections. The effects of Mach number do not appear to
be particularly noticeable in the data at Mach 1.05 and below. However, it is quite evident for Mach numbers of 1.7 and above
that the character of the experimental chordwise pressure distributions are chang:ng ac the strerngth of the l2ading-edge vortes
diminishes. The test-theory comparisons at Mach 1.05 were generally as good as those at the subsonic Mach numbers.

There were no large differences between the TEA-230 and the FLEXSTAB results in comparison with experiment. TEA-230
with its on-the-surface paneling and boundary conditions predicted more closely the correct pressures near the wing leading
edge and on the deflected control surface than did the linearized FLEXSTAB. For configuration development at subsonic
cpeeds, the TEA-230 method is preferred to the FLEXSTAB method because of its ability to better predict detailed surface
pressures. For calculating load distributions, the FLEXSTAB method is generally as adequate as the TEA-230 method and is
easier ‘v implement. It is also applicable at supersonic speeds and includes the required aeroelastic solution.

EMPIRICAL CORRECTIONS

For many conditions the available theories do not give adequate results for detail design. The aeroelastic solution provides
the means for translating th> aerodynamic load distributions obtained from wind-tunnel tests on a single shape to the load
distributions on the elastically deformed airplane. Equations are used that relate the changes in local aerodynamic pressure to
changesin structural deformations. It ‘s desirable to introduce aerodynamic corrections based on experimental data that would
improve the accuracy of the theoretical estimate of elastic increments. The range and scope of these corrections vary grestly in
complexity and. for low-aspect-ratio configurations, their utility has rot been established.

The simplest type of elastic correction is to scale experimental aerodynamic parancters by the ratio of theoretically
calculated elastic-to-rigid values of the parameter in question. This acheme has limited vaiue for structural design because it
does not provide an improvement of the load distribution. A very successful method that has been well developed for
high-aspect-ratio surfaces at subsonic speeds has been to scale wing section characteristics aiong the span of the wing. Ideally,a
method to correct low-aspect-ratio aerodynamiics should influence both chordwise and spanwise loadings.

Since many low-aspect-ratio aerodynamic methods used for elastic predictions are based on some sort of aerodynamic
influcnce coefficient (AIC) matrix, & method that medifies elements of the AIC matrix should prove useful. However, insuch a
matrix correction scheme, there are always more unknown correction fuctors than equations avaiiable, requiring a number of
assumptions to obtain a solution. Table 3 summarizes schemes usad for matrix corrections.

For thie configuration, matrix correctors do not solve the problems. At small angles of attack, where the experimental data
are most nearly linear, attached-flow theory without modification predicts the pressure distributions quite well. At higher
angles of attack, the flow is nonlinear and linear corrections to the theory do not improve the prediction.

Examples of the variation of upper-surface pressure coefficients with angle of attack for several Mach numbers are shownin
figure 21, Several chordwise locations on a typical spanwise station illustrate the region of linearity at low angles of attack and
why linear cirrections will not improve the match at higher angles of attack. The pressure coefficients on the lower surface, as
well as the resulting net pressures, are just as nonlinear.

Inpractice, theoretical results are used mainly to correct experimental data from a rigid wind-tunnel model for the effects of
the elastic deformation of the flight airframe. Examples of this procedure are shown in figures 22 and 23 for Mach 0.85 and 2.1
atanangleofattack of8%. Here experimental data is taken for the flat wing (rigid model). A theoretical increment calculated for
the known twist of the model (supposed elastic deformation) is added to obtain t'.c nredicted distribution. This result is
compared with the twisted-wing data at the same angle of attack (deformed airframe) Three spanwise tocations are shown. The
section at “7/b = 0.35 is typical of the other inboard stations. The error in predicting the pressure cistribution is small,
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primarily becaure the relative twist in this region is small. However, there are significant differences at the midspan and
outboard stations between the experimental flat-wing data theoretically zorrected for twist and the experimental twisted-wing

data. Thisisbecause the twist has changed the location and strength of the leading-edge vortex. The theoretical corrections are
linear and work only on those cases where the actual flow changes are also linear.

This example is indicative of the type of problems that must be overcome before a reliable prediction scheme for serodynamic
increments due to elasticity is available. These resalts also indicate that the use of empirical corrections in the aeroelastic

solution to calculate flexible airplane loads is extremely rieky, and much research is necessary to develop a practical method of
using such corrections,

Table 3. ~ Experimental Corrections to Aerodynamic influence Coefficient (AIC) Matrix

.
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Figure 21. — Typical V;vriarion of Upper-Stirface Pressure Coefficients With Angle of Attack, 2y/b = 0.65
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Figure 22, — Pssudo-Aeroelastic Predictions, M = 0.85, a=8°
o
FLAT WING } EXPERIMENT
--TWISTED WING — TWISTED WING, PREDICTED
a 2y/b=0.35 2y/b = 0.65 2y/b = 0.93
o0
% o

1 L A i 1 ii i i i 1 1
0 5 1.0 5 1.0

FRACTION OF LOCAL CHORD, x/c

Figure 23. — Pseudo-Aeroslastic Precictions, M.= 2.10, a=g9

CONCLUDING REMARKS

Ithasbeen shown that the attached-potential-flow methods can yield good agreement with experimental data for this type of
configuration at low angles of attack only. These analyses are generally adequate for the evaluation of a configuration at cruise
conditions (load factor one). At critical structural snd control design conditions, which usually involve large angles of attack
and/or large control-surface deflections, the attached-flow theories wre completely inadequate. Attempts to introduce empirical
corrections to improve this situation have been unsatisfactory.

'de one comparison (M = 0.4) of experiment with a deétached-flow 'theory indicates much better agreement than the
attached-flow theories. Further development uf this type of analysis techniqué appears to be the only hope for predicting
the qerodynamic loads on highly swept, low-aspect-ratio, flexible airplanes with the accuracy required.
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THREE DIMENSIONAL SUPERSUNIC FLOW ABCUT SLICED BODIES (%)

Guide Tolasurdo, Assistent
Maurizio Pandolfi, Professor
Istituto di Macchine e Motori per Aeromobili, Politecnlce i Torino
Terino, 10129, Italy.

Summory

Three dimensional supersonic flows about airerafie or re-entry veticlee are computed by a mar-
ching techni.ue along the body axis. Beaide the well Xnown features of these flows (3D bow and
inbedded chocks, antrapy layers...} difficultins arise vhen the body surface presents lines of
discontinous vavictions of tta slepe (as for example in the case of a cone sliced with a plane).
It is here shown that the memrical prediction of the pressure at the body comss out quite
wrong Lf vhe elape discontinuities of the swwface of the body are not taken in tre proper con-
ideration. A methodology fs given in order to irmplement eastily tha capabilities of existing
compuler programs in caze of these linds of bodies. It is based on the explicit computation of
the rlow properties on the two 3ides of the discontinuity at the body by using there a local

analysie. Cosmente on thiv matter ave given and supporied by the results of wemerical expert -
ments.

1) INTRODUCTION

Attention is paid today to a family of reentry vehicles which may be controled in
their trajectory by means of very simple lifting devices. The gecmetry of these vehicles
is quite simple; the are shaped as blunted and relatively short cuncs (generally circu ~
lar), which, in the after bedy section, present flat surfaces (obtained by intersecting
the original cone with pianes parxallelto the cone axis).

Part of the flat surfaces may be moved in a flap fashion,in order to generate the
required aercdynamic forces needed for controling the vehicle. The sketch of Fig. 1 shows
a typical configuration.

It should be outlined that the computational methods, used in evaluating the surface
pressure on these vehicles, must be quite accurate. In fact small errors in the predicted
pressures may give a wrong prediction of the maneuvering capabilities of such vehicles.

If we look at the cross-section in the afterbody of such a vehicle, we may see a
discontinuity in the slope of the contour; just wherz the flat surface intersects the co
ne surface. We will call hercafter "discontinuity line" (d.1.), the line representing
this intersection.

If the usual 3D computational methods are carried on, without any provision about
the d.1., it will be shown in the following that the predicted results are far from what
it should be expected. This is in agreement with a general concept, supported in many
papers (see for example Ref, 1,2): shock waves, contact discontinuities , discontinui -
ties at the boundaries anl others, need a local analysis and the explicit numerical trea
tment, in order to get accurate and reliable results.

However, the more complicated is the discontinuity {(as for example 3D imbedded
shocks), the more sophisticated and cunbersome turns cut to be the procedure in writing
the computer code. In the present case, the "discontinuity line" pertains to the group
of relatively simple discontinuities, so that the explicit treatment does not require com
plicated features in th¢ code. The purpoge of this paper is the presentation of an aigo-
rithm (explicit treatment of the discontinuity line), which may be aprlied guite easily
to existingcomputer codes. The price to be paid in implementing the code capabilities,
consists only in few Fortran statements, added her2 and thexe. However the results come
out definitely as more reliable.

2) PRELIMINARY CONSIDERATIONS

In oxder to understand the perturbations originated at the d.l. we start with » sim
ple problem.

with reference to Fig. 2, we imagine a uniform supersonic flow over a flat plate.At
the station z_, a groove has been cut into the plate. By lookiny at the longitudinal sec
tion (Fig. 2a”) we expect a Prandtl-Meyer expansion fan generated at z_  (more precisely,
a quasi P.M. fan, because of the 3D effects}). Moreover; so far the comSonent of the flow
velocity, upstream of the d.l. and normal to it, is supexsonic (M > 1), we expect expan-
sion fans centered all over along the d.l. The isobars pattern in” a cross section (unoxr-
mal to z), should lock as in Fig. 2b. The top view is shown in Fig. Zc,

The flow on the d.l. appears then to be described by a set of double value points
(the upstream ones, and the ones immediately downstream of the d.l.).

When we tried to compute this flow fielu (geometry of Fig. 2) , without any particu
lar numerical provision related to the d.l1., we got the pressure distribution at the bo-
dy, which looks as the dotted lineinFig. 3. No numerical oscillations appear in the re -
sults, despite the existance of the d.1.0f course this fact should not lead to the wrong

(® g?ﬁ;gtg;;arch has been supported by the "Centro Nazionale delle Ricerche” (Contract n,115.6799,CI75,
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conclusion that the results are good. In fact, let us anticipate the results obtained
with the proper numerical treatment at the d.l., which we think as correct and which are
reported in Fig. 3 by the solid line. The difference is really remarkable.

In order to emphasize what kind of mistake one does, by neglecting the d.1., we
would like to show some further results about an oversimplified example: the 2D flow ex-
panding over a sharp corner, In this case we known the theoretical pressure distribution
along z.

We did two series of computations; we started the integration by marching along 2,
just ahead of the coxner {(uniform undisturbed flow) and just behind it (uniform flow ,
except at the body where the velocity, tangent to the wall, and the pressure are compu -
ted according to the P.M. aralysis).

Furtheracre we assumed Dz intervals at each step of the integration reduced, with
raspect to the (DZ)FCL determined from the stability criterion, by the factor a (Dz =

a » Dch,). The plots af Fig. 4,5 show the pressure distributions along z for supersonic
M_ = “~72) and hypersonic {M_ = 10} flows.Because the reference length is given by the
mesh interval along x, we have reported z% = z/Dx being Dx the intexval at the starting
station) .

The results obtained by starting just ahead of the corner, without any explicit
treatment, are reported by the solid lines in Fig. 4,5, whereas the points refer to the
case computed with the P.M., analysis. We may observe that a large delay in z#* is needed,
in order to adjust the pressure level at the wall, in the first case. The delay tends to
decrease by marxching with smaller Dz; however no improvement is practically achieved for
a less than 0.2. The pressure evoiution may be menotonic (hypersonic flow) or may show
remarkable undershobts (supersonic flow). In any case the preiiction of pressure at rela
iively short distance from the corner is completely wrong, Different conclusions are
drawn when the P.M. analysis is used; except for o = 1 at M_ = 10 the agreement with the
theoretical value is quite good.

We think that these preliminary considerations make clear that a good computation
must include the proper treatment at the d.1., by putting there a double value point.

3} EQUATIONS ARD} NUMERICAL APPROACH

We present in this paper numerical results for supersonic flow cver a plate with a
groove and about a sliced cone. Just for the sake of simplicity, we give hereafter the

equations for the first geometrical configuration (where a cartesian frame of reference
is assumed). The extension to the sliced cones geometry (cylindrical frame) is obvious.

First we write the eguations used in the integration of the grid computational
points. We give then the equations used for computing the flow properties on the upstream
side of the 4.1. Finally the local analysis is shown, in order to relate the flow pro-
perties on the two sides of the d.l.

3.1. Grid Points

The Euler eguations are written in thecartesian frame (x,y,z), and the stream 1line

slopes (& = u/w, v = v/W) are introduced, instead of the usual components of the velocity.

All the variables have been normalized as raported in kef. 3,

We c~onsider the flow field in the region bounded Iy the vwiper limit c(z), the body
cgntog; b{y,z), the symmetry line (at the left) and the undisturbed right boundary (see
Fig. .

Then we introduce the computatiocnal frame (X,Y,2), defined as:

X =~ b
X=gog i y*yi 2=z

The equations of motion come out was:

a
(1“;;2—) P, + BPy + 1P, + yDoy + y7y + Fry = 0

(1) aZ+Aaz+ray+CPx~%;§—-pz=0
1 a2 T a2
T.Z+A‘(x+TTY+EPx+7 ;TPY":{—W—iPZ’:Q
where:
P=lnp; a= YT; T = exp (Iil—P)
D = 1/(c~b)
G = (X*1)by - ch s B= (X~1)b, - X e,
A= D (o+1 G+H); B = A ~ a§~QH
D a2 X g a2 -
C= 7 ;7‘ (1t -~ gH); E= 7 —;7~ {1 - tH); F = yDG

Eq. 1 are used for evaluating the dexivatives P, Uy,s T,, at the interior points; the in
tegration is carried on by a marching technique™alchg 2, according to a two-level (predic
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Lor-corrector) scheme (Ma: Cormack).At the Jeft boundary we used tha same procedure as
at interior points,because ofthe symmetry condition. At the right boundary the undistur-~
bed flow conditions are imposed (we will confine the computation to the velue of 2,where
the d.l. reaches this boundary) .The same is done at the upper boundary ¢, which is suppo-
sed Liere to move along 2 as a tharacteristic surface, which will be never reached by tae
waves generated on the 4.1. At the body we follow the same procedure ad reported in Ref.
3. A compatibility equation is obtained from Eq. 1, which allows to evaluate the pressu
re derivative with respect to 2:

- - Y P b w2

?z = APX + (7a(cx + er) + y(bzz + zrbyz + byy) +
(2) Y a2 2

+ {1 5+6 ;5) + v 5 Tl /4 5 8)

_ D
where: = {(~{s*+G) + B)
(1«9—2—)
w

1

2 2
Yo o(ortw)? b (g - 1) (14 6D
at a”

The pressure at the body is computedby integrxating Eg. 2, according the two-level scheme
as at the interior points.

wWe defined at the body the two components u, v, of the velocity contained in tne cros
~-section plane (see Fig, 7):

= Y (- s v Vo ; . 2

u o (o Tby), v v (ab?+r), vy = 1 4 by

The momentum equation in the direction tangent to the body contour (in the cross-section
plane)gives:

2 o
1 a u
3 ;o= - '\’.4....._..._..._ - amaome +
(3) vy (rvY ™ T3 Py = (rbyy byz))
1 1
By integrating Eq. 3, one gets the uptated value of v, Py the decoding procedure;

wich is based on the tangency condition (A = O) and on the ccnservation of the total tem-
perature (T°), one has:

.| A~ 2 82, o
u = ;;;— (vay + bz\/q vi); v = 20 by

W= q2 - u2 _ v2 ; q2 = 2y __ 2 (po-T); v v[1 + by2

y=-1

3.2. The upstream point on the d.l.

We have already anticipated that the present treatment of the d.l. holds, provided
that the flow normal to the d.l. is supersonic. It follows that the computation of the
flow properties at the point U (Fig. 3) is only depending on the flow at the right side
of the d.l. We compute the flow here by writing the equations of motion in the frame of
reference (§, n, §) moving along the 4.l.:

= L =D
=B n=y-y, i =z
where the d.1l. location is given by Yg {z).
A set of equations, similar to Eq. 1 may be then written. The compatibility equation,
wich provides the variation of pressure along the upstream side of the 4d.l., is:

= - 2
PC APy + (yk(ox + Gtx) + y(bzz + 21'byz + 1 byy) +
(4) + {(v-y_, (1 - az)) Ay 93— (6 + (0+1G))) P, +
Y2 W2 DT T3 AN Y

2
+Y%TY)/(§§E)

The momentum equation, correspondlng to Eq.3, results now as:

2 ~
5 Vo= ({1 g+ 1. 3 -8 + b}
(5) \f ({x-yg,)vy o ;{'PY v% ('rbyy byz.)

|
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By using the same procedure as at the bedy grid points, one may compute the flow proper-
ties at U. In the presented examples,being zero the Y-derivatives in the flowfield up —
stream of the d.1., we may avoid this procedure, and just set at U the indisturbed flow
conditions.

However, in different cases {for example sliced cones at incidencz), we need the inteyra-
tion of Eq. 4,5. One may even think to drtermire the flow at U, by axtrapolating the va-
lues from the grid peints at the right side of the d.l.; our experience has shown that
this simple procedure may give some numerical problems.

3.3, Local analysis at trke d.1.

We define the unit vector, 3, tangent to the d.1. We consider then the component of
the upstieam velocity (V) along * (v¥1), and the normal component (&*). We have:

T = 713 + réﬁ + réﬁ (given Ly the geometry)
ve = U F = ut, tvr, + Wrg
-ﬁft =v - vv‘c.; ; uk = \]2 - vt‘cz

So far the Mach number of the upstream flow normal to the d.l. (M , Fig., 2¢) is larger
than one, w2 may apply the Prandtl-Meyer analysis to this normal flow, which experiments
the deflection av and the abrupt expansion over the sharp corner:

= acoz (N . §1)

where N and N, denote the unit vectorsnormal to the surfaces upstream and down stream of

the d.1. From the P.M. analysis, one gets the pressure P, at the downstream point D, and
the velocity component u?, normal to the d.i1. and directéd along the unit vector (ﬁ1 X 1).

The: velocity'v1, at the point &, is then:
—\;1 = \lﬁi‘ (§1 x-’T) + V*-rl'

Because u* and v*, and the component of the vectors N, and 1 are known, one may soon eva
luate the velocity components (u,v,w) and the streamllne slopes (v,t) at D.

The computational points U and D move in the fixed gridof computational points at X
=0 (fig. 6)0

Special formulas has to be taken in order to evaluate the Y-derivatives at the podint
U (Eg. 4,5) and at the grid points MSM, MS (Eq. 2,3), in order to avoid derivatives across
the discontinuity and to save theaccuracy, whatever is the position of the points U, D in
the fixed grid (given by ¢ in Fig. 9). The formulas we have used have been suggested in
Ref. 5 in the case of computation of shocksfloating in fixed grids.

Numerieal results

We have carried on computations for wo different cases; uniform flow over a flat pla
te with a groove and about a sliced cone (pointed nose).
As regards the first case,we refer to Fig. 2. The d.l. tias been chosen as the hyper

bola:
Yg = 2, tan p \/ (;—)2 -1
o

The groove profile in the (x,2z) plane at y = 0 (left boundary in Fig. 6) is assumed as:
g = ng (z-2z,)

The groove profile in the cross section (plane x,y) is given by a second order pavabola:

2
b=g (s~ 1)
Ys
We have based the computations on the following datas:

z, = .2 3 w = 38,66° ; n=«- ,2
The results have been plotted (Fiy. 10 11) as the pressure distribution along y at diffe-
rent stations 2, for M_ = 2. and M, = 10,
The solid and the dotted -lines refer to the computations respe:tively with and without
the explicit treatment of the d.l.

Th2 difference between the two computations is remarkable for M_ = 2. {fig. 10} and
awfully laxge for M_ = 10 (Fig. 11). This fact may be justified by locking at the results
got for the 2D f£low (Fig. 4, 5) where the delay in z, for readjustihg the pressure at the
right level, is larger at higher Mach number.

We have thén computed the £low-about a 5° cone¢ (pointed nose) with the slice as
shown in Fig. 1, for M_ = 8. The results {(pressure at the body along 6) aré reported in

R PP




ey

PUARRLY, Snad Biiea] 5L e

PR

.
7w s A

™

7]

R 5o . .
SRS SRSV TR PR DT <

weo-

oo

FELITRIPHIRL N N VoA g MW A S

YISO

IR T2

12-5

Fig. 12. We find here the same trend shown in the first example, The fact that at larger
2, the dottad line denotes rather low pressure lavels, may be easiyl related to the under
shoot shown in Fig. 4. This iz put in evidence in Fig, 13, where the pressure evolution
along z is given, at the symmet:y plane (8 = O). Once again the delay is quite rcmarka-
ble for the dotted line; whereas for the solid lines is negligibile (as in Fig. 4); the
weak and smooth pressure increase may be ascribed to the 3D flo effects.

Finally we would like to mention that all these computatioas have been repeated, by
doubling the number of the computational points in the Y directicn. The results are prac
tically the ones got with few points, except small improvements in some case, due to the
better flow description in regions of sharp gradients (in Y).
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A METHOD FOR ESTIMATING THE LOADING DISTRIBUTION

oM
LONG SLENDER BODIES OF REVOLUTION
AT
HIGH ANGLES OF ATTACK
IN

INCOMPRESSIBLE FPLOW

by
E.ATRAGHJI
National Research Council, National Aeronautical Establishment
OTTAWA, ONTARIO, CANADA
KtA OR6

SUNNABRY

The three-dimeasional flow over long slender bodies of revolution at high angles of
attack 1is treated by relating it to the oscillatory two-dimensional flow over a circular
cylinder normal to the streanm, The approach, vhich can be considered as a
re-interpretation of Allen and Perkins® description of the cross-flow, leads to simple
algebraic expressions for the Jocal normal and side forces as functions of the cross-flow
Strouhal number and the ratio d/1 (where 4 is the body diameter and 1 is the pitch length
of the Karman vortex street observed in the cross-~flow plane), A Portran IV computer
program has been generated for determining these forces, once a proper value is specified
for the ratio d4/1. Sample solutions have been computed and are compared with experiment.

The analysis r«veals that small changes in the applied value of the ratio d/1 can
result in large changes in the predicted magnitude of the forces, particularly, of the
norsal force., The effects of boundary-layer displaceament thickness, location of the point
at vhich separation of the shear layers begins, and the impulsiveness of vortex shedding
acre studied and discussed.

Comparisons with experimental data, obtained at Mach 0.5 at a Reynolds number 1.4x10¢
based on maxirum diameter and free stream flow conditions, show good predictions of the
normal force coefficient and its centre of pressure location for a variety of body lengths
and nose shapes when a specific value of the ratio d4/1 is applied. Some explanation is
offered vhere discrepancies are encountered in predicting the normal force coefficient.

Qualitatively good agreement is obtained between theoretical and experimental values
of the side force. Quantitatively, the agreement can only be described as fair. The
cause 1is linked with the inability of the present method to determine the location of the
onset of flow separation accurately since, in practice, this point appears to be
influeaced by nmicroscopic surface non-uniformities or blemishes. Furthermore, all
contributions due to the skin-friction forces have been neglected. While such
contributions constitute only a small portion of the normal force they may form a
significant part of the side force. This latter deduction is supported by tae
experimantal evidence of the existence of a not inconsiderable rolling moment which, on a
body of revolution, can only arise from the action of surface shear stresses.

LIST OF SYMBOLS

d,4d {x) body diameter as a function of x

dmax paxizua body diameter

a rodel angle of attack relative to free streas at infinity- degrees
Xe¥e2Z orthogonal system of body axes !See Pigure 1)

g free strenm velocity at infinity

P free stream density at infinity

Go strength of a fully developed vortex shed into the wake

6,6(x) local circulation at statiop x

w=2wn shedding frequency- radians/sec

n shedding frequency ~-vortices of like sence/sec

h vidth of the Karman vortex street

1 pitch length of the Karman vortex street

a1 ratio of the Lody diameter to the pitch length of the Karman vortex street

8=1,3,5... integer representing the impulsiveness of vortex shedding
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dn/dx

N, Y
CY(x)
Ci=Y/4qS
N{x)

CK (x)
CN=N/qS
CPN

$

P (x)

S = ndmax2/4
q = pU%/2
D1

D2

D3

u2

A

Re = Ul/v
s=nd/0

s'

Re!

T k1

x1

£ =x-x1
LB

LN

d* (x)

d=x, 41*, 42+

.

¢

Abbreviations
jc.fe.
12D
13D

average rate of vortex shedding (see 3ection 2.1)
overall normal and side forces

local side force coefficient = Y (x).dmax/qsS
overnli side force coefficient

local normal force

local normal force coefficient = N(x}.dmax/qs

overall normal force coefficient

location of the centre of pressure of the normal force from the apex- dmax

roll angle- degrees

Munk's potential contribution to the local normal force
paximum cross-sectional area of body

dynanic pressure

skin friction contribution to the cross-flow force

impulsive vortex shedding contribution to the cross-flow force
Karman vortex street contribution to the cross-flow force
advance velocity of the Karman vortex wake- see Section 3.4
veighting factor defined in section 3.1

Reynolds number bhazed on diameter cf body and free stream conditions
Strouhal number

cross-flow Strouhal number defined in Eq. 3.3-3

cross-flovw Reynolds nusber defined in Eq. 3.3-4

parametars defined in Section 4.1

distance from the apex at which station flow separation begins

distance along the x-axis from the station at -~thich flow separation begins

orerall length of body

Jergth of nose secticn

indicates differentiation of d(x) with respect to x
boundary-laver displacement thickness- see Section 4.3

roll rate *deg/sec,

cross-flow
tvo-dimensional flow

thres~3isensional €flow

1.0 INTRODUCTION

Experinments 6u long slender bodies of revolutiont-% sho¥ that in certain cases

depending on angle
a large
containing tae

addition- to the norsal force in the plane of symmetry.

angle,

‘of attack,
side force ~
axis of the

i.e.

Reynolds number, body length, mach number and nose apex
a force which acts normal to the plane of cyuaetry
body and the free ctream velocity vector- aay develop ir
The present investigation is an

attempt 4t formulating a. mathematical mod&l of the flow figld that can account for the
asymmetric side foree and provide a basis for estimating the sagnltude of bhoth the normal
and side forces. - .
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Allen and Perkins? eoxtended the filly-attached 1linear <£flov theory of Munk10 Ly
develooiny thks cre-c-€flow 4drag concept. Their prediction of the normal force as the s a
of Munk's potential term and an average cross-£low drag terr agreas well vith some
experinents as shown in Reference 9. The cross-fiow drag term originates from the
separation and subsequent roll-up above the body of the shear layers developing from the
windward generator. Kellytt improved the above aethod by substituting an expression for
the cross~-flow drag derived from Schwabe's experimentst2 on cylinders impulsively set in
notion from vrest instead of applying the steady state value used by Allen and Perkins.,
Kelly further suggested using the respectjve cross~flovw drag coefficient pertaining to
laninar or turbulent flow., A seconrd correcticn vdopted by Kelly, used alse by Hilli13, was
the addition of a term to the potential flow solution tc account for the boandary-layer
growth. Kelly and Hill argued that the growth of the bounde=y layer increases the
effective cross-sectional area of the body and results in increased lift,

The above amnalyses [redict, with varying degrees of accuracy, the non-linear
variation of the normal force with angle of attack. However, none gave any consideration
to the process of davelopment or estimaticn of the side force.

M>re receritly, Thomsonis developed a foirnula for predictiag the maxipum and rinimum
side foerce which conld act on an inclined body of revolution. However, the effects of the
various parameters that give rise to the normal or side forces have not been separated to
enable evaluating their individoal contributions.

In the present paper, an atteapt is made at isolating the effects of such paramcters
as the Reynolds number, the impulsiveness of vortex shedding, the axial station at which
vortex shedding begins, body 1length, bouadavry-layer growth and, most importan*ly, the
relationship between the dimensions of the vake and those of the body on the development
of the normal and side forces.

As centioned earlier, the mathematical model used herein stems froa the description
of the physical flow outlined in Reference.9. Allen and Perkins noticed the existence of
a certain aallndy between the cross-flow at various stations azlong an inclined body of
revolution and the development with time of the two-dimensional f£low about the iapulsive
normal cylinder, i.e. a2 cylinder impulsirely set in motion from rest in a direction
norsal to its axis, To quote, "....this analogy mnay be seen by consideriny the
development of the cross-flov vwith respect to a co-ordinate system that is in a plane
norral to the axis of the inclined bo&y moving downstream with a velocity U.cosa (See
Pigure 1). The cross-flow velocity is U.sino. At any instant, during the travel of the
above plane fron the nose towards the kase of the body, tte trace of the body in this
plane is a <¢ircle and the cross-flow pattern within the plane may be comparad with the
flow pattern about a circular cylinder normal tc the flow. Neglecting, for the moment,
the effect of taper over the nose portion, it might be anticipated that over successive
dovnstreas sections the development of the cross-flow with distance along the body as seen
in the moving plane would appear similar to that which would be observed with the passage
of time for a circular cylinder impulsively set in motion from rest with a velocity
U.sinu. Thus ¢the flow ia the cross-plane for the most forward sections should contain a
pair of symaetricaily disposed vortices on the lee side. These vortices should increase
in strength as the plane moves rearward and eventyally, if the body is long enough or <¢he
angly of attack is sufficiently high, shoull discharge to form a Karman vortex street as
vieved in the moving cross-plane, but vieved with respect to the stationary body the shed
vortices would appear fixed."

It is argued, therefore, that the important flow characteristics in any cross-plane
of the Inclined body of revolution may be obtained directly from those of the two-
dimensional flow over the impulsive norsal cylinder, if the time, t, is expressed as
x/(U.cos50) and the free stream velocity is substituted by the cross-flow velocity U.sina.

The origin of the side force is seen to be the result of interactions between the
cross-flov cosporent of the free stream velocity and the residual local circulation on the
body arising from <he stagjered vortex forsmation observed in the wake of the body., To
determine the magnitude of this circulation, recourse is made to Karmant's two-dimensinnal
vortex street stability analysis’? and Roshko's experigentally found relationshipte
hetween the Strouhal number and the Reyrolds nurber for a cylinder normal to the free
streas. Even 5o, the local residual circulation can only be exprussed in terms of one
resaining unknown paraseter, the ratio d/l, vhere d is the body diasmeter and 1 is the
pitch length of the Karman vortex street, Expressions for the local normal and side force
distributions are developed in teres of this ratio, wkich, in the absence of any existing
acceptable method to evaluate it, makes further assumptions necessary. A control
confiquration 4is first selected., Trial valyes are subztituted for d/l. The value of d/1

_that yields arn overall noraal force coefficient which matches that found experimentally,

over a range of angle of attack, is the one chosen. This value is then used to predict
the detailed normal and side force distributions for other configurationms.

2.0 THE CIRCULATION G(t) OVER THE CYLINLER NORMAL TO A STREAN
A consideratle nuaber of experimental investigationsise-2t wegce conducted to detersmine

the shedding frequency of vortices froa cylinders normal to ¢the strean. These
investigations 4indicate that there exists a 'stablet' and *'regular' vortex street in the
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Reynolds number range 40<Re<7x106 where predominant shedding frequercies can be det.cted.
The data frorm some of the above experiments are summarised in Figure 2, The regular
vortex shedding is manifest by the experimentally me: surfrd oscillatory lift forces on the
cylinder*s~-20, If the assumption of a uniform vortex street is accepted, although
strictly this is not <truef?*=24 except close to the cylinder, one may interpret the
existence of oscillatory 1ift forces as the result of an oscillatory change with time o<
the bound circulation, G(t), over the cylinder of the fornm

Glt) = #Go.sin (wt) ceeee2.0-1

vhere w = 2mn

n the fundamental shodding fcequancy of vortices of s’amilar sence

= {1/2). (dny4¢)

v = the total nuaber of vortices present in tua wake at tine t

Go the strength of each shed vortex

] impulsive index of vortex shedding -an odd inteyer

t the time
and the t signs account for the starting direction of vortex shedding.

In the two-dimensional case, the shedding frequency, n, may be estimated directly
from tine empirically-found relationship between the Strouhal number and the Reynolds
nuaber (See Refere¢nce 16). Roshke concluded from his experimentsié that the Strouhal
number, s, for the normal cylinder can be expressed as a function of the Reynolds nusbe-,
Re, in the form:-

s = nd/U = 0,212-4,5/Re 50<Re<140
and recee2.0-2
s = 0,212-2,7/Re 140<Re<2000

In the present investigation it is assumed that the range of a plication of the
second equation is valid up to Re = 107,

Evaluation of the impulsive index, m, and the amplitude, Go, of the circulation G(t)
wiil be discussed in Sections 3.2 and 2.4,

2.1 Corresponding Expression for the Circnlation G(x) over the Inclined Body

let us turn back to consider the flow field over a slender body inclined to the main
streaun.

In this case +the bound circulation at any axial station of the inclired body will
vary w»ith distance x from the apex. Let this circulation %Ye deiloted G(x); it is
calculated using EBq. 2.0~1 by substituting x/(U.coso) for t and (w.U.cosa.dn/dx) for .
Thus,

]

G{x) = $Go.sin™ (m.x.dn/dx} veeee2.1=1

noting that

=]
n

{1/2) . (dVat) = (1/2).(d%dx). (dx/d¢)

(1/2) . {(dM/4x) . U.cosa ‘

“here n defines the sum of fully-formed vurtices and part ot, or nascant, vortex ohserved
in the cross-plane at station x, and is cTeated as a continuous function of x.

It should be noted that the bound circulation, G(x), has its axis coincident wvith the
x-axis of +le inclined body.

Expressions for the local side and normal force distributions may nov be developed as
fhovn in the following section.

3.0 THE LOADING DISTRIB/ITION Y(x) and N(x)

The interaction of <the local circulation, G(x), at station x, with the cross-flow
conponent of the free stream velocity gives rise to a side force, 7(x), whose magnitude is
given by Kutta-Joukowski's formula as

Y(x) =p.U.55na G (x) veeee3 01

And, following the approach of Allen and ?Perkins, the normal force, N(x), is
calcilated as the sur of two hasic terms:- -

1. Munk's potentjal term, denoted here as P{x}, whose nagnitude at a given angle of
actack depends solely on the rate of change with distance x of the cross-sectional
area, S{x), of the body. and,

2. A cross-flve drag term, D(x)|c,f., vhose magnitude depends on the surface shear
stress, the impulsive raté of change of the circulition over the body, and the state
-of development of the Xarman vortex street in che wake of thé -body.

B P )
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The normal force may be expressed as:-

N(x) = P (x) 4 D(x)lc.f.
Bunk's potential cross-flow drag essee3.0-2
tern term
vhere P(x) = g.sin(2a).cos(x/2).{dS(x;/dx] eeece3s0-3

The term cos(o/?) is due to Ward2%, who showed that the net force on a slenéder body
acts mid-vay between the norm:l to the free strear and the normal to the body. This terz
has been included in the computations, but it should ba emphasised that its maxirum
effect, on the computed values of the overall normal force coefficlent of the various

configurations discussed below, amounts to less than 1% up to angles of attack as high as
300,

The cross-flow drag tergk, IMx){ic.f., is expressed as the sum of three terms in the

forns
)
Dix)lc.f. = D1 + D2 + p3
surface shear impulsive Karman vortex
stress street
R -
viscous potential vesss3.0-4

where the abbrecviation jc.f. denotes crosseflow.

In the following analysis the contribution from the surface shear stresses to the
nermal or side force is neglected. Hence Di1=0,

3.1 Determination of D2 and p3

In order to deteraine the potential components of the cross-flow force, D2 and D3, we
turn to the analysisi?® of the flov over the cylinder normal to the stream. The impulsive
force, D2(t) 12D, is given by the following formula:-

D2(t) 12D = d.p.1dG{t) sdt} ceese3a 11

The equivalent expression in three~dimensional flow for the inclined body of
revolution is obtained by substituting x/U.cosa for the time t in the above formula to get
D2({x) 13D as:~

D2(x) 13D = d.p.dG(x) /dx}.U.coSQ ceeea3l~2

vhere the abbreviations (2D and (3D denote two-dimensional flow over a cylinder
normal to the free strear and three-dimensional zlow over an inclined body of revolution,
respectively.

Also frem Reference 15, the contribution D312D, in twc-dimensional flow, due to the
existence of the Karzan vortex street is given by

D3{12D = p.G02/(2.7.,1} - P.GO.U2.h/1 eeeee 313

. Ir tvo-dimencsional flow, the term D3{12D is the drag due to a semi-infinite Karman
vortex street; i.e. a street extending fros the cylinder downstream to infinty. This
wcald correspond to the cross-flow drag on the inclined body ¢f revolution at a station
far downstream at infinity vhere the wake in the cross-flow has fully developed. At all
other stations «head of this ‘asymptotic' station the cross-flow drag component D3 (x)
vould clearly be differenr, Therefore, au appropriate wveighting factor, A, is applied
sucn that in the limits as x tends to infinity (a¢ 0), or as the angle of attack tends to
909, the 1limit of D3{x)i3D becomes identically equal to the two-dimensional value D3}2D.
of course, thbe factor A aust satisfy the additional constraint that, as the angle of
attack is reduced to zero, the limit of D3 (x) {3D must become identically equal to zero.

Consider the following forms for A\

A= (1 - exp(-x.dM/4x)) R A 2
In the limit .% A= 1
X —p ®©
a ¢ 0

As will be seen fros Section 3.3 the limit of d4n/dx as the angle of attack tands to
0% or 90° is 0 or infinite respectively, giving the limit of A as 0 or 1 respectively.
Hence, the contribution of the Karean vortex wake to the local cross~flov force is a
fuaction of the distsnce x from the apex and may be expressed as:-

D3(X) '3D = [P-co‘/{i.w.d‘. (d/l) j - P.GO.'ch (h/l)).['l-exp(-!.dﬂ/d!)] eeeeel, 1-5

Since 7(x), D2(x) ard D3(x) are all functions of G(x), which, in turn, is a function

of 'm, dan/dx and Go, these three parameters need to be evaluated before the local forces
can be Jdetersined.
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3.2 Deteraination of the Index m

The value of m, see Eg. 2.0-1, gives a measure of the impulsiveness of vortex
shedding. FGr m eguais unity, the vortex shedding is sinusoidal. As m ircreases, the
vortex shedding beconmes progressively more impulsive. If ve arque along physica lines,
we observe that the action of viscosity is one that generally tends to sm~ith out
discontinuities. Therafore, in practice, it is not unlikely that m is either equal to 1
or 3. Although this analysis is developed for a general value of @ the bulk of the
computations if executed using m=1. However. the effect of varying m on the magnitude of
the predicted forces will be illuvstrated and discussed. It is worth noting that the index
m can only assume an odd integer value since the oscillatory lift force measured on a
cylinder norral to the free stream shows generally equal aaplitudes in both directions.

3.3 Deterpination of the Rate of Vorte. Shedding dny/dx

By definition, the Strouhal number, s, for a cylinder of diameter 4 normal to a free
strean rf velocity U is

1]

s = nd/u = d.(dn/dt) /(2.9) ceeee3.3-1

For a body of revoluticn at an angle of attack, a cross-flow Strouhal number, s', is
defined here as

s! (4/2) . (d/dx) . (dx/dt) /(VU.sina)
o. es0ee3.3-2
dn/dx = 2.s'.tana/d

The relationship between the Strouhal number and the Reynolds number for a cylinder
normal to the strean, see Eq. 2.0-2, is assumed here to hold in form for the inclined body
of revolutiom also. However, a cross-flow Reynolds number, Re', based on the local
diameter and the cross-flow component of the free stream velocity, is substituted in the
expressions proposed by Roshko. Thus,

st(x) = 0.217 -~ 4.5/Re?(X), 50< Re' (x) <140
and, veeses3.3-3
st (x) = 0.212 - 2.7/Re' (x), 140< Re! (x) <107
vheie Re' (x) = U.sina.d(x)/v eseces3.3-U

The above formulae for the cross-flow Strouhal number, s'(x), include general cases
vhere the bodv diameter is changing with distance along the body axis, Similarly,
BEq. 3.3-2 above would, in general, read

dn/dx = 2.s'(x).tanaszd(x), 00< a <30° seeee3e3=5

A knowledge of the cross-flov Reynolds number enables evaluating s'(x) and heance
dn/dx.

An  interesting special case solution is obtained from Eq. 3.3-3 above. It is noted
that at a certain station x1 the Strouhal number s'(x1) may become zero. A possible
physical interpretation for <this solution is that there is no flowv separation in the
region ahead of «his point. In other words, the flov is fully attached over the portion
of the body extending from the apex to the station x1. The fixing of the point of
separation in this manner is perhaps artificial but it appears to give good results at
high angles of attack as will be discussed ia Section 5.0.

Noteworthy also is that, since both s*'({x) and d(x) are finite, the limit of d%n/dx as
M tends to 0° or 90° is & or infinite respectively.

3.4 Determinztion of Go

Von Karman's vortex Ztreet analysist® yields the following expressions:-

n = (U172 (1 - U2/0) cesee3ol=
zha

U2/U= (Go/2U.l).tanh(wh/1) eeeee3.l=2
Por stability of the vortex street: tanh(vh/1)=1A/2 or h/l = 0.281

vhere U2, Go, h and 1 are defimed in Figure 3 and n is the frequency of vortex
shedding.

Eliainating U2 between the above two equations and noting that r = sU/d, the
expression for Go beccaes

Go = U.d.2/2[ 1-s/(d/1) )/ (4/1) esess3el-3
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In the case of the inclined body, the equivalent expression for Go becomes
Go = U,sinc.d(x).22[ 1-s'/(d/1) I/ (d/1) cessa3ili-l

In Eq., 3.4-4, the diameter d(x) and the pitch length, 1, of the Karman vortex street
are allowed to vary with distance, x, #long the axis of the body. However, the ratio d/1
is assumed to remain constant, i.e. 1 varies in direct proportion to d(x).

The problem of determining Go reduces to the problem of evaluating the ratio d/1.
This is not a simple patter.

In a relatively unknown paper by Heisenberg2é, an attempt was made to determine the
dimensions of the wake, h or 1, in terms of the dimernsions of the body producing it. By
assuming the back pressure to be equal to the free stream static pressure, the ratios d/1
and hsd for a flat plate of width d were found to be 0.1835 and 1.54 respectively.
Heisenberg's analysis predicts that these ratios will always be the same no matter what
shape the body has, i.e. vwhether it is a flat plate or a wedge. Doubts vere raised by
prandtl regarding the validity of the approach and the latter's criticism vas included in
the same Reference.

The absence, at present, of an acceptable method for determining the ratio 4,1
results in the final expressions for the normal and side forces containing this ratio as
the explicit unknown variable. The.value of d/1 is found, for the time heing, by a trial
and error process through matching the predicted normsl force coefficient of a2 control
cornfiguration with experimentally obtained data.

4.0 THE LOCAL NORMAL AND SIDE FORCE COEFFICIENTS

4.1 The lLocal Side Porce Coefficient CY(x)

The 1local side force coefficient, CY(x), is obtained by substituting for G(x) in
Eq. 3.0-1 using Egs. 2.1-1, 3.,3-3, 3,3-4¢, 3.3-5 and 3.4~4. Thus,

CY(x) sdmax = {p.¥2.8in2(a).k1.d (x).sin"(¥£)}/qS ceeeoli 1-1
vhere £ = x-x1,
K1 = 2v2[1-s' (x) /(d/1) }/(4/1) ana

v

2.7.8%{x}.tana/d {x)

4.2 The Locai Normal Force Coefficient CN(x)

The local normal force coefficient, CN(x}, is obtained by substituting for P(x),
D2(x) and P3(~) into Bgq. 3.0-2 using Fgs. 3.,0-3, 3.,0-4, 3.1-2, 3.1-5, 3.3-3, 3.3-4, 3.3-5
and 3.4-4. Thus,

CN (x) /dmax ={(1/2)P.VU2,sin({20a).cos(a/2).w.d(x).d*(x)/2
+P.U2.5inu.cos0. m.¥.k1.d2 (x) . |sin® "' (@E) scos (wb) |
+ 0.06p.U2.5in2 (0) Jk12.d (x) . (d/1) [ 1-exp (- §aN/dx) }} /qS O

The first term exists only while the local slope of the profile, d'(x), is nen-zero.
The last two terms are preseat for 0 < §< (LBR-x1), where LB is the body length.

In deriving Eq. 4.2-1 the differential of G(x) with respect to x is required. When
doing 50, in order to avoid undue complexities, each axial station of the body is treated
as if it were part of a cylinder of the same diameter extending downstream to infinity so
that neither &(x) nor s'(x) are differentiated. However, in Eq. #.2-1 the local values
for s*(x) and d(x) are used when conmputing CN(x). This procedure would not lead to
significant errors since the differentials of s'(x) and of d(x) with respect to x exist
only over the limited region of the nose.

4,3 Boundary-Layer Displacement Thickness Effects on CN and CY

As nmentioned earlier in the introduction, the effect of boundary-layer growth
increaces the effective cross-sectional area of the body thereby giving rise to increased
lift. The effects of boundary-layer displacement thickness, 4%, are included by adding
twice 4+ to the 1local diameter of the body. d* is calculated here as the sum of two
terns, d1* and d@2*%. The first term, d1*, is based on the growth of the axially developing
boundary layer while tke second term, d2*, is based on the growth of the circumferential
boundary layer. Schlichting?? provides <the following expressions for evalvating the
boundary layer displacement thickness on a flat plate:~-

a* = (5/3).x.Re§l/2 Re,<3.10%, for a laminar boundary layer
’ oco..u¢3‘1
and  a* = (0.37/8.0).x.Reg*/® Re,>3.10%, for a turbulent boundary layer
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In calculating d1%, x and the Reynolds number Re, are hased on the axial distance from the
apex and <the axial component of the free stream wvelocity, i.e. U.,cosa, while for 4a2#%, x
is replaced by n.d{x)/4 and Re, is based on the cross-flow component of the free stream
velocity, i.e. Y.slao. It should be pointed out that, in practice, the boundary layer
over the nose of a boCy of -evolution is thinner than one that would develop on a flat
plate at the same Reynolds namber. The above procedure, therefore, overestimates the
magnitude of dx.

Except where specified, the effect due to d* is included in all cases computed and
discussed in Section 5.0 below., Hovever, the effect on the predicted forces, when this
tern is omitted, will be illustrated. : should be noted that this correction affects the
non~linear teras as well as the linear term of Munk (See EBgs. 4,.1-1 and 4.2-1).

5.0 DISCUSSION AND COMPARISON WITH EXPERIMENT

Ail cxperimental data referred to in the followving were obtained at Mach 0.5 at a
Reyrolds number of 1.4 millicn based on saximum body diameter and free stream conditions.
These experimental data form part of the results obtained during wind tunnel tests
conducted in 1967 4in the VNational Aeronautical Establishment®s (NAE} 1.5 metre sguare
trisonic blcwdown wind tunnel. The aerodynamic characteristics were determined for a
series of 1long slender bodies of revolution varying in overall fineness ratio from
LB/dmax=17 to 9 and having nose profifes with semi-apex angle, 6¢, varying from 5943' to
18926°*, The following Table provides details on the scope of the test, important
dimensions of the configurations tested and the code used to identify each configuration
in the Pigures referred to below. The raw data were effectively filtered to 3 Hz and all
plotted results are individual samples reduced from wind tunnel recorder sutputs digitisen
and punched on cards.

TABLE 1 TEST SCOPE AND IMPORTANT DIMENSIONS OF MODELS

CONFIGURATION J 9c LN LB 664 COYPONENT BALANCE SURFACE PRESSURE FLOW VISUARLIZATION
CODE Tnax Imax MEASUREMENTS AT MACH MEASUREMENTS AT MACH AT MACH
degrees * ax 0.5 2.0 3,5 0.5 2.0 3.§ 0.5 2.0 3.5
1001 1 5° 43 5 17 x} x x xtt  x x x x
2001 43 7° 36! 5 17 x x x
3001 5/3 ge 28° 5 17 x§ x x x* x x* x
4001 2 11* 19* S 17 x x x
5001 1 9* 28' 3 15 %% x x x x x x x
6001 4/3 12¢ 31’ 3 15 x x x
7001 s/3 15 31 3 15 x4 x x x x x* x
8001 2 8¢ 26 3 15 x x X
goog }3 5¢ ;g: g 11 x x X ttw= G,3,7,11 deys, a=3,7,11,18
00 4 7° 11 x x x 25
3002 5/3 9v 28| 5 1 x p x additional
1002 () 11° 19° 5 1 v X X +40= 18 and 25 am 7,11,18
5002 1 9* 28 3 9 x x x +a= 15 e 7,11,18
6002 4/3 12¢ 314 ] 3 9 x x x *aw 0 at Med,25 25
7002 5/3 15° 3a1¢ 3 9 x £ %
8002 2 18° 26° 3 9 x x x
#,+ additional balance
measurements while
model is being
rolled
(e~ 0,2,5,11,18,25)
(+o= 7 ,11,18,25)

Nose Profile given by the Equalion m1-Q - “!:_ )J

i
—_— | o
LN et LB-LN -

-
K

In atteapting to predict the 1loads, it is helpful to know a priori the extent to
vhich the flow over an inclined body of revolution is stable or repeatable. To achieve a
measure of the flow stability and repeatability, the forces on one of the models,
Configuration 1001, were measured at fixed angyles of attack while rolling the model
through 360 degrees. The normal force coefficient, CN, its centre of pressure, CPN, and
the side force coefficient, CY, are shown in Pigure 4 plotted versus roll angle. Clearly,
both normal and side forces are dependent on roll orientation; the spread in the data
increases wvith increasing incidence. A possible explanation for this is that small
surface imperfections may be causing a substantial change in the development of the
boundary layer as the roll angle is changed, vesulting in a shift of the point of flow
separation, hence a change in the position of the rolled~up shear layers, to thereby
affect the vortex-induced normal and side forces. (See also Reference 28). Under these
circumstances, any attempt, based solely on the assuaption of boundary-layer development
on a perfectly uniform surface, to predict the location of separation, x1, especially for
angles of attack above say 109 for this Configuration, would be wrought with
uncertainties. For this reason, it {s perhaps more practical to use available
boundary-layer methods to predict the sost suitable axial station at which flew separation
can be artificially induced. In the meantime, it was decided to apply Bv. 3,3-3
throughout the angle of attack range 0°<& <909, when calculating the distance, x1, by
equating s*(x) to =zero, even though, at the high Reynolds number of this test
{Re=1.4 million), the calculated value for x1 is zero in all cases examined for incidences

ket
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as low as 19, i.e. the separation is predicted to start at the apex at practically all
incidences Ior all the configurations investigated. The effect of varying x1 will be
analysed but first let us discuss hov the ratio d/i is determined.

It is seen froa Pgs. 4.1-1 and £,2-1 that the final solutions for the local forces
could only be expressed in terms of the unknovn ratio d/1. To determine this ratio a
contrel configuration is sclected such that by wmatching its predicted normal force
coefficient for a range of angles of attack with that measured experimentally the value of
d/) giving the best fit woald be chosen. The choice of Configuration 1001 in this case as
the contrel configurition is based on the experimental evidence that flow separation
sccurs on this Configwration at lower angles of attack than it does on the others.

Computations were =aade using three values for the ratio d4/1 and m=1. The computed
values ot CN, CY 4nd CPN for the Cortrol Configuration are compared with experimental data
and are showr in PFigure S. Cledrly, the best fit is obtained vhen d4/1 is accorded the
value 0.220. In passing, it is worth noting tne large effect that a small change in d/1
exerts on the magnitude of the normal force. This is not altogether surprising since the
induced suction pressure caused bty a vortex is proportional to the square of the inverse
of the distance frem the vortex: so that as 1 decreases, i.e. d/1 increases, the normal
force increases.

Even with the best checice for the ratio 4/1, i.e. d4/1=0.220, there is some
discrepancy between theory and experiment in the low anale of attack range. It wili be
remenbered that the application of Bq. 3.3~3 yields a value x1=0 at the test Reynolds
number investigated. It was observed from flow visualisation runs om this Cenfiguratior,
hovwever, that separation over the nose-section dues not in fact occur until about a=z11°,
It is possible that the noted discrepancy is due to the unrealistic lecation of the point
of separation at x1=0. When x1 is allowed to vary as a function of the angle of attack,
see Figure 6, closer agreement with experiment is achieved in the range 0°< a<11° even
though none of the functions employed are the result of a consideration of the development
of the boundary laver. A more suitable boundary-layer method to determine x1, or to fix
x1 by predicting “he most favourable location at which flow separation may be artificially
induced, would prove useful. Of course such » method can be readily incorporated into the
existing computer prografn.

Let us now assess the effects of changing the value of the index m.

The predicted values of C¥, CY and CPN, for the Control Coafiguration, are calculated
using ==1, 3 and 5, and 4/1=0.220. These values are compared with measured data as shown
in Figure 7. There is little doubt that m=1 provides the best fit. Therefore, this value
of a will be adopted.

Hith d/1=0,.220, ==1 and x1 calculated with the aid of Eqg. 3.3-3, we may now proceed
to detertine the effectiveness of this theory to p.edict the normal and side forces acting
on other coafiguratiors at the same Mach number.

A ccoparison between the computed values of CN, CY and CPY with those measured
experimentally is shown in Pigure 8 for the selented Configurations identified in the same
Pigure. It is seer <¢hat the normal force and its centre of pressure location are, in
general, fairly well predicted. Again, the minor discrepancies are attributed to the
non-representative locaticn of the point of separatica at the apex.

The side force coefficient is less well predicted and only qualitative values are
provided by this theory. It 21s possible that this is the result of two factors. The
first is the unrealistic location of the onset of separation %t the apex. The second is
the exclusion of the surface shear stress contribution from the side force, As an
indication of the magnitude of these shear stresses, the experimentally measured rolling
moment coefficient, Cl, is plotted against ¢ - as 4.Cl versus o, marked thus x- and shown
in Figure 8. It is seen that there exists a not inconsiderable rolling moment. As all
the configurations examined here are bodies of revolution, the source of this rolling
moment can only be the action of surface shear stresses; the suiLface pressure forces
cannot produce a roliing moment, Estimation of these stresses and their contribution to
the normal or side force is a task outside the scope of this paper.

Application of this method to ostimate CN or CY at high angles of attack is
illustrated in Figure S. The predicted values of CN and CY for Configuration 1001 are
shown in the range 1°<a <859, It is observed that there are minor *kinks' in the CN curve
for angles of attack below UQo°, At an angle of attack around 45° there appears a
phenosenon similar to the stalling process of the flow over an airfoil. At angles of
attack above 559, sizeable excursions of CN are noted. These three regions are perhaps
indicative of the reason behind the existence of the three types of flow -steady ard
stable, steady and bi-stable, and unsteady or periodic- described by Thomsoni ¢ and often
observed in practice as the angle of attack is increased. The variation of CY witha
displays a similar behaviour at high angles of attack.

In all cases thus far computed, the influence of the boundary-layer displacement
thickness, d%, has been included. The effect of omitting d* on tne predicted values of
CN, CY and CPN for Configuration 1001 is shown in Pigure 10, It is seen that the omission
of the effect of d* raduces slightly the normal force. The effect on CY and CPN is also
quite small. Thus, it is not expected that a more refined boundary-layer method for
calculating d* would significantly change the calculated results.
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Finally, a comparison is made between the predicted normal force distributiom, CH(x),
and that mneasured experimentally. The circumferencial pressure distributions for the
control configuration were measured at 24 axial stations located along a generator, by
rolling the model continuously through a 360° roll angle at a fixed angle of attackS®.
These pressures were inteqrated at each station to yield the 1local normal force
coefficient CN(x). The comparisons are presented in Pigure 11. It should be
re-emphasised here that the mere act of rolling the model, especially at the higher angle
of attack,a =119, can sufficiently change the flow picture over the model resulting in the
measurement of a changing pressure distribution. At best, such a pressure measurement can
be described &s <*he average of what the flow is like at all roll orientations between
0°< ¢ <3600, The compariscn shows that over the nose portion the predicted local normal
force is higher than is measured experimentally. As pointed out earlier, this may be due
to the assuaption of the presence of separation over the nose which, in practice, does not
take place until the angle of attack exceeds 119,

The computer program is written in Fortran IV prograaming language. Various input
flags have been incorporated into the program to make it quite flexible., A typical run on
an IBM 360/67 computer to solve for a configuration at angles of attack betueen 12 and 30°
using 1° steps requires less than one minute of CPU time.

6.0 CONCLUSIONS

A wmethod for estimating the loading dictribution on inclined long >lapder bodies of
revolution is <formulated. It is based on the analogy that exists between the
two-dimensional €lov on a cylinder impulsively set in motion from rest normal to its axis
and the flow in the cross-plane normal to the axis of the inclined hody moving downstr:am
with a velocity U.cosa. A feature of this method is that predictjon of the side force
distribution, which occurs as a result of the asymmetric vortex shedding, can be made
simply and =conomically.

The derived forces, particularly the normal force, depend critically on the vertex
spacing ratio expressed as d/1. This ratio is obtained, for the time being, by matching
the seasured and predicted normal force for a control configuration. Detailed normal aad
sile force distributions can then be computed for other configurations.

The <theory predicts reasonably well the normal force and its centre of pressure
location., Qualitatively good prediction of the side force is also achieved.

7.0 RECOMMENDATIONS

1- There is a need for a proper boundary layer approach to estimate the distance x1
fron the apex of the station at which separation of the shear layers first occurs.

2- More accurate experimental data on the variatior of the Strouhal number with
Reynolds number at various Mach numbers would be required for any future extension of this
method to predict the 1loading on inclined slender bodies of revoiution in cases where
coatressibility effects aire significant.

3~ There 4is a likelihood that the “atio d/1 is Mach number dependent. Since this
ratio is critical for estimating the loadiny distribution some experimental verification
of its magnitude at various Mach numbers would be desirable.

4~ Since there appears to be a valid analogy betveen the two-dimensional flow over
the cylinder norsal to 2 streaa and the three-dimensional flowv in the moving cross-plane
perpendicular to the axis of +the the inclined body of revolution, an 2lternative and
unorthodox approach aay be taken in cases where the induced effects frea the presence of
an organised pattern of 7ortices are detrimental. It is suggested that in such cases this
organised pattern be deliberately disrupted using techniques already applied successfully
to achieve this end in the tvo-dimensional case of the cylinder norsal to a stream. A
highly diffused wake would be produced resulting in a small or no side force and little or
no induced forces on lifting surfaces such as wings or tail.
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ASSESSMENT OF EXISTING ANALYTIC METHODS FOR PREDICTION CFP HIGH ANGLE-OF-ATTACK LOADS
ON DELTA WINGS AT SUPERSONIC SPEEDS

Erang Jean Landrum and James C. Townsend
NASA Langiey Research Center
Hampton, Virginia 23665

SUMMARY

The purpose of this paper is to provide an assessment of the applicabil-
ity of four loading prediction methods to high angle-of-attack conditions for
simplified wing~body configurations. The methods are: The tangent wedge
approximation, the linear theory methods of Middleton and Woodward, and a
shock~fitctiag finite-difference technique. Estimates obtained by these
methods were compared with experimental pressure data on delta wings to
examine the effects of Mach number, camber, sveep angle, and angle of attack.

Results indicate that all of the methods provided reasonable estimates
at moderate angles of attack. At these moderate angles of attack, the methods
of Middleton and Woodward provided good estimates at Mach numbers higher than
those usually associated with linear theory. Only the i1inite-difference
method provided reasonable load estimates at high angles of attack, where the
other methods were unable to predict lower surface pressures.

SYMBOLS

b Span

c Local chord

¢ Mean geometric <uord

¢y Section normal-force coefficient, é ]: %ACp d(f)
c, Lift coefficient, L/q_S ¢

cL,des Design 11ft coefficient

cp Pressure coefficient, (p - p)/q,

ACp Lifting pressure coefficient, cp,lower - cp,upper
L Lift

M Mach number

P Local static pressure

Py Free-stresm static pressure

q, Free~stream dynamic pressure

S Wing reference area

x Longitudinal distance from model apex

¥ Spanwise distance from model center line

a Angle of attack, deg

A Leading-edge sweep angle, deg

INTRODUCTION

Recent trends toward automation of the airplane design process accentuate the need for analytic tech-
niques for the prediction of aerodynamic loads, Of particular importance is the need for methods applicable
to the critical design conditions occurring at high angle of attack and high Mach number.

At this time, there is no analytic technique Ior the accurate prediction of detailed loadings at high
angle of attack for supersonic speeds, An assessment of currently available methods which may apply to
this problem is needed. 7Two such methods are those of Middleton and Woodward both of which are linear
theory methods primarily applicable to low angles of attack and moderate super 2nic speeds., Another nethod
is the tangent wedge approximation which is frequeutly used to calculate the pressures on sharp two-
dimensional bodies at hypersonic speeds. Useful vesults can be obtained with this method for angles up to
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shock-detachment conditions but all three-dimensional effects are neglected. A numerical technique which
should be applicable is an inviscid shock-fitting finite-~difference approach represented by the method
developed by Moretti.

In order to assess the applicability of prediction methods and .o provide guidance in the modification
of existing theories or in the development of entirely new methods, there is a need for systematic and
detalled experimental data. As part of a test program for the evaluation of the aerodyramic performance of
a series of twisted and cambered delta wings designed for a Mach number of 3.5 three pressure models,
duplicatiny three of the force mod.ls, were constructed. These pressure models aided in the analysis of the
force data and provided systematic and detailed pressure data for corparison with theory.

The purpose of this paper is to use that experimental datus for an assessment of the tangent wedge,
Middleton, Woodward, and shock-fitting finite-difference methods for the prediction of high angle-of-
attack loads.

PREDICTION METHODS

The following sections present the four prediction methods to be compared with the experimental pres-
sure distributione. One method uses the local surface slope to predict the surface pressure (tangent
wedge), two others uge linearized theory (Middleton and Woedward methods), and the last uses a numerical
golution of the inviscid flow equations (shock-fitting finite-difference method). See Figure 1.

Tangent Wedge

This is a well-known empirical method for predicting surface pressures in hypersonic flow (Ref. 1)
included as an option in the computer program of Reference 2. The basic premise of the tangent wedge
method 18 that there is little change in the pressure or flow inclination through the thin shock layer of
the hypersonic flow over a two-dimensional surface. This leads to the assumption that the pressure at a
point on the surface of a wing is the same as that given by the oblique shock relations for flow over a
flat plate at the same inclination and free-stream Mach number. Thus, the pressure at each point on the
surface is computed independently, and no interaction with the flow at other points is considered. The
method is exact for flow over a wedge with an attached shock wave; it loses validity as the surface
curvature increases, as the flow becomes strongly three dimensional, or if the shock wave is detached.
Its application to the present configurations is based on the fact that at moderate to high supersonic
Mach numbers the shock lies close to a highly inclined surface such as a wing at high angle of attack.

Middleton

In this method, which is based on linearized supersonic flow theory, the pressure distribution is
calculated by a linear superposition of lifting surface and thickness pressures. For the calculation
the planform is divided into a planar grid system of rectangular panels. The 1ifting surface pressures
are obtained by the technique described in References 3 and 4 using refinements given in Reference 5. In
this technique the pressure at a point on the surface is related to the local surface slope at that point,
taking into account the influence of upstream pressures as defined by a system of elementary horseshoe
vortices fitted to the grid. In the computer program vsed for the present calculations (Ref. 6), there
is an option to constrain the lifting pressure coefficient at each point to a specified fraction of the
vacuum pressure coefficient. The thickness pressures are calculated by a near-field method, with line
sonrces replacing the horseshoe vortices in the same planar grid system. Both the lifting surface and
thickness pressure calculations employ a streamwise marching technique und do not require matrix solutionms.

Woodward

This linearized theory approach to the aerodynamic analysis of wing-body-tail configurations, presented
in References 7 and 8, has been extended in Reference 9 by the introduction of several aerodynamic singular-
ity distributions which improve ita capability to represent arbitrary shapes.

The configuration surface is subdivided into a large number of trapezoidal panels, each of which con-
tains an aerodynamic singularity distribution. A constant source distribution is used on the body panels,
and a vortex distribution having a linear variation in the streamwise direction is used on the wing and
tail. The normal components of velocity induced at spacified control points make up the coefficients of
a system of linear equations relating the strengths of the singularities to the magnitude of the normal
velocities. A matrix inversion procedure is usod to solve this system of equations for the singularity
strengths which satisfy the boundary conditions of tangential flow at the control points for a given Mach
number and angle of attack. From these singularity strengths, pressure coefficients are calculated and
the forces and moments acting on the configuration are determined by numerical integration. This method,
although it 13 a linearized theory, does not make the small angle assumptions. It also limits pressures
to vacuum after all the pressures have been calculated.

Shock~Fitting Finite-Difference Method

The general numerical scheme developed by Moretti (Ref. 10) for solving the Euler equations for super-
sonic flow about complex confizuratione has been extendea and implemented for digital computation (Ref. 11).
This method uses a finite-difference marching technique of second-order accuracy to compute the complete
flow field between the body and the bow shock wave. Essentially, the flow equations are recast to give the
derivatives of the flow variables in the marching direction (along the body axis) in terms of the quantities
and their derivatives in a plane perpendicular to the axial direction. Starting from a given data plane,
these derivatives are integrated a single step forward (along the axis) using a MacCormack two-level
predictor~corrector finite-difference scheme to obtain a new data plane. This process is repeated until
the end of the wodel is reached. The step size in the marching directior is computed before each step in
order to satisfy the Courant-Friedricks-Lewy ~riterion for stability. The computational grid is a conformal
mapping of the region between the body and tho bow shock intc a rectangular region. If embedded shock waves
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occur in the flow, the mesh is adjusted so the mesh lines coincide with these shocks, Across each of the
shock waves the Rankine-Hugoniot relations are satisfied explicitly. 1In order to provide a smooth surface
(continuous second derivative, to avoid generating spurious shock waves) the configuration is defined by
analytic functions (generally conic sections) through a relatively few prescribed points.

The only inherent limitation on this finite-difference marching technique is that the velocity compo-
nent in the marching direction must always be supersonic. However, the present implementation of the
technique is somewhat restricted in the configurations it can handle. The most important restriction for
the present study is that unless the flow is supersonic normal to the wing leading edge, the leading edge
must be blunt. A second restriction is that the configuration cross section muat be single velued in
polar coordinates; thus, for example, the configuration cannot have a highly cambered wing. In addition,
the two methods presently in use for generating the initial data plane for starting the computational
precess may require modifications to the configuration nose. One method is to begin with a circular cone,
whose half angle must be greater than the maximum angle of attack. The other choice is to begin with a
blunt nose, which may be very small, but which nonetheless introc .ces the further complicatinn of an
entropy layer at the body surface.

EXPERIMENTAL INVESTIGATION

Models

At the design Mach number of 3.5 three sweep angles were selected to cover three basi~ leading-edge
conditions: 76° for a fully subsonic leading edge, 68° for a supersonic leading edge with detached shock
(estimated to be detached at angles of attack greater than 3°), and 55° for a supersonic leading edge with
attached shock (estimated to be detached at angles of attack greater than 15°).

Force models of a flat wing and a twisted and cambered wing designed by the method of Reference 12
to have a minimum drag at cL deg * 0.1 and M = 3.5 were constructed for each sweep angle. In addition,
for the 76° sweep angle a twisted and cambered wing designed (by the method of Ref. 13) to have minimum
drag at <Cp,des ™ 0.05 and M = 3.5 were constructed. Design details are given in Reference 14, In
order to provide a housing for the strain-gage balance and mounting sting a body of revolution was added
symmetrically about the wing center line. Three of the force models were duplicated as pressure models:

the 76° sweep flat, the 76° sweep Ci,des ™ 0.1, and the 55° flat wings. The pressure models are shown
as shaded planforms in Figure 2.

Tests

Force and woment as well as pressure distribution data were obtained at five Mach numbers: 2.3, 3.0,
3.5, 4.0, and 4.6. Reynolds number was 8.1 x 106 ver meter. Angle-of-attack range was from -5° to 22°
with some variation from model to model. 0il-flow photographs were taken at selected test conditions.

COMPARISON OF EXPERIMENT WITH THEORETICAL PREDICTIONS

Cruise Conustions

The lifting pressure as calculated by each of the prediction methods is compared with experiment in
Figure 3 for the 76° sweep flat wing at a Mach number of 3.5 and a nominal cruise condition of Cy = 0.l.
Angle of attack 15 approximately 5.7°. All of the prediction methods provided reasonable estimates at
this Mach number and angle of attack even though the usual applicable range was exceeded in some instances.
For example, the tangent wedge method is primarily used for hypersonic speeds where forward regions of
influence are relatively narrow and two-dimensional conditions are approached. A Mach number of 3.5 is at
the low end of the applicability range so the method might not be expected to work as well as at higher
speeds. On the other hand, a Mach number of 3.5 is high for linear theory applications such as those of
Middleton and Woodward. Both of these methods tend to overpredict the pressure at the leading edge and at
the tip (especially the Middleton theory without pressure limiting). Otherwise, the predictions are
reasonable at this angle of attack. As indicated previously, the shock-fitting finite-difference method,
as presently implemented, imposes certain requirements on configurations which can be handled. For this
76° sweep flat wing it was necessary to reshape the apex to provide a 24° half-angle conical nose (needed tu
obtain a starting plane solution). Also, to satisfy the requiremeut that the leading edge be blunt for sub-
sonic leading edges, the sharp leading edge of the 76° wing was altered. The outboard half of the cross
sections normal to the axial (marching) direction were changed to an elliptic arc tangent to the design
wing at the 50-percent span station of the cross section resulting in increased thickness in the modified
region. As a result, good agreement with experiment is not expected at the leading edge. This leading-

edge bluntness effect probably also accounts for a major part of the failure of the theory to predict the
pressures near the tip.

Test Extremal Conditions

Since all the prediction methods show similar trends (Fig. 3), the Woodward method was arbitrarily
chosen to compare with experiment for the various ranges of test conditions. These comparisons for sweep
angle, angle of attack, camber, and Mach number are shown in Figures 4 to 7, respectively.

The change in sweep angle from 76° to 55° (Fig. 4) represents a change from subsonic to superscnic
leading edge at M = 3.5 and « = 5.7°. Upper surface pressures are generally well predicted although
they tend to become too high near the trailing edge of the 55° sweep wing. The lower surface pressures
show some departure from expected trends, particularly at the leading edge where the pressures are too
high. For a supersonic leading edge, these pressures would be expected to be relatively flat. It should
be pointed out that the Middleton theory does predict relatively flat pressure distributions all the way
to the leading edge on the lower surface (Ref. 14). The span loading comparisons at each sweep angle show
that the total forces and moments would be estimated reasonably well., The bump in the theoretical curves
near the root and the tip is probably due to changes in panel span in these regions as well as some body
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interference effects at the root. As was indicated earlisr, a body of revolution was added symmetrically
about the wing center line to provide a housing for the mounting sting. For the theoretical calculations,
the configurations were considered to be an all-wing configuration with the body of revolution dimensions
included as part of the camber surface description.

In Figure 5 the effect of angle of attack is shown. Here, the 76° sweep comparisonat M=3.5 and a=5.7° from
the previous figure is repeated as representative of the lower angles of attack and compared withthe a=19.7° data
for the same wing at the same Mach number. The flat theoretical pressure distributions on theupper surfaceat
a=19,7° arethe resultof thepressure limiting feature of the Woodward method which 1imits the upper surfaca pres-
sures to 100 percent of vacuum. The theory completely fails to predict the lower surface pressures where the experi~
mental pressures are much higher than the estimates except at the tip. This result is refiected in the span
loading which shows that the total forces and moments, as estimated by the theory, would be too low.

Similar results are shown in Figure 6 for the effects of camber at a = 19.7°. The higher experime’ -
tal pressures shown at the root of the cambered wing (CL,des = 0.1) are probably due to a valley on the
lower surface center line. This valley resulted from shearing the camber lines.

The results at & = 19.7° for the Mach number extremes (Fig. 7) indicate that the same trends with
angle of attack as shown for M = 3.5 can be expected. IL should be pointed out that the Woodward theory
is a linear theory and should not be expected to provide good results at Mach numbers above 3.0 or angles
of attack above 8° or 10°, Because of the fallure of the Woodward theory to predict the lower surface
pressures at high angle of attack, each of the methods will be compared with experimental data at the high
angle of attark in the next section.

High Angle-of~Attack Comparisons

Compariscius of the various prediction methods with experiment at «a = 19.7°, M = 3.5 are shown in
Figures 8 to 10. In general, upper surface pressures are predicted reasonably well by all of the methods
except for the Middleton method without pressure limiting. Cnly the finit2-difference method predicted
lower surface pressures with any degree of accuracy at this high angle of attack.

When using the tangent wedge approximation, lower surface pressures are overprudicted across the entire
span (Fig. 8). This results in an overprediction of both the lifting pressures and the span loadings and,
hence, the integrated total forces and moments. This overprediction of pressure is probably due in part
to the fact that interactions between panels are neglected. On the lower surface of a delta wing there is
a flow cutward toward the tip which would tend to lower the local pressure and thus decrease the pressure
coefficient. On the upper surface, on the other hand, the flow behind the leading-edge vortex would flow
inward toward the root increasing the local pressure with a resulting increase in pressure coefficient.

This would tend to decrease the overprediction at the root as shown in Figure 8.

The linear theory Middleton and Woodward methods are compared with experiment in Figures 9 aud 10,
respectively., The Middleton method without pressure limiting overpredicts the pressures on the upper
surface but grossly underpredicts the lower surface pressures. The lower surface pressures indicate that
the force data correlations for this method shown in Reference 14 are fortuitous in that an underprediction
ot 1lift at the inboard stations is canceled by an overprediction at the outboard stations (see lifting
pressures and span loadings shown in Fig. 9). When using the Middleton method, the user has the option of
setting the fraction of vacuum he wishes to use as the minimum possible pressure. This pressure limiting
is applied to the lifting pressures as they are being calculated. A vacuum fraction of 0.7 was used to
obtain the pressure limited curves shown in Figure 9. The zero-thickness linear theory assumes equal pres-—
sure coefficients of opposite sign on the upper and lower surfaces. Thus, the high pressure coefficients
measured on the lower surface, which are sometimes more than twice the magnitude of those measured on the
upper surface, cannot be predicted. Pressure limiting as applied to the Middleton method tends to magnify
further this discrepancy since the limits are applied to the loading parameter AC,. Because the limits
are applied to ACp the assumption of equal pressures of opposite sign on the upper and lower surfaces
results in even lower prersures on the lower surface than those obtained without pressure limiting.

The Woodward theory (Fig. 10) also employs pressure limiting. Her:, pressures are limited to vicuum
but only after all pressures have been calculated. Thus, only the upp.- .urface 1s affected. As previously
indicated, the flat pressure distribution predictions on the upper surface are the result of pressure
limiting. As can be seen by comparing with upper surface pressure limited curves in Figure 9 for the
Middleton method, the Woodward values are slightly higher because of the difference in percent of vacuum
used (70 for Middleton, 100 for Woodward). Since the theory does a totally inadequate job of predicting
the lower surface pressures, the liftiug pressure estimates are too low. This results in a span loading
which, when integrated, provides total forces and moments that are too low.

The shock-fitting finite~difference method (Fig. 11) produces much better agreement with the experi-
mental pressure distributions at high angles of attack than any of the other methods. Along the center
line and midspan chord line, this theory is in good agreement with the data. The difference at these
locations appears to be caused by the displacement effect of the boundary layer on the model (which 1s not
included in any of these methods). As was the case at the cruise condition, the pressure distribution
near the wing tip is poorly predicted on the lower surface because of the leading-edge blunting added to
the numerical mwodel in order to obtain the solution. Nonetheless, the svan loading prediction is quite
good. It should be noted that it was only with considerable effort, involving variations in the nose
shape and some changes to the computer code, that the results shown were obtained. In this regard, the
shock-fisting finite-difference method cannot yet be considered fully operational in the sense that the
Mi leton and Woodward linearized theory methods are. Further development is required to allow the
rouvine application of this finite-difference method to a wide range of configurations (including wings
with high camber and twist and with sharp subsonic leading edges). However, the results shown here show
that finite-difference methods can be particularly useful: for calculating the effects of conditions, such
as high angle of attack, where the linearized theory methods cannot produce useful results.
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CONCLUDING REMARKS

Comparison of experimental pressure data with predictions based on four theoretical methods indicate
that all of the methods will yield satisfactory loads data at moderate angles of attack. At moderate
angles of attack the methods of Mildleton and Woodward cen provide reasonable estimates at M-ch numbers
higher than those usually associated with linear theory.

Only the shock-fiiting finite-difference method ylelds satisfactory loads estimates at high angles of
attack where the other methods examined are unable to pradict lower surface pressures Reasonable estimates
of upper surface pressures at high angles of attack were obtained by linear theory when pressures were con-
strained to vacuum pressure or a perxcentage of vacuum. The results hold promise that wlth further develop-
ment finite-difference methods can meet the need for aerodynamic load prediction at high apgles of attack.
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TANGENT WEDGE
® OPLIQUE-SHOCK RELATIONSHIPS
® INTERACTION NEGLECTED

MIDDLETON

LINEARIZED THEQRY
UNSWEPT VORTEX LATTICE
MARCHING TECHNIQUE
SUPERPOSITION

WOODWARD .
® LINEARIZED THEORY
@ SWEPT TRAPEZOIDAL PANELS
©® SIMULTANEOUS SOLUTIONS

FINITE OIFFERENCES:
® EXACT INVISCIO EQUATIONS
@ CONTINUOUS SURFACE SHAPE
® MARCHING TECHNIQUE
® SURFACE ond FIELD DATA

Figure 1. Prediction methods considered.
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Based on the potential theory, an iterative singularity method was developed which
yields the pressure distribution of symmetric wing-body configurations in the non-
linear angle of attack range at subsonic speeds. The body is axis-symmetric and of
finite length. The wing is infinitely thin and located at mid-wing position.

“%

% The following mathematical model was used.
% Wing: Lattice method, free vortices partially inclined to the wing plane by q”/Z.
'g'
ﬁ Body: Ring sources over the body surface
Ky Theoretical results show good agreement with wind tunnel tests.
a3 NOTATION
4 -
4 a Angie of attack X Distance between local force
8 and moment reference point
& ] Inclination angle of the
x free vortices a; Fourier coefficient
3 (i = 0,1,2,...
3 Ma Mach number
3 r Vortex strength
Ueo Free-stream velocity
CZ Normal force coefficient
5 XyYs2 Rectangular coordinates (_ Normal force)
¥ h 3
; > Polar angle 9w °R
‘ u,v,w Velocities in x-, y-, z-directions C, Pitching moment ( %ET%?% )
oo R
v, v Velocities in tangential .
i ¥ "M a0d meridian directions Cp Pressure coefficieut
; Ac Pressure difference between
%0 Dynamic pressure P upper and lower wing surfaces
g Intensity of the ring
. sources at ¥ = 0° Subscripts
‘ ©0 Free-stream condition
q. Intensity of the ring
N sources (i = 0,1,2 «.. ) W Wing
B Body
E D Maximum body diameter 1 Local
o i L Body length P Panel
L. B 1 Wing chord v Vortex
DL E C Panel control point
C e
o i SR Reference area e Exposed wing
oos B r Body local radius FC Fourier coefficient
i
* The work is sponsored by the Ministry of Defence of the Federal Republic

of Germany
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INTRODUCTION

Over the past years large angles of attack have become more and more important as far
as missiles are concerned in consequence of the constantly increasing requiremenr for
greater maneuverability. In the light of this development, aerodynamicists have
endeavoured to establish methods with a view to estimating the total coefficients of
the normal force and pitching moment in the non-linear angle of attack range.
However, investigations permitting the determination of pressure distribution over
the missile surface at large angles of attack are lacking. This paper deals with a
wing-body configuration in the case of subsonic flow and provides information as to
the pressure distribution at the body as well as at the wing. As is well known,
knowledge of the pressure distribution is of importance for the dimensioning of the
missile structure. The pressure distribution then yields the coefficients of the
normal force and the pitching moment for the body, the exposed wing and the total
configuration. In the present investigation wing-bcdy configurations were studied,
the body being of arbitrary thickness but axis-symmetric, whilst the infinitely thin
wing (in mid-wing position) may feature any plan form.

The computing model used is based on singularity distributions which have been
applied successfully by other authors to solve similar problems.

Comprehensive wind tunnel measurements conducted by DFVLR were utilised in order to
test the results of the computing method.

BRIEF DESCRIPTION OF THE METHOD APPLIED

Lat us consider a wing-body configuration according to Fig. 1
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Fig. 1: Tanner wing-body combination {4]

For the sake of clarity we subdivide the computation performed into several steps.

Step 1 Calculation of the wing potential without body influence

It is first assumed that the wing extends up to the body axis. Its plan form area
is divided into several panels and a horseshoe vortex is assigned to each panel.
The bound vortex lies on the 1/4 line, whilst the inclination of the free vortices
to the wing plane can be seen in Fig. 2 (according to the Lattice method,

Hedmann [1% , Lange [2]). The free vortices with the angle of inclination & # 0°
are, as is known, responsible for the non-linnarity of the wing. Computing the
extended wing according to the Lattice method yields the vortex ztrength la of
cach panel.

three types of
horseshoe vortices

Fig. 2: Horseshoe vortices of the extended wing P
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Step 2 Determination of the normal velocities induced on the body
2tep o

In this step the velocities in y- and z-direction are determined for several rody
sections (s. Fig. 3), the velocities being induced by the horseshoe voritices of thez
wing on the body surfacn. These velociiies are computed atv 10 points ¢t the circle.
Due to symnetry, it is sufficient to consider merely the one halt of the circie, for
only the angles of attack and not the angles of sideslip are teken into account. The
rormal velocity Y is determined from ti.e velocities v and w.

B

g*“lwn

200

body points for the
calculation of the
induced velocities

Fig. 3: Sections of the body for the calculation of the induced velocities

Step 3 Approximation of the normal velocities through Fourier's $eries

An important prerequisite for the further computation is the approximation of the
normal velocities induced on the body through the following Fourier's series.

W, (3,x) = g (x) ¢ (x)cosd +a,ylx) cos 2D + aglx)cosI¥ v ... (1)

Fig. 4 gives some examples of this approximation. The number of Fourier teris required
depends on the curve of the normal velocities and can vary according to the positzon
of the body section under consideration. Due to the occurrence of normal velocities at
10 points of each body section, maximally 10 Fourier coeffici..ts can bhe determined.
In the course of computations performed according to this method, it has proved
adequate to use 6 Fourier terms. Increasing the Fourier terms to 10 did not lead in
general to significantly improving the computing results, but increased the computing
time and core storage requirements. The reason for the relatiive nonsusceptibility of
the computing results to the number of Fourier coefficients is that the Fourier's
series approximates the preestablished curve in an alternating manner.

Step 4 Calculation of the body potential considering wing influence

In this step computing the flow at the body is effected according to the method
whereby the surface is covered with ring sources, which was first practised for a
body alone by Lotz [3].

The normal velocities induced on the body by the oncoming flow are compansated for by
ring sources which are attached to eiach body section. Scme examples of the shape of
these ring sources are shown in Fig. 5. A corresponding ring source is necessary for
each term of the Fourier's series.EBq. 1). The intensity of the ring sources follows
from the condition that the sum of all normal velocities must disappear at each point
of the body surface (see next section).

S JO R NARI T
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Fig. 5: Shape of the ring sources for the € Fouxier terms
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when computing the body, the normal ve'ncities which occur on considering the body
withou' the wing must be ccupensated for additionally.

The axial component of the flow (=Ug COS Q) or the vertical component {(=U, sin @),
respectively, are considered by rinyg sources as follows:

q {x) =  (x) cos0d or g (x) = g (x) cos?¥, respectively.

It is evident that the normal velocities occurring in these 2 cases at the body can
be obtained by adding the appropriate coefficients in Egq. 1 as follows:

drix) / ox
Qoqxial 2 Uy COS — 5
C=V1eldrix)/dx) (2)
G == sina 1 .
ICWSS 0o w0 T

The result of the computation in this step is the intensity

g, (x) (i = 0,1,2,...5) of the ring sources.

Step 5 The angle-of-attack distributicn on the wing considering body influence

The potential of the ring sources induce velocities at the wing in x, y and z~direc-
tion. The velocities in x and z-~direction (u and w) lead to a change in the local
angle of attack a, at the wing. The following relaticns apply to the wing alone:

Uoo SiNGeo
a, = a, = const. or tang = W ; T 7Fe |
{ had Q=< Uqo COSGoo (3)

The induction of velocities by the body yields

R & NG -
Ugo COSGoe + U ® (4)

The local angle of attack ul(x, y) is determined for the control point of each wing
panel.

Step 6 Calculation of the wing potential considering body influence

Step 1 is now repeated with the changed angle~of-attack distribution, which yields
2 new intensity rp of the horseshoe vortices.

Steps 2~6 are subsequently repeated until no further change to the body sources or
to the wing vortex potential can Le determined. The convergence behaviour of this
iterative process is extremely good, so that this process can be interrupted after

3-4 steps. Thus the potentjal of the wing horseshoe vortices and of the ring sources
are knowne.

Step 7 Pressure distribution over the body and the wing

When the individual potentials are known, the velocities in peripheral direction v
or in meridian direction v, can be determined at each point of the body. Azcording
to the prerequisites, the normal velocities should disappear. Thus the pressure
coefficient Cp is yielded as

Cp 6,3 = 1- (3 vyx22702 + T vptxd¥u2) (s)
or )
X . 2
C,(x,3) = 1-{lv {x)sinds... +v (x}sin53 -U,, sina, sind+vy (x,3}]7U
P { “2rc ’ Yrc o= e oy X Vs
’[Vmuzc"‘)"'m () cosd+ .ue o¥pm . [X)c0S5Y + Uee (sin@oc0sd drlx] +1)
2FC ]7' (el dx)z dx
2 2
. vmwv(x,a)r] /U, } . (6)
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Determining the pressure difference ACp on the wing is simpler. It is yielded from
the relation

1
AC,Ixy) = T, [xy) m4m———— . (7)
pto 4 -
w (xe %) Ueo
Step 8 Determination of the total coefficients

The integration of the pressure distribution over the body surface yields the
coefficient of the normal force of the body

L orix) 4 cosd 6d dx

L
c == sign (cosd) C, (x,d) . (8)
Z p™
8 SR 0/ oj Vistartxzax) 2

Analogously for the coefficient cf the pitching moment

L n .
Cr = X canicosd) f[ Cp (%, _cos¥dd dx

0 b Vislartxax)?

With regard to the ccefficient of the normal force of the wing, the Acp distribution
is integrated only in the range of the exposed wing

(9)

) s )
C.LW = -§-E- j‘ f AC, (x,y) dx dy . (10)
e
D/2 0

Analogously for the coefficient of the pitching moment

2 s lly)
meexgéa //’Acp(x,y)i dxdy . (11)
D20

Since the pressure coefficients at discrete pointz are known and are not available in

analytical form, effecting integration in the Egs. (8 + 11) can be replaced by
quadratures.

The coefficients of the wing-body config iration are composed additively of the shares
of the body and of the expitsed wing.

REMARKS CONCERNING THE BASIC MATHEMATICAL APPROACH AND THE CONVERGENCE QF THE METHOD

Several works, e.g. Hedman [1] for the linear angle-of-attack range and Lange [2]

for the nonlinear one, have described in detail the wing calculation using the Lattice
method which from the mathematical point of view is comparatively simple. It therefore
does not seem necessary to repeat the basic mathemnatical approach.

The Lotz method [3] for calculating a body with the aid of ring sources distributed

over its surface is much more difficult from the mathematical viewpoint and less known.
It is based on the solution of a Fredholm integral eguation:

2
- !dd’M/dX') ' ¢ ¢ . { ) » !
2n q;(x)l/ lv(dr(x)/dx)i r{x’) cosi¥ [f-r(x)cos(o-m-—;-x—x—(x-x)] d¥dx

3

z-Wy(x,¥)

1/7:(—)()2 + r(x)2+ r(x‘)2 = 2r{x) r{x') cos (¥~ )
i20,1,2, ... 5. (12)

where g (x) 1s the function to be found.
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The right side of this equation represe~ts the distribution of the normael velocities
over the body surface. A total of b such integral equations is produced through the
approximation of these normal velocities by means of 6 Fourier terms, Eg. ( 1 ).

The numerical solution of equation ( 12 ) calls for substituting 2 gulygon for the
body contour, the condition of tangen%ial flow being fulfilled in the middle of each
polygon side (Fia. 6).

As far as the solution of equation ( 12 ) is concerned, special care must be taken to
determine the singular points. To this end, the Kernal function must be approximated
in the vicinity of the singular points with the aid of Taylor series. In this way
terms are obtained which can Le integrated analytically and result in finite values.

When performing the calculations, the number of wing panels and of body sectlions was
varied. It was found that 60 sections are gererally sufficient for the body, whereby
said sections must be distributed very densely in the nose region. An increase in the
number of body sections, does nc longer resuit in any appreciable improvemen*: of the
calculated results.

As far as the wing is concerned, appcox. 10 panels in span direction and 5 in chord
direction are sufficient. The free vortices of the panels in the body area are located
in the wing plane. The panels located completely outside the body region feature Iree
vortices inclined by a, /2 with respect to the wing plane.

From the physicel point of view the assumption that the free vortices leave the wing
at an angle of @x/2 is not quite correct. Therefore, the computing programme includes
the angle of inclination as a free parameter. No variation of this angle has so far
been effected.

The effect of the Mach number has been considered by applying the Prandtl-Glauert Rule
to the wing~body combination.

ntrol  sections

i

— e e
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Fig. 6: Approximate representation of the body

COMPARISON OF THEORETICAL RESULTS WITH TESTS

The results of the present theorefricai method were examined using appropriate experi-
mental data obtained from DFVLR [4], [5].

The wing-body compination subjected to experiment is shown in Fig. 1. Fig. 7 illustrates
the coefficients of normal force C, and pitching moment C_ as a function of the angle

of attack. For high @, , the valugs established theoreti@ally are slightly lower than
those obtained from tests. The deviation can be explainad by the lack of two body nose
vortices in the theoretical model. Presently, the model is being improved by taking
these vortices into account. Fig. 8 shows pressure difference AC_ for specified
sections of the exposed wing. Here, large deviations of measured Bata from theory are
evident in the vicinity of the wing tip. They suggest that a concentrated vortex is
generated on the upper surface of the wirg. This phenomenon cannot be described
accurately with the present theoretical model, which is based on the assumption that the
free vortices separate from the wing 3t @, /2 with respect to the wing plane.

In Figs. 9 and 10, the C_ distribution over various bady meridians is shown for two
angles of attack. - P
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for the geometry of the combination see Fig. 1
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1‘ for the geometry of o A o) DFVLR tests
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10} 10} 0t
AG a_n4’ a_=10° g 5°
e ° ° \Q—u~.9_ﬂ=‘ i
0 LN < Fummaaar! 0 = 0 - .
0,5 .’l‘_ 1 05 -’l‘- ! 0,5 -i's-
01 10t 0T
° o o
\; M o o wﬂ
0 oy 0 — 2. 0 =,
0t 101tq 10t o

10t m]L ° 104

101} 104 104+

Pig. 8: Load distribution on the exposed wing

theory
Comparison between theory and tests ] tests




15-10
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PREDICTION METHOD FOR STEADY AERODYNAMIC LOADING
ON AIRFOILS WITH SEPARATED TRANSONIC FLOW

by

P. G. Thiede"®
Vereinigte Flugtechnische Werke-Fokker GmbH
D 2800 Bremen, Hilnefeldstrasse 1-5, Germany

SUMMARY

A method is outlined for transonic flows on airfoils, extending the boundary layer
concept to regions of flow separation by coupling a viscous boundary layer solution
with an inviscid external flow solution iteratively. For viscous flow in the separated
region an inverse integral method is developed, defining the surface pressure as a depen-
dent variable with a prescribed streamliine angle at the boundary layer edge. For the
inviscid flow, a finite difference method is used, which satisfies the complete transon-
ic equation.

Two coupling schemes with different boundary conditions for both the interacting
flow fields are considered:

1., Tangential coupling along the boundary layer displacement thickness
2. Tangential and normal velocity coupling along the boundary layer edge.

The above method was verified with tests on a two-dimensional bump in a transonic
duct, and on a circular arc transonic airfoil, for which results of the Navier-Stokes
gsoluticns have been published. Resuvl’s indicate that with the second boundary condition
the present method is accurate enough for practical purposes provided that the separat-
ed regions have a mcderate exte.sion.

NOTATION
a speed of sound Mach nunber
2 s";d o) static pressure
o dissipation coefficient, o
Pe Ve r recovery factor
2T
k w
e skin friction coefficient, " R Reynolds number
p pressure coefficient 8,n orthogonal coordinates along the surface
Hy, shape parameter of velocity profile, T temperature
___6_.;5.______1 u,v  veloccity components in s,n-coordinates
1--)d X
°S ( "‘) n X,y Cartesian coordinates
H21 shape parameter of velocity profile,
28 du,
056 L (1_ Lan 8 pressure gradient parameter, w ;E—
(1 &)an
o Ve 5 boundary layer thickness
H31 shape parameter of velocity profile,

S 5[5 [

oS- B

3
8y displacement thickness, oS (1- —fu—)dn

Pe ug

5 pu
53 84 momentum thickness, 05 ;,—‘-;.—(1——“%-)40
Hy, shape parameter, —_—
1 nergy thick 6—&[1‘(L)z]‘"
) , 55 energy ckness, ,J 375 Uy
Hy, shape parameter, _6—2— )
L u I
. i +(1-7 )¢
" shape parameter, 1. by density thickness, f .,'(1 p.) n
31 %
H4'1 shape parameter, _:_L 9 streamline angle
1 length ' ¢ty transformed s,n-coordinates
eng ’
é
K=l 442 v I du
m Mach number coefficient, =M B pressure gradient parameter, . = (1—;‘,‘;)“

L
Dr.-Ing., Department of Aerodynamics
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p density Subscripts
r shear stress e edge of boundary layer

¢ correction coefficient for compressi- equ equilibrium concition
bility transformation,
w wall surface

1 1 0y
e (Wo 70_(1 - '3:) dn '1) ) boundary layer thickness

61 displacement thickness
¢ potential function

oo free stream condition
¥ stream function

INTRODUCTION

The knowledge of steady supercritical airfoil flows is an important instrument
for the calculation and design of transonic wings because of the complexity of transonic
wing flows.

The difficulties in predicting the aerodynamic loading of thick rear-loaded super-
critical airfoils for transonic flows, especially at off-design conditions, arise due to
their sensitivity to viscous effects resulting from both shock and pressure induced
separation and their interaction with the potential flow -~ cf, Pearcey et al. (Ref. 1)
and Kacprzynski (Ref. 2), see also Fig. 1. However the existing viscous transonic flow
calculation methods (Refs, 3, 4 and 5), wherein the boundary layer displacement thickness
is superimposed to the airfoil contour producing an equivalent shape to repregent the
boundary layer displacement of the inviscid streamlines, are limited to weak viscous-
inviscid iateractions and hence exclude separated zones.

Therefore, considerable efforts were made for the calculation of separated flows
in the past few years, concentrating mainly on the following two areas:

1. Solving the complete Navier-Stokes equations.
2. Solutions incorporating boundary layer concepts.

Although the Navier-Stokes solutions (Refs.6, 7) represent the direct and exact
way for the solution of stronj interaction cases, the computer costs are still far too
high for engineering applicacions. In contrast the boundary layer concept is more
economical, although for every case a control of the boundary layer assumptions is ne-
cessary. Results of separated flows from Ghia et al. (Ref. 8) and Murphy et al. (Ref. 9)
for specific examples wherein the boundary layer assumptions are approximately satisfied,
show that the boundary layer concept gives results comparable with the complete Navier-
Stokes solutions.

In the last few years, considerable success was achiev=d,beginning with the
pioneering contribution of Lees and Reeves (Ref. 10), in treating the separated supersonic
laminar flow as a boundary layer problem. However, the technigue of locally considering
the interaction between the viscous and inviscid flow due to the hyperbolic nature of
the inviscid supersonic flow field, resulting in regular solutions of the boundary layer
equations for the separated regions, cannot be utilized for subsonic or transonic flows, as
pressure at any point of the elliptical inviscid flow is dependent on the entire airfoil
the pressure at any poirt of the elliptical inviscid flow is dependent on the entire air-
foil displacement distribution. For the subsonic case,Catherall and Mangler (Ref. 11) were
pressure is prescribed, can be avoided by using an inverse solution procedure, wherein
the displacement thickiiess or wall shear stress distribution is prescribed and the pres-
sure is deduced from the resulting solution.

The calculation of separated turbulent boundary layers has not yet achieved the
comparable accuracy of the laminar case for three main reasons:

1. The estimation of the Reynolds stresses becomes very difficult with deviations
from the equilibrium condition.

2. A suitable family of separated turbulent welocivy profiles must exist as re-
ference.

3. A suitable compressibility transformation must be imputed.

An inverse integral method presrribing the will shear stress distribution was
developed by Kuhn and Nielsen (Ref. 12) for predicting separated turbulent boundary
layers, fails however in the shock region.

For the calculation of the comvlete supercritical airfoil flow field, it is
necegsary to incorporate a description cf the inviscid transonic flow. A very effective
iterative procedure can be obtained combining an inverse boundary layer method with an
inverse inviscid calculation method, in which the pressure calculated from the inverse
hcundary layer solution is prescribed anclogue to the incompressible flow procedure of
Carter and Wornom (Ref. 13).

SRR mprize y
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However, due to the absence of a suitable inverse method for inviscid transonic
flow, a direct inviscid method was first used by Klineberg and Steger (Ref. 14) to
develop an iterative procedure for separated laminar flows and later, for the corres-
ponding turbulent case at transonlic speeds by Tai (Ref. 15). The results of the calcula-
tion of turbulent transonic viscous-inviscid interactions from Tai are not quite satis-
factory as a result of inaccuracies caused by the small-disturbancy approximations of
the inviscid solution and the thin airfoil boundary conditions as well as the insuffi-
ciencies of the reverse flow velocity profiles of the boundary layer solution.

THe present paper describes an iterative procedure for transonic airfoil flows
with strong viscous~inviscid interactions including separation zones by combining a
turbulent boundary layer solution with an inviscid solution. For the separated turbulent
boundary layer flow, an inverse integral method is developed, prescribing the streamline
flow angle,by using the similar solutions of Alber (Ref. 16) for the reverse flow velocity
profiles and an empirical relation for non~equilibrium flows. For the inviscid flow the
finite difference method of Klevenhusen (Ref. 17) is used, which satisfies the complete
transonic equation in curvilinear coordinates and fulfills the exact boundery conditions,
In separated regions the coupling of the interacting flow fields is tested with the
following two boundary conditions:

1. Tangential coupling along the boundary layer displacement thickaess.

2. Tangential and normal velocity coupling along the boundary layer edge.

f A numerical matching procedure for separated regions is devn:loped introducing the
; second boundary condition. Finally the complete matching procedure is applied to viscous
N transonic airfoil flows with both shock and/or pressure induced separation, considering
L primarily flow cases without circulation.

é ANALYSIS

- 4

¥ Viscous flow solution

% Assuming the validity of the boundary layer approximations, the separated flow

5 on airfoils can be treated as a boundary :ayer problem. For the iterative calculation

3 of the viscous transonic airfoil flow it appears most effective at the present moment

= to apply the parametric integral technigue for the boundary layer solution, emphasised

3 by the better information available about the reverse flow velocity profiles than of the
§ turbulence structure in the separated case.

? The integral relations, evolved from the boundary layer conservation equations for
4 stationary two-dimensional compressible flows are for

:

moment

Lt o

¥

..ﬁzq(“j_«__M;) Sy dve o L

! ds s, Ue ds 2 , (1)
g moment of momentum

> 4, 8 2\ 03 due -
% G (325 -M)g -0 =0 (2)
é‘ and continuity
& ds,

pr —-(6—61)3%-“1(/’9 Ue) ~-tand, ~0 (3) |

In regions of weak interaction the continuity equation is approximated by

dby

tan !’. - gs (4)

and therefore uncoupled from the remaining equations (1) and (2), which satisfy the
description of the boundary layer. Here the boundary layer is computed by a standard
procedure (Refs, 18, 19 and 20), prescribing the pressure distribution from the inviscid
outer flow solution. In the standard procedure, the shape parameter function of the
velocity profiles imputea a saddle~type singularity at the separation and reattachment
points, which is avoided by an inverse solution procedure, prescribing the displacement
thickness or the wall shear stress distribution and defining the surface pressure as a
dependent variable, For the solution of the complete viscous equation system (1) - (3)
in the strong interaction case, it is more advantageous to define the streamline flow
angle at the boundary layer edge dg.
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For the inverse solution procedure the integral equations (1) - (3), introducing
the inverse shape parameters Hal, H51' Hgl and Hz,, are transformed into:

dHy | 1+HR(2-Me?) 1 dM Hh 48 _ &
n L . -
as T T4m, Me s + 5 ds 7%, (5)
HR dHR | 2HD +HR(3-MA) 1 gMe . MR 98 _cp
dH}, ds 1+m, Me ds 5, ds 5 (6)

Holi-M2) 4 oM L dé tan d,

-— el 1 T 1S9
t+mg Mg ds * & ds & n,

see Ref. (21). Taking into account that the van Driest relation between temperature and
velocity profiles (Ref. 22)

—T.r’—-|+rme[l-(§;z] (8)

is valid also for separated flows, reduces the compressible boundary layer integral
quantities, appearing in the integral eguations (5) - (7), to incompressible ones.

The solution of the viscous equation system with a prescribed streamline flow
angle at the boundary layer edge ., requires the following relations for a one-para-
metric family of turbulent reverse Flow velocity profiles:

~ shape parameter functions Hy, (Hyy), gg%% (Hyy) s Hgy (Hyy)

~ compressibility transformation coefficient W(Hzl, Mg)
~ skin friction coefficient cg, (Hy)
i

~ dissipation coefficient cp (H,,),
i

for which the lower branch similar solutions of Alber (Ref, 16) are used as a basis,
Fig. 2. The above relations, evaluated in Ref. 23, are also valid for separated non-
equilibrium boundary layers, excluding hcwever the dissipation law, wherein the history
effects must be considered. From